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PREFACE
 
This report presents the results of a study of a 1972 Venus Flyby/Entry 
Probe Mission, primarily aimed at improving man's knowledge of Venus and 
its atmosphere. Atmospheric measurements are obtained from complementary 
entry probe and flyby probe experiments, trapped radiation and magnetic 
field experiments, and multiple wavelength radiometric measurements of the 
planet are part of the flybyjmission. The entry probe mission terminates 
at impact. 
The study was initially oriented to selection of a preferred mission and
 
defining the system and subsystem functional requirements. As the study
 
progressed, the study objectives were modified to examine several alternate
 
missions to compare their cost, effectiveness, and development requirements.
 
Alternative missions which favored the flyby probe experiments, particularly
 
the RF occultation experiments, and which favored the entry probe, particu­
larly low entry velocities to reduce the heating rates, were evolved. Vari­
ous combinations of science payloads and flyby and entry probe configurations
 
were studied and their impact on cost and effectiveness defined.
 
The final report consists of four documents:
 
1. Technical Report
 
2. Mission Definition Supplement
 
3. Entry Probe Synthesis Supplement
 
4. Flyby Probe Synthesis Supplement
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The Technical Report is divided into Books I and II. Book I contains 
the Introduction, Mission Definition and Entry Probe Synthesis; Book II 
contains the Entry Probe Aeroshell Technology Study Addendum, Flyby 
Probe Synthesis and Program Schedule, Cost, Effectiveness.and Risk Summary. 
The Supplements contain detailed supporting information evolved during 
the course of the study and only partially summarized in the Technical 
Report. Copies of the three Supplements may be obtained by request
 
from the Jet Propulsion Laboratory, Pasadena, California.
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SUMMARY 
Three candidate Mariner Venus 1972 Missions have been evolved, using an Atlas
 
SLV-3C/Centaur launch vehicle, a modified Mariner Mars 1969 spacecraft and
 
an entry probe capable of entry from the approach trajectory. The first
 
mission, optimizes the Venus encounter geometry favoring the requirements
 
of the flyby experiments and particularly those of the RF occultation experi­
ment; hence this mission is designated the Best RF Occultation Probe Mission:
 
both direct link and relay link configurations have been considered. The
 
second mission, the Minimum Flyby/Entry Probe Mission, minimizes the cost
 
and program development requirements by reducing the science payload, and
 
mechanization complexity and selecting launch and arrival dates that result
 
in the lowest entry velocity commensurate with launch energy requirements.
 
The third mission favors the entry probe, employing an enhanced science pay­
load on the entry probe and the same low entry velocity launch period as for
 
the Minimum Flyby/Entry Probe Mission; this mission is designated the Best
 
Entry Probe Mission.
 
The system requirements for each mission are defined including: the entry
 
probe ballistic parameter required to deploy instruments above the cloud
 
tops, the stowed configuration requirements for launch, the flyby probe maneu­
ver requirements necessary to separate the entry probe, the flyby and entry
 
probe communication link requirements, the aerothermal environments due to
 
Venus entry, and the science experiment operation requirements. There are
 
eight baseline experiments for the entry probe; composition (mass spectro­
meter), temperature, pressure, density, scale height (accelerometers),
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scattering (photometry), impact, and speed of sound measurements. There
 
are seven baseline experiments for the flyby probe; magnetic field, trapped
 
radiation, UV, IR, microwave and RF occulation measurements. A key struc­
tural interface exists between the flyby and entry probe due to the Centaur 
shroud constraints on the launch configuration. The Minimum Flyby/Entry Probe 
Mission considered a sufficiently small entry probe, 43 inches in diameter, 
that the existing adapter could be used and no articulation of the flyby 
probe elements are required. The Best Entry Probe Mission, with a larger
 
payload (including a radar altimeter) has a 48 inch diameter entry probe, 
requiring small modification to the launch adapter. The Best RF Occulation
 
Mission, with a 54 inch entry probe, requires a significantly larger adapter
 
and articulation of the low gain antenna on the flyby probe. A number of 
system requirements stem from the mission peculiar constraints, including:
 
a nose mounted rocket for the entry probe for the Best RF Occulation Mission
 
as opposed to a tail mounted rocket for the other missions, a second articu­
lated low gain antenna on the flyby for the Best RF Occulation Mission versus
 
a single body fixed low gain antenna for the other missions, and high entry 
velocities for the Best RF Occulation Mission, 38,670 fps versus 35,800 fps
 
for the alternate missions. 
Communication link performance and mechanization analyses for the entry probe 
indicate that a direct link is favored due to the high surface pressures of
 
the Venus atmosphere which causes a long descent time. Long descent time
 
f&vors a direct link, but aggravates the relay link mechanization require­
ments as the line of sight essentially goes from horizon to horizon. The
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relay link can be improved at the cost of complexity or design compromise;
 
examples include a large deployable antenna on the flyby and/or an entry
 
probe with a large ballistic parameter. A direct link was selected although
 
such a selection constrains the entry probe targeting to the vicinity of the
 
subearth point, since evaluation of the science benefits derived from target­
ing indicated no particularly strong targeting requirements.
 
Entry probe configurations were studied parametrically, considering a family
 
of spherically blunted or sharp cones quantized with 30, 45 or 60 degree
 
cone (semi apex) angles. The study results show that the 30 degree cone
 
is unfavorable due to its (1) higher ballistic parameter, (2) smaller ratio
 
of roll to transverse moments of inertia, and (3) sensitivity to spin up due
 
to asymmetries during entry. The 60 degree cone packaged in an optimal man­
ner and has the lowest M/gDA, but the critical nature of its dynamic stability
 
requires partial despin prior to entry. 
At the high entry speeds for the
 
Best RF Occulation Probe Mission, the 60 degree cone was found to have large
 
radiation heating rates on the cone, whereas for the lower speed Minimum
 
Mission, the 60 degree cone has low convective and radiative heating rates,
 
admitting the use of a low density ablator such as Avcoat 5026-39 HC/G that
 
is being used on Apollo; hence the 60 degree cone was selected for the Minimum
 
Flyby/Entry Mission to capitalize on existing technology. The 45 degree
 
cone, with a nose radius, 25% of the base radius was selected for the Best
 
RF Occulation Probe Mission and Best Entry Probe Mission, as it favorably
 
compromised the competing requirements of ballistic parameters, stability,
 
radiative heating, ratio of roll to transverse moment of inertia, packaging,
 
and response to winds and gusts.
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Flyby probe configuration studies resulted in a high gain antenna location
 
on one of the solar panels due to the competing view angle requirements of 
the large 3 cm wavelength microwave spectrometer/amager antenna and the high 
gain antenna for the Best RF Occulation Probe Mission. The subsystem modi­
fications required to adopt the Mariner Mari 1969 spacecraft are presented. 
A second articulated low gain antenna is required for the Best RF Occulation 
Probe Mission in order to maintain communications during the course of the 
entry probe release maneuver. The RF subsystem is shown to have adequate 
margin for all communications modes during the entire mission using the 
85 ft DSIF antenna with one exception, that during the course of the entry 
probe release maneuver, the 210 ft DSIF antenna must be specified to insure 
link integrity with the lw gain antenna. From the flyby probe point of 
view, key development areas are the combined multi-frequency Microwave/Spec­
trometer/Imager and a non-cryogenically cooled IR Spectrometer. Additional 
flyby simplification could result if flight qualified digital recorders were 
developed with a higher bit packing density. 
Results of Mission effectiveness and cost analyses are presented which in­
dicate that the Best RF Probe Occulation Mission is the most effective and
 
costly mission, and as expected the Minimum Flyby/Entry Probe Mission is 
the least costly and effective mission. The major result of the cost ef­
fectiveness study is that cost reduction by reducing the complexity and size 
of the flyby science payload is preferable to entry probe payload reduction 
as the effectiveness is most dependent on the entry probe experiments. 
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Glossary of Symbols*
 
(Units given where invariant.)
 
C3 - Canopus - probe (spacecraft) - near limb of Venus angle employee
 
to define Venus centered Canopus occultation zones 
Cf - Local skin friction coefficient 
Cp- Specific heat, Btu/lb-OF 
CPV, Twice the total energy per unit mass and defined by C3 =V2 
DLA - The declination of the outgoing asymptote of the escape lyperbola 
EPV - Earth - probe (spacecraft) - near limb of Venus angle 
F - Normalized injection rate; F = 
GP- The angle between the incoming arrival hyperbolic - excess 
velocity vector VHp, and its projection onto the target planet's 
orbital plane 
H - Total enthalpy, Btu/lb 
H - Effective heat of vaporization, Btu/lb 
M - Mass, Mach number, molecular weight 
M/CDA - Probe ballistic parameter 
N - Number density, particles/cc 
P - Pressure; spin rate 
qclqs - Local and stagnation point convective heat rate, Btu/ft2-sec 
qR -
Qc,QsQr 
ra ­
-
Radiative heating rate, Btu/ft2-sec 
Integrated heating (same notation as heat rates), Btu/ft
2 
Aim point of the incoming approach hyperbolic - excess velocity 
vector defined by ra = rp 1 + 2) v 
rpV2 
re - Communication distance 
rE -
Rex -
Probe entry radius defined as 6500 km 
Reynolds number based on boundary edge 
distance from the stagnation point 
conditions and streamline 
RN - Nose radius 
rp- Spacecraft periapsis radius 
ro - Spacecraft/probe range from Venus at time of probe separation 
* local usage can supercede this glossary when so noted 
-ii­
(Glossary of Symbols continued)
 
SG1 

SG2 

SPV 

tf ­
-

tSEE 

tL 

u 
VHL -
VHp V 
W -The 
p 
x -
X -
ZAE -

ZAP -
E ­
9op -

Av ­
-
tE 

V-

YE -
The semi-major axis of the error ellipse formed by projecting
 
the three-dimensional error ellipsoid onto the T-R plane
 
The semi-minor axis of the error ellipse
 
Sun-probe (spacecraft) - near limb of Venus angle employed to
 
establish the Venus centered Sun occultation region
 
Flight time from launch to encounter 
Probe lead time defined as the spacecraft time from periapsis
 
at probe ehtry into 'the atmosphere
 
Spacecraft time from periapsis passage at probe release
 
Local streamline velocity
 
The launch hyperbolic excess speed
 
The hyperbolic excess speed at Venus
 
total spacecraft/entry probe weight
 
Streamline distance from stagnation point
 
Axial coordinate from nose
 
the Earth - probe (spacecraft) - Venus angle several days prior
 
to encounter
 
the Sun - probe (spacecraft) - Venus angle several days prior 
to encounter 
probe entry angle defined as the angle between the entry velocity
 
°
 vector and the local horizon where entry angles greater than -90

indicate the probe and spacecraft are flying by opposite sides of
 
the planet
 
the thrust application angle defined as the angle between the
 
approach asymptote and the probe deflection velocity vector
 
gravitational parameter of Venus taken as 324583.4 km3/sec 2
 
range angle traversed by the probe from separation to entry
 
uncertainty in entry time produced by perturbations in the
 
separation parameters
 
magnitude of the probe deflection velocity
 
uncertainty in the entry angle produced by perturbations in
 
the separation parameters
 
-lii­
(Glossary of Symbols continued)
 
-1
 
spectral absorption coefficient, cm

_­
- wavelength
 
microns; also absorption coefficient
 
-
density, slugs/ft3
 
0FC - communication angle between axis of entry probe antenna and 
line of sight from entry probe to receiver
 
+ W + + E (for direct link)9FC = @D 
D- contribution to 0FC due to entry angle dispersion 
@ - contribution to @FC due to winds 
E- plane-to-centric range angle between impact point and sub-Earth point
 
L45E - uncertainty in the range angle produced by perturbations in 
the separation parameters 
if - elevation angle below which communications is considered 
impossible 
O - angle of attack envelope value 
- boundary layer thickness 
boundary layer mass - defect thickness 
A- effective displacement thickness 
shock stand-off distance 
transpiration factor 
C- semi-apex cone angle; also communication angle 
effective cone angle 
mean standard deviation; also absorption cross section 
- stand off distance normal to body normalized by nose radius 
-liii­
Subscripts
 
c - coolant, cone or convective heating 
E - conditions at entry (entry radius defined as 6500 km) 
e - conditions at edge of boundary layer 
V - conditions at wall 
o - zero injection conditions 
s - stagnation point 
i - refers to i th specie 
IV. ENTRY PROBE
 
AEROSHELL TECHNOLOGY STUDY ADDENDUM 
4.0 ENTRY PROBE AEROSHILL TECHNOLOGY STUDY ADDENDUM
 
4.1 	 Study Scope and Objectives
 
The study consisted of five key technology areas:
 
(1) Prediction of aerothermal environment
 
(2) Prediction of material performance
 
(3)Failure mode identification
 
(4)Define preferred materials candidates
 
(5)Development testing simulation.
 
The technology areas noted above are multidisciplined in many respects, involv­
ing aerodynamics, thermodynamics, stress analysis, materials, and test; however,
 
the emphasis on the study lies in the thermodynamics area. The objectives of
 
the study include,
 
(1) An assessment of the uncertainties in the technology areas and of
 
their effects on material selection and heat shield performance.
 
(2) Comparative performance of candidate materials.
 
(3)Recommended thermal and mechanical material property specifications
 
necessary for a direct Venus entry.
 
(4)An assessment of the limitations of ground and flight testing and a
 
recommended heat shield materials ground test/simulation plan.
 
4.2 	Aerothermal Environment
 
4.2.1 Study Criteria
 
The flow field analyses were performed for a-flight condition
 
selected early in the mission study. The selected flight condition is 36,243 fps
 
at an ambient density of 4.3 x 10-6 slugs/ft3, and the mixture selected for
 
detailed study was a 50 percent C02, 50 percent N2 combination. The choice of
 
the flight condition was made to coincide closely with the point in a trajectory
 
where the maximum ultraviolet line and continuum radiation was predicted.
 
The results are applicable to the final reference design heating for the Best RF
 
4-1
 
Occultation Mission which is for the AV-4 atmosphere, an M/CDA of 0.475 slugs/ft'
 
an entry velocity of 38,250 fps and an entry angle of -60 degrees. The peak
 
UV radiation component occurred at 37,600 fps and an ambient density of
 
6
2 x lO- slugs/ft3; at 36,243 fps, the density was 4 x 10-6 slugs/ft3 and the
 
UV radiation was 75 percent of the maximum value.
 
The flow field analyses considered a family of cones with semi-apex angles
 
of 30, 45, and 60 degrees, which were either sharp cones or blunted with a
 
spherical nose radius 25 percent of the base radius.
 
4.2.2 Sharp Cone Analysis
 
Sharp cone solutions were obtained using Feldmansi constant density
 
hypersonic approximation for the shock layer, which has been found to compare
 
well with exact concial flow solutions. The resultant conical shock angles
 
were computed parametrically as a function of the shock density ratio and the
 
species concentrations in the shock layer were obtained and are given
 
Table 4..l for the selected flight conditions.
 
The sharp cone calculations provide useful information for inter­
preting blunt cone solutions, as for small bluntness the bow wave afigle and
 
surface pressure distributions should approach the sharp cone values asymptoti­
cally. The pressure coefficients on the cone surface are,
 
Cone Angle Pressure Coefficient at Surface
 
30 .496
 
45 1.00 
60 1.50
 
As can be seen, the pressure coefficients are well predicted by Newtonian
 
theory; there is less than one percent variation in pressure across the shock
 
layer.
 
4 
TABLE 4.1 
Sharp Cone Inviscid Shock Layer Results
 
Cone Angle (deg) 30 45 	 60
 
Shock Angle (deg) 30.83 46.55 	 62.74
 
Pressure (psf) 1404 2827 4241
 
-4  
Density (scf) .851xi0 .844xi0"4 .858xi0-4
 
Temperature (deg.K) 4477 6971 8291
 
Speed of Sound (fps) 4531 6150 7651
 
Molecular Weight 24.30 18.63 15.05
 
Number Density of
 
Species (molecules 1cc)
 
e-	 1.354x11 3 -1.45x101 5 1.05xl016
 
8
.76xi012  
C 1.15x101 7  3.08x101 7 
CN 4 .51x1012  4.14x101 5  2.74x1 5 
CO 3.65xo IT  2.43xlOl7 5.05x1 6
 
C02 1.79xi015 .74x1013  1.47xi012
 
C 2.35x107 1.62xi013  2.51xlO13
 
6.31xl0 15  3.94x1l7 6.67xi017 
NO 1.69x1016 3.87x101 5  l.70xlO1 5 
N02 3.00xl011 7.21x l 09 2.22xi09 
N2 3.55xio 7 l.62x1017 3.38x10
6 
N20 5.37x10f 1.2ixlOll 2.82x10 
1 ° 
0 3.36xlo7 4.80xi01 7  6.87xio7 
02 	 5.99xi01 5 1.31xlO 4 8.78xi01 5 
C+ 	 i.15x108 9.40x1O14 8.78xi0i5
 
CN+ 	 6.01xi03 6.86xi0I0  3.66xi011 
CO+ 
 2.llxlO0 1.04x1014 1.60xlOl 4 
N+ 
 6.51xio7 5.12xI0!3 7.09xlO14
 
1 3  
NO+ 1.35x0o 2.89x1014 2.63xi014
 
N2 + 2.69xi08 5.23xl0- 2 1.35xl013
 
0+ 
 7.93x109 6.08xl1o3 5 ,78xi014
 
I I	 I I02 	 1.09x101 0 3.22x0 8.18x10
The flow Mach number behind the shock is:
 
Cone Angle Flow Mach Number Behind Shock
 
30° 6.9 
450 	 4.1 
.600 
 2.1
 
The high flow Mach number behind the shock for the 600 cone indicates that
 
on a spherically blunted 600 cone the bow shock layer consists of mixed
 
(subsonic-supersonic) flow. The shock angle corresponding to Mach 1 is
 
76 degrees, and further indicates that on the blunted 60 degree cone, the
 
sonic line traverses the whole length of the cone and the subsonic region is
 
quite ,restricted.
 
The species concentrations indicate-that C. N, 0 atoms are the most 
populous on the 60 degree cone, C, N2, C, N, 0 on the 45 degree cone, and CO, 
N2, 0 on the 30 degree cone. 
4.2.3 	Blunt Cone Analysis
 
Blunt body solutions for the 30 and 45 degree cones were obtained
 
using the inverse method of Lomax and Inouye2'3 and the method of character­
istics coupled in Avco computer program 1646D.
 
An exact solution for the hypersonic flow field about a blunt 60 degree
 
cone presented difficulty because of the transonic character of the flow over
 
the entire forebody. It was necessary, therefore, to devise a:semi-empirical,
 
semi-analytical approach to the problem, taking full advantage of all existing
 
information on this body. A pressure distribution was furnished by Mr. P.J.
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Bobbitt of NASA/Langley for a solution at Madh 10 and constant ratio of specific 
heats of 1.22 (ideal gas). The shock shape was obtained from a NASA/Ames
 
Schlieren photograph of a hypersonic flow field in a 50 percent N2 , 5Q percent
 
CO2 atmosphere. In addition, Avco computer progrdr 1646D was utilized to
 
obtain streamlines in the nose cap using the proper atmospheric mixture.
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Beginning with these stre&mlines, a simple streamtube analysis, using the
 
continuity equation, was performed.
 
The forward portions of the shock shapes are shown in Figure 4.1. The 
stagnation point shock stand-off distance is approximately five percent of the
 
nose radius. Also shown are the asymptotic limits for each shock shape., For
 
the 60 degree cone, the shock angle rapidly converges to 630 with little evidence
 
of over-expansion. This value compares well with the sharp cone value, computed
 
as 62.740. 
The 45 degree cone shock shows a more pronounced over-expansion
 
region. The asymptotic limit of the 46.5 degrees is virtually identical to the
 
sharp cone value of 46.55 degrees.' The 30 degree cone shock exhibits somewhat
 
unusual behavior in that a large gas cap forms forward of the over-expansion
 
region and the limiting angle of 31.50 is relatively far from the sharp value
 
of 30.80. No entirely satisfactory reason for this behavior has been found;
 
the computer program (1646D) is known to be quite accurate. It is believed that
 
the dissociation chemistry may affect-the flow in this region.
 
Pressure distributions for the three blunt cones are shown in Figure 4.2.
 
Also indicated are the sharp cone levels for reference purposes, as are the
 
mid-cone ordinates. The 45 degree and 30 degree cone pressure levels approach
 
the sharp cone levels rather slowly, whereas the 60 degree cone distribution,
 
which is subsonic over'the entire cone, shows the expected fall to the sonic
 
pressure level at the shoulder. The shock layer temperature profiles for the
 
three cone mid-points and the common stagnation point are plotted in Figure 4.3.
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Also shown are the sharp cone values. The 30 degree cone temperature profile
 
is seen to wander due to the compression-expansion system occurring. On the
 
45 degree cone, the expansion system has been essentially damped out, and the
 
high temperature region is confined-to the entropy layer. 
A two part temper­
ature profile is seen to be a good approximation and was assumedto synthesize
 
the 60 degree cone flow field. 'The entropy layer was defined by balancing the
 
mass flow through the nose shock with entropy layer mass flow and a uniform,
 
high temperature layer was obtained. 
The outer portion of the flow was then
 
taken as the equivalent sharp cone condition. The over-expansion region, being
 
small in extent, was ignored. As shown, the entropy layer also effects a very
 
small portion of the flow field, but must be considered in radiation calculations.
 
The thermodynamic properties at the stagnation point are shown in Figure 4.4
 
as a function of shock standoff distance. The parameter is the ratio of
 
distance from and normal to the body, divided by the nose radius. 
Pertinent
 
stagnation point values are:
 
Ps = 5482 lbs/ft2 = 2.59 atm. 
?slo = 16.9 
T s = 113710 K 
The chemical concentrations, shown in Figure 4.5 are essentially constant
 
across the stagnation region.
 
Figures 4.6 a,b and 4.7 a,b show the thermodynamic and specie profiles across
 
the shock layer normal to the surface of the 30 degree and 45 degree blunt
 
(RN/RB = .25) cones at the mid-cone point. The 60 degree cone flow field was
 
divided into two temperature layers as discussed above; the resultant thhrmo­
chemical data for each layer is given in Table 4.2.
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Figure 4.7b Specie Concentration Prof±te-Ar-_n the Shock Layer of' a 1450 Blunt Cone 
60 DEGREE CONE INVISCID SHOCK LAYER R.ESULT 
Table 4.2. 
Distance from Body, 0 _7 l.0125 .0125 7 ! .153 
pressure (ib/ft2 ) 
density (slugs/ft 3 ) 
4560 
.61xlO- 4 
4241 
.858x10-4 
temperature (degree K) 10,800 8291 
Number density of specie 
mlecules/cc e-
in 
7.3xl116 105x016 
C 2.3x107 3.08xlO17 
ON !. 6xo 2.74xi015 
Co 
C02 
8.4xlO14  
4.4x1O 9 
5.O5xlO 5 
1.47xlOi2 
C2 
N 
2.2x1012  
5.4xlO17 
2.51xlO1 3 
6.67xlO1 7 
NO 1.4x1014 15 
N02 5.9xl0 2.22x109 
N &.5xiol5 3.38x1016 
0~0 2t.4x109 2.82x1010 
0 5.5x017 6.87x107 
01.8x10 3 7.71xo113 
C 5.2x1016 14:6x+ 3.60 
1 
8.78x10153.66xi0 I I 
CO+ 5.7xi013  1.60xlOl 4 
N+ 1.3xl0l 7.09xi014 
NO+ 9.1xlO13  2.63x1014 
N2+ 
0+ 
1.3xl013 
8i4xl1 5 
1.35x I01 3 
5.78xi01 4 
02+ 1.3xlO12 8.18x10I I 
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4.2.4 	Discussion of Flow Field Results
 
The blunt 60 degree cone results are felt to be of particular
 
significance as the shock shape indicates that the sonic line traverses the
 
whole length of the forebody. The over-expansion and subsequent recompression
 
of the flow in the shock layer of the 60 degree cone downstream of the nose
 
cap will cause a boundary layer disturbance locally. As the amount of subsonic
 
flow is so small, it is not clear how the -flow behaves and it is suspected
 
that it may well be unsteady with the possibility of an imbedded transonic
 
zone downstream of the nose cap. It is recommended that experimental testing
 
be performed at high shock density ratios (say 20) to assess the stability of
 
the flow.
 
The detailed over-expansion and recompressions downstream of the nose cap are
 
bothersome as their effect on heating and stability is not clearly understood.
 
An analytical study of alternative nose shapes, possibly having continuous
 
second (or higher) order derivatives, is recommended to see if these effects
 
can be eliminated by a modest shape change.
 
4.2.5 	Boundary Layer Analysis
 
The flow field results provide adequate information to compute
 
the boundary layer thickness, displacement thickness and laminar heat transfer
 
distribution. Table 4.3 containsthe boundary layer results, based on laminar
 
flow and local similarity. Correlations-of transport properties for the mixture
 
of interest given by Van Tassel5 show that they are close to air up to 80000K. 
Table 4.3 ­
30 Degree Cone Boundary Layer Results 
X/RN Pe/Ps 9eUe* " Rex(1O-6 ) Mach qd/q %(in.) Remarks 
0 1.00 0 0 0.00 1 0.162 Stag PT 
0.1953 0.570 0.43 0.03 1.00 0.72 0.210 Sonic PT 
0.50 0.197 0.28 0.03 1.78 0.35 0.432 Tangent PT 
3.22 0.250 0.32 0.15 1.64 0.22 0.69 Mid-cone 
5.94 0.260 0.33 0.26 1.61 0.17 0.88 End of cone 
* lbm/ft2-sec 4-17 
The local Reynolds number (Rex) and boundary layer thickness (S) are given 
for a 54-inch diameter body and a wall temperature of 20000K. 
In order to obtain at least a crude estimate of the rotational flow effects on
 
the boundary layer and heating, the boundary layer edge coordinates were located
 
within the calculated inviscid flow field and the momentum, 9 U, calculated.
 
The results are given in Table 4.4.
 
Table 4.4 
30 Degree Cone Boundary Layer Interaction Estimates 
x/R. ?U/9eue 
0 1.0 
0.1953 1.8 
0.50 1.95 
3.22 6.25 
5.94 6.05 
The results show that the local Reynolds number can be markedly higher, up to 
a factor of six, and the local heating can vary up to a factor of 2.5. The 
crude manner of estimating the interaction effects shows a potentially serious 
boundary layer interaction, due primarily to the high flight Mach number and' 
low M/CDA vehicles which lead to low Reynolds numbers. The case for the 30 
degree cone is not as bad as might appear from the results above, as the 
selected flight conditions were for a low M/C0A (o.6 slugs/ft2 ) vehicle, whereas 
the 30 degree cone has M/CDA's on the order of 2.5 slugs/ft2 with concurrently 
higher Reynolds numbers by a factor of 4 and lower boundary layer thicknesses 
by a factor of 2, at peak heating. 
The results of boundary layer analyses on the blunted 45 degree cone are shown
 
in Table 4.5.
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Table 4.5 
45 Degree Cone Boundary Layer Res----
X/RN Pe/Ps 2 eUe Rex(10-6 ) Mach qc/qs £ (in.) Remarks 
0 1.00 0 0 0.00 1 o.162 Stag Pt
 
0.1953 1.57 0.43 0.03 1.00 0.72 0.210 Sonic Pt
 
0.30 o.'41 0.39 0.033 1.27 o.61 0.36 Tang Pt
 
1.95 0.52 0.42 o.14 1.10 0.33 o.66 Mid-cone 
3.33 0.52 0.42 0.24 1.10 0.25 0.86 End of cone
 
Examining the flow interaction as before at the midpoint and endpoint, we find,
 
at these two stations,
 
X/R 9 eUe 
1.95 5.2
 
3.33 4.7 
The 45 degree,cone exhibits a considerable interaction effect on the local Reynolds 
number and laminar heating. 
Boundary layer results for the 60 degree cone are shown in Table 4.6. 
Table 4.6 
60 Degree Cone Boundary Layer Results 
X/RN Pe/Ps eue Rex(10 6 ) Mach qc/qs (in.) Remarks 
0 1.0 0 0 0 1 o.162 Stag Pt 
0.134 0.78 0.34• .019 0.62 0.81 0.166 Tan Pt
 
1.15 o.83 .. 0.55 0.38 0.44 Mid-Cone
0.31 084 

2.15 0.57 0.43 .214 1.00 0.34 0.49 End of cone
 
The rotational flow effects for 60 degree cone were estimated by a
 
stream tube analysis which indicates that the mid and end points correspond to
 
streamlines entering the conical shock region, whereby we have
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1.15 	 4.5 
2.15 	 3.25 
The rotational flow effects are further reduced on the 60 degree cone compared
 
to the 	other two cases.
 
4.2.6 	Discussion of Boundary Layer Study Results 
It should be emphasized that the flight conditions selected corres­
pond'to a case for M/CDA = 0.627 slugs/ft2, entry angle ZE = -500, entry 
velocity of 38,250 ft/sec, and the time of peak (radiative plus convective) heat 
rate. This peak rate occurs slightly before peak laminar heating. 
Sizeable effects of flow interaction have been noted, affecting the 
local Reynolds number and the transition time, and the heat rate. Further, 
more refined theoretical studies considering the matching conditions at the edge
 
of the 	boundary layer and supporting test studies are needed in the very high
 
speed regime, i.e., 30,000 fps.
 
The effect of increased convective heat rate on the aeroshell weight
 
will be attenuated, fpr the selected configurations of 45 and 60 degrees have
 
significant radiation on the side of the cone which causes blockage of the
 
convective heating during ablation.
 
The potential boundary layer interaction effects due to the small 
(25%) bluntness of these shapes is of concern. Increasing the bluntness as on 
the Minimum Probe Mission has a powerful effect on the interaction problem; it 
can be readily hown that the entropy gradient normal to the surface is inversely 
proportional to the square of the nose radius. Because of the high radiative
 
and convective heating rates, the effects of ablation on the flow field are of
 
concern,-as the injection of ablation products into the boundary layer will
 
perturb the flow field.
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The effect of ablation is to increase the displacement thickness, as
 
= + 7: 1 
____ CL 
where 
Is. = effective'displacement thickness 
* = usual mass-defect thickness 
?www.= injected mass flux per unit area
 
eue = mass flux per unit .area at edge of boundary layer 
x = coordinate along streamline 
The effective shape, or cone angle is then,
 
eeff = '4c + d%* + ?wuw 
In the case of no injection,6* is much less than the boundary laye
 
thickness; local similarity solutions indicate that it is about 10 percent of 
the boundary layer thickness-. 'Inspection of the boundary layer results given 
above indicates that d&*/dx is small, in the order of one degree. The effect ­
of ablation will clearly be small for material with a high thermochemical heat
 
of ablation such as carbonaceous materials; for example, for carbon phenolic
 
at high enthalpy the convective heat of ablation is approximately IH where
 
(transpiration factor) is o.76 and H = 20,000 Btu/lb and the heat of
 
vaporization is ll, 400 Btu/lb.so~the material is effective for-both the convec­
tive and radiative components. -A the stagnation point the convective heat
 
rate is 3350 Btu/ft2-sec. The radiation heating contribution as deduced from
 
correlation of experimental data is 1550 tu/ft2-sec, combined with the'UV
 
prediction of 982 Btu/ft2
_seA totals 2532 Btu/ft2

-se_.see Section 4t2.7).
 
The weight loss rate at the.stagnation point is estimated by
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wu = qR + qc e -NH qR/Hvq c 
and is 0.27 lbs/ft2-sec, the bulk of this from radiation due to the blockage
 
of the convective mode. On the side of the cone, the weight rate loss rate
 
will be less, and so wthuw e- .027, which corresponds to C 1.5 degrees increase 
eUe 
in the cone angle. 
No serious flow changes are foreseeable as a result of this increase,
 
but rather a perturbation to the drag and heating.
 
4.2.7 Radiation Heating Analysis
 
4.2.7.1 	Study Objectives
 
The bulk of radiation experiments have been performed where
 
the optical properties of the medium between the source and the detector, and/or
 
the detector itself cut off all radiation below 0.2 . For Mars entry or entry
 
from Earth orbit, the stagnation temperature seldom exceeds 7000°K. At 70000 K
 
the total blackbody radiative contribution from wavelengths less than 0.2$
 
is only 100 Btu/ft2-sec. For the present case, where the stagnation temperature
 
is 11,370°K, the total blackbody contribution for wavelengths less than 0.2
 
has increased to a possible 10,000 Btu/ft2-sec. As the mission studies were
 
handicapped by lack of theoretical predictions in the UV region, emphasis was
 
placed on this portion of the radiation heating problem. Experimental data
 
correlations (Section 3.5.2 ) were used for wavelengths >0.2,A. Three sources
 
of UV radiation were considered,
 
(1) continuim radiation resulting from flow ionization,
 
(2) atomic line radiation resulting from neutral and ionized atoms, and
 
(3) molecular bands, especially CO (4+).
 
4.2.7.2 	Continuum Radiation
 
Definition of the continuum radiation at the stagnation
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point was based upon the thermodynamic"and'thermochemical data cited above. Only
 
the four most populous species were considered, these being the carbon atom and
 
ion, and atomic nitrogen and oxygen. Since the overall object of the study was
 
to determine the UV radiant intensity, it was.hypothesized that consideration of
 
the four species listed would define whether (a) both continuum and line spectral
 
emissions would require consideratfon, or .(b) the continuum radiation would be
 
sufficiently close to blackbody over a portion of the spectrum that line consid­
erations could be narrowed to a lesser range. 
The absorption coefficient was obtained from the product 
of the species number density and-its photo-ionization cross section, 
The cross-s6ction values were obtained from Wilson and Nicolet.°
 
Absorption coefficientsfor C, N 0. and C+ are presented 
in Figure 4.8 over the range of'interest. These values of ,Lresultin the 
intensity values -of Figure 4 . 9 , using a shock stand-off distance,&, of .82 cm. 
Blackbody radiation is also shown in the latter figure. The proximity of the 
carbon continuum to-blackbody radiation below .1 microns insures the validity 
of the blackbody assumption for these wavelengths. For . 11 k e.t. 2 p, the 
total radiation from the species considered is closely approximated by the
 
carbon system. Since these values fall far below the blackbody radiation, the
 
contributions of the strongest lines must be considered.
 
4.2.7.3 	Line Radiation
 
Only the most populous four species were investigated, the
 
atomic forms of carbon, oxygen and nitrogen, and the singly ionized carbon 
atom. Briefly, the analysis is carried out for an infinite slab of radiating 
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gas, .82 cm thick, at a temperature of 11,4000K. The species concentrations
 
are listed below:
 
Species Concentration (particles/cc)
 
2.4 x 1017C 
x lO1 7 N 5.9 
0 6.2 x -017 
+ l1 
7.2 x 1016
C 

e- 1.1 x 1017 
Since it is desirable to be able to predict the UV contribution (below 2000
 
Angstrom units) to the radiiti6n heating by some simple means, and since the 
blackbody expression provides an ideal method for so doing, it is pertinent
 
to inquire how closely blackbody radiation approximates the actual total radia­
tion from the continuum and line spectra of the various constitfents of the
 
gas.
 
As shown above, continuum radiation dominates the ultra-violet spectrum in the
 
0 
wavelength range between 0 and 1100 A. At the latter point the continuum
 
0 
radiation from the carbon neutral atom decreases sharply. At 1250 A, the 
second carbon cut-off occurs, and the total continuum intensity drops by an 
0 
order of magnitude. Below 1100 A, the continuum radiation of all species is 
sufficiently close to the blackbody limit that the smple blackbody expression 
0 o 
may be used to predict radiant heat transfer. Between 1100 A and 2000 A it 
is therefore necessary to consider the line contributions of the various 
species. 
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The total energy radiated by a line from optically thick plasmas depends strongly
 
upon line shape. As the shape is of considerable importance in radiant
 
transfer problems, a computer program has been generated to handle this transfer.
 
Avco has programmed for solution on an IBM 7094 computer expressions
 
which describe the Stark broadening of isolated lines of neutral and singly
 
ionized atoms (i.e., lines f om levels where components with different orbital
 
momenta are well separated) in terms of their intensities and absorption
 
coefficients. Pressure broadening, which is much less important for conditions
 
of interest is ignored. The model for collisional dominated conditions is based
 
on line profiles which include the more important interactions (as those between
 
radiating systems and plasma ions' or electrons) and include effects caused by the
 
presence of'electric fields. The expressions utilized in the program are given
 
below.
 
4.2.7.3.1 Line Profile
 
With the quasi-static approximation for ions, the line profile
 
for Stark broadening is given as:4
 
where W(T) is the electron impact half (half) width; W(P,T) is the ion field
 
strength distribution function at neutral points or singly charged ions; $ is 
the ratio of the electric field strength produced by the perturbing ions to 
the normal field strength for singly charged ions;c<QT) is an ion broadening 
parameter; and x is defined as: 
(2)
x =( -),o - d) 
22
 
*Details can be found in "Plnsma!Se~trosco'py," by H.R. Griem, McGraw-Hill, 1964. 
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where jC) is the electron-impact shift and is the wavelength of the
 
line in question.
 
4.2.7.3.2 Emission Coefficient
 
The emission of a bound-bound transition in an optically thin gas is 
in terms of power per unit volume solid angle and wavelength interval: 
- A L =,T) (3) 
where L (0,T) is the line profile, A is the transition probability for spon­
taneous emission and Nu is the density of atoms or ions in the upper state of 
the line. Assuming LTE, the upper density term may be related to the total 
density 'N of atoms or ions by employing the proper Boltzmann factor. In 
addition, the spontaneous emission transition probability may be expressed in 
terms of the absorption oscillator strength 'f'. With these-substitutions, 
equation (3)can be rewritten as: 
2r)hC 'nL L'T)e%-P (4)r* 
where the constants ki ro, h and c have their usual meaning; N(T) is the total
 
number density; f is the absorption oscillator strength; gL is the statistical
 
weight of the lower state of the line; u(T) is the internal partition function
 
of the atoms or ions; Eu is the excitation energy of the upper state of the
 
line; and T is the absolute temperature.
 
.2.7.3.3 Absorption Coefficients
 
The effective absorption coefficient, i.e., the difference between
 
true absorption and induced emission coefficients in a spectral line is:
 
' t- NL -&%N. (5) 
where NL and Nu are respectively the number densities of the lower and upper
 
G-i 
states of the line, and 0_a and are respectively the absorption and induced
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emission cross sections. In LTE, it can be shown that
 
y.1 /7:T (6) 
where e is the emission coefficient and I. is the familiar Planck's blackbody 
function. Hence, for collision-dominated plasmas in LTE: -
K'..@L t &,r xQ)yr~ -F IT 
4.2.7.3.-4 Total Emission and/or Effective Absorption Coefficients
 
The above mentioned computer problem has been programmed to read
 
from tape the free-free, free-bound results of a continuum program. This
 
previous program has been modified slightly to yield continuum absorption
 
'as well as the continuum emission coefficients'as a function of wavelength.
 
The present line program is capable of superimposing its results onto the
 
continuum and thus provides a spectrum of total emission and/or absorption
 
coefficients.
 
This program was used to compute the line contributions of carbon neutral, 
which is the greatest source of line radiation in the wavelength range 
1100 !! 2000 A.The required data for the lines and multiplets .was 
obtained from references 6 and 7. Only the strongest contributors, as set
 
forth in the NBS report, were considered. Of the oxygen lines, only the
 
- 0­
1305 A multiplet system was investigated. The carbon ion radiation, amounting
 
0
 
to only one multiplet around 1335-A, was not investigated.
 
Although theoretical solutions provide a convenient means of determining the
 
unknown spectral intensities, no theory has been sufficiently adequate to
 
duplicate experimental results in every case; It is therefore worthwhile to
 
rely as much as possible on test data. Fortunately, a considerable effort
 
has been expended by J. Morris and R. Krey of Avco in determining the spectral
 
intensities of atomic nitrogen. Their experimental values of normal emissivity
 
have been used exclusively herein in calculating the strong nitrogen neutral
 
lines.
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The contributions of the individual line systems to the radiation heating are
 
shown in Table 4.7. Carbon is seen to produce approximately 70 percent of the
 
radiation. The total contribution of the line systems to the radiant heat
 
transfer is 853.3 Btu/ft2-sec, in the UV wavelength range from 1100 A to
 
0
 
2000 A. From the -previous section which presents the continuum radiation,
 
0

the contribution of the continuum radiation between zero and 1100 A is 110.5
 
Btu/ft2-sec. The total radiation in the UV range is, therefore, 963.8 Btu/ft2-sec.
 
Total blackbody radiation for this range of wavelengths is on the order of
 
'104 Btu/ft2-sec, and this assumption is, therefore, not adequate for predicting
 
radiant heat transfer in planetary atmospheres.
 
The mission parametric analysis assumes a fraction of blackbody
 
0 
radiation, specifically, the portion below 1440 A, for the UV contribution.
 
For this particular temperature, this value is 2000 Btu/ft2-sec or a factor of
 
two larger than the theoretical estimate.
 
The spectral radiation intensity profile in the UV region is shown
 
in Figure 4.10. A sample line profile is shown in Figure 4.11, for an oxygen 
multiplet.
 
4.2.7.4 Co (4+) Radiation
 
Three methods for evaluation of the CO (4+) radiation were
 
investigated. The first two give values of total radiation intensity. The
 
third includes the effects of self-absorption with a fairly simple mathematical
 
calculation procedure.
 
The K-B-F Method: This method was first proposed by Kivel and Bailey in 1957.10
 
It was later modified by Flinn1l for the particular band system of interest.
 
The emissivity per unit thickness is expressed as
 
- CiNi-Ti/T ( T -ni (8) 
5.4 x 1019 (04
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Table 4.7
 
LINE AND MULTIPLET RADIATION HEATING
 
Wavelength( 
(A) 
J f Upper 
Energy(eV) 
Half-Half 
Width) 
Heating 
Inctement 
(BTU/ft2-sec) 
SPECIES: CARBON NEUTRAL CI 
126o.75 0.0 .02 9.836' .oo1946 
126o.9o 0.0 .066 9.836­
1260.96 1.0 .o64 9.836 
1261.12 -2.0 .086 9.835 
1261.40 1.0 .011 9.836 
1261.56 2.0 .026 9.835 41.7 
1277.15 1.0 .078 9.709 .oo1616 
1277.27 2.0 .058 9.710 
1277.40 1.0 -.02 9.709 
1277.62 3.0 063 9.711 
1277.77 2.0 .012 9.710 
1277.80 1.0 .00075 9.709 45.5 
1328.88 1.0 .2o8 9.332 .0000475 
1329.10 1.0 •053 9.332 
1329.10 0.0 .0696 .9.332 
1329.10 2.0 •0857 9.332 
1329.58 2.0 .155 9.332 
1329.58 1.0 .0513 9.332 19.8 
1459.05 1.0 .000746 9.762 .00235 2.5 
1463.33 3.0 .0625 9.738 .002241 37.0 
1470.20 3.0 .o142 9.699 .oo454 25.6 
1481.77 2.0, .011 9.632 .001998 13.3 
1560.31 1.0 .283 7.947 .0002232 
1560.70 2.0 .20 7.948 
1560.70 1.0 .071 7.948 
1561.29 2.0 043 .7.948 
1561.30 1.0 .0028 7.947 
1561.40 3.0 .24 7.947 92.0 
1656.26 2.0 .08 7.489 .001005 
1656.92 1.0 .026 7.484 
1657.0 2.0 .027 7.489 
1657.37 1.0 .035 7.484 
1657.89 0.0 .045 7.481 
1658.11 1.0 .105 7.484 142.8 
1751.90 1.0 .0748 7.686 .00338 91.0 
1764.0 1.0 .0031 9.714 .006553 7.5 
1765.0 1.0 .ol41 9.709 .006553 19.6 
1930.93 1.0 .0729 7.686 •oo76 63.0 
2' 
TOTAL CARBON CONTBIBU ION 601.3 BTU/ft -see.
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Table 4.7 continued 
Upper Half-Half Heating
Wavelength

0 	 Energy Width Increment
 
(A)___ _ _ _ __ _ _ __ _ _ _ (eV) (A)___ _ ft -se__ __ 
SPECIES:. OXYGEN NEUTRAL, Ol 
1302.17 1.0 .031 9.51855 .000394 
1304.87 1.0 .032 9.51855 
1306.04 1.0 .031 9.51855 	 49.7
 
TOTAL OXYGEN CONTRIBUTION = 49.7 BTU/ft 2 -sec. 
SPECIES: NITROGEN NEUTRAL, NI 
Wavelength 	 Emissivity Emissivity Heating
 
(A) 	 @ 13200°K @ ll1400°K - Increment
 (j/ft 2-sec)
 
1134 .39 .28 6.0 
1143 .185 .15 3.4 
1163 .28 .2 5•0 (Nitrogen 
1168 	 1.0 1.0 25.6 Data at 
i176 .465 .35 9.4 5xlo'7 
1200 1.0 " 1.0 30.2 Atoms/cm2 ) 
1243 .51 .36 13.2 
1310 .142 .11 5.2 
1319 .75 .51 24.8 
1411 .058 .o4 2.6 
1492 .485 38.3 
1742 	 .23 38.6 
TOTAL NITROGEN CONTRIBUTION = 202.3 BTU/ft2 -sec. 
TOTAL LINE RADIATION = 853.3 BTU/ft 2 -sec. 
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where 
Ni = species concentration (molecules/cc)
 
T = gas temperature (OK)
 
Ci,n i = empirical constants from experiment
 
Ti = energy of emitting state, °K.
 
For CO (4+), Flinn gives these values as
 
Ci = 2.27 x io5
 
Ti = 93,000°K
 
= 4
ni 

The oscillator strength (f-number) implied by the above value of Ci is .01.
 
In this study, a value of .15 has been used for f since it is 
now generally
 
popular in the literature. It is noted, however, that Wentink1 2 . et al have 
- reported f .19, for the ground state. 
By dividing both sides of the above equation by the moledular 
concentration of CO, an expression for specific emissivity results which is
 
purely a function of temperature. The specific emissivity is plotted in
 
Figure 4.12. Thus, knowing the molecular concentration, temperature, and gas
 
layer thickness (in centimeters), the total CO (4+) radiation intensity may be
 
calculated (based on an optically thin layer).
 
Such a development ostensibly omits self-absorption. However, the
 
constants involved are derived from test data, and may include this effect to
 
some extent. 
(MOT) Curve-Fit Method: 
The second method is based on the curves presented-by 
Myer, Ohrenberg6r, and Thompson (MOT) 1 3 . CO molecule concentrations given in 
Reference 13, were used to effectively universalize the radiation intensity
 
results in terms of composition and collapse-them to the envelope presented in
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Figure 4.13. The effects of self-absorption, given in charts13 for an 85% N2-­
15% C02 mixture indicate that because of the high velocity at the flight condition
 
studied, the self-absorption is negligible; however, at lower speeds (lower
 
temperatures) self-absorption is important.
 
Hoshizaki and Wilson: Hoshizaki and Wilson14 present an expression for obtain­
ing the absorption coefficient:
 
6 .-1 7 1 .11 o - 8.25\2A2 .- Tx l f NOexn( 1 24 x 1 
 (9) 
where At is the wavelength in centimeters. Figure 4.14 shows a plot of Ax 
versusL for the vehicle stagnation point conditions. The intensity at any 
wavelength is computed from 
-L (10) 
where $t6is the blackbody value. A comparison of the parabola with that
 
presented in Reference 13 shows very good agreement for f = .15. Each-of the
 
three methods were applied to the stagnation point of the vehicle, assuming an
 
infinite slab of radiating gas, equal in thickness to the standoff distance
 
(.82 cm). The resultant values of radiation heat transfer to the stagnation
 
point were as follows:
 
=
Kivel and Bailey/Flinn - qR fI.; Bu/rT -see
 
=
Myer/Ohrenberger/Thompson 
-qR 29.6 Btu/ft 2-sec (absorption
 
neglected)
 
Hoshizaki and Wilson - qR= 37.0 Btu/ft2-sec
 
The agreement between the K-B-F and the M-O-T values is striking. However,
 
at other conditions the two do not agree within 50 percent. The CO (4+) uv
 
radiation is ±nsignificant for the stagnation point, at the high temperatures
 
(ll 0 K); at lower temperatures ('o70oo0 K) the carbon monoxide molecule con­
stitutes a large fraction of the gaseous system and will produce a considerable
 
amount of radiation.
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4.2.7.5 Other Considerations
 
The radiation contribution for wavelengths X'7 0.2,u was
 
found"by scaling experimental data,(15 16 17 18 ) assuming the shock layer to
 
be optically thin in this wavelength region. The small'continuum photon cross
 
sections given in Reference 6 for wavelengths 7 0.2 three orders of magnitude
 
smaller than the UV values, support the optically thin approximation. The
 
results for line radiation from afr, given by Allen(19). at a coriesponding
 
temperature and density show a linear dependence of the radiation with shock
 
layer thickness up to 10 cm, and hence the assumption of an optically thin
 
layer for wavelengths >0.2 V does not appear to be unduly conservative. The 
radiation contribution for wavelengths ' 0.2y is predicted to be 1500 Btu/ft 2-sec 
based on experimental data. The results of Allen(19) indicate that roughly
 
half of this radiation is due to line radiation and half is due to continuum
 
radiation.
 
. The total energy in the flow is 1,v 3 and for the present
 
case is 67000 Btu/ft2-sec, and the total radiative heat rate loss from the
 
flow is less than one percent of this value, and so the energy coupling is small.
 
Comparison of the present results with those of Allen(19)
 
for air is shown in the table below, for <0.2
 
Radiation Heat Rates, Btu/ft2-sec
 
Present Allen1 9
 
lines 853 460
 
continuum 115 110
 
Total 968 
 570
 
The carbon lines apparently contribute more heavily to the present mixture
 
resulting in close to a factor of two increase over the air predictions.
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4.2.7.6 Heating Distributions
 
The mission studies indicated that the low M/CDA compact
 
configurations were more favorable as opposed to the 30 degree cone. The
 
temperature profile across the shock layer of the 45 degree cone approaches a
 
step function, and for ease of computation this was used; similarly for the
 
60 degree cone.
 
As seen above, on the 45 degree cone, a hot layer at 10,4000E
 
and 0.02 cm thick-exists near the surface at the mid cone point. To estimate
 
the heating at the mid cone point, the parametric study for line radiation
 
(2c.2 y) from air (Ref. 19) was utilized, which considered the effect of layer
 
thickness, temperature and density on -the line radiation, and yields a factor of
 
15% of the stagnation point line contribution magnitude. For the continuum
 
there is also an order of decrease and this becomes negligible.
 
On the 600 cone, the results are similar as the thickness
 
of the higher temperature layer is small; the oblique shock layer temperature of
 
8200°K will yield negligible UV radiation (Ref. 19 predicts about a 2 orders of
 
magnitude decrease in the UV in going from 11,400 to 82000K).
 
The radiative contribution at wavelengths larger than
 
0.2 p was found from experimental correlation as normal shock stagnation point 
data qR( ? ,vL)and can be recast as (optically thin) (see Section 3.5.2 for 
correlation with data) 
%, pl1 4h2 .12A (11)
 
where P and h are the static pressure and enthalpy which define the state of
 
the gas. Dividing the shock layer into 'N' iso-enthalpy layers, the distribution
 
is approximated by (optically thin)
 
QZ (12)
 
For a two layer approximation, the 45 degree cone result is, at the mid-point,
 
= 0.30, or 450 Btu/ft2.sec
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The 60 degree cone, using a similar calculation, yields \' = 0.77, or 
1150 Btu/ft2-sec.
 
The CO (4+) radiation is of special interest as the lower temper­
atures on the side of the cone promote an increase in CO concentration. Using
 
the MOT correlation discussed above (optically thin)
 
Aq~* --- (13) 
%qe (t/A NAca)j~~c£ N 0 
Applying the above approach, using the flow field data calculated yields for 
the 45 degree cone, the ratio of radiative heating from the CO (4+) band, 45 
degree cone 
and the 60 degree cone
 
The mid-cone locations.are shown in Figure 4.2.
 
4.2.8 Discussion of Radiation Heating Study
 
The flow field results on the conical shapes considered indicate
 
that the high temperature (entropy) layer is thin (about 20 percent of the
 
shock standoff distance at the nose) which suppresses the radiative contribution
 
from this layer. In fact, for the small bluntnesses studied, a good deal of
 
boundary layer interaction is predicted in which case much of this layer would
 
be engulfed by the boundary layer. In consonance with the small thickness of
 
the high temperature layer, a large reduction in the line and continuum UV
 
components was observed.
 
The importance of the CO (4+) and contributor was found to be
 
important on the sides of the cones primarily due to the increased particle
 
density of CO at the lower temperatures.
 
Because of the small bluntness, the radiative heating rates appear
 
modest and strong absorption for -20.2P and energy coupling effects are not
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predicted.
 
The supplementary work done on the aerothermal environment
 
indicates that, for the same factors considered, the radiative heating calcula­
- tions used in the mission study are conservative, the amount of conservation 
being greater for the Best Occultation Mission, which,based on the flight
 
condition 	studied indicates a 40 percent factor on the peak radiative rate.
 
Experimental work is needed to develop confidence in the radiative
 
predictions for gas mixtures of high C02 content. In particular, radiation
 
data are 	needed for the UV region.
 
4.3 Prediction of Materials Performance
 
4.3.1 State-of-the-Art Survey 
4.3.1.1 	 Scope of Survey 
The objective of the survey was to provide a comparison 
of existing transient ablation analysis techniques; in particular, to assess 
the methods used to handle the problem areas of prime 'importance to a thermo­
dynamic 	analysis of entry into the Venus atmosphere.
 
The computer codes discussed herein are representative
 
of the available analyses. It is not necessary to describe every program in
 
use 
since the differences are in detail rather than formulation. Some analyses
 
are company proprietary and detailed information is not available. Among the
 
screening 	criteria was the requirement that the analysis and solution has been
 
programmed for at least a second generation digital computer.
 
The survey was limited to one-dimensional transient analyses
 
of charring ablation materials. Multi-dimensional analyses are available, but
 
present 	computer core limitations necessitate rather simplified models.
 
4.3.1.2 	Survey Results
 
In general, the one-dimensional analyses can be classified
 
as belonging to one of three classes; (1) detailed models for the internal
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material response with simplified approximations for the surface boundary
 
condition; (2) convective transfer coefficients with detailed surface chemistry;
 
or, (3)coupled, ablator-boundary layer solutions.'
 
For the first class of analyses, the conventional approach has been
 
to focus attention on the in-depth charring,ablator response, utilizing empirical
 
correlations such as, heat of ablation or-ablation-rate versus surface-temperature
 
relationships or correlations of theoretical solutions (e.g.4 oxidation kinetics)
 
to provide the surface boundary condition. This method has been effective when
 
applied to conditions which do not differ significantly from the test conditions
 
at which the empirical relationships were derived, but there i' no valid basis
 
for extrapolation to other conditions since the highly nonlinear coupling
 
betwen-the various phenomena cannot be scaled. Typical of this type of analysis
 
are programs originated at Avco (Ref. 20), Boeing (Ref. 21), NASA-NBC (Ref. 22),
 
and NASA-LRC (Ref. 23 and 33).
 
A somewhat more sophisticated approach has been to represent the
 
boundary-layer.heat and mass transfer processes by convective transfer coefficients
 
while considering detailed chemical interactions and coupled mass and energy
 
balances at the surface. Because detailed'surface physics can be retained in
 
the formulation, this method is better suited for application at conditions beyond
 
'therange of available experimental-data. However, it is still limited in this
 
regard since the effects of nonsimilarities between boundary-layer profiles
 
cannot be treated precisely. Thus, mass addition, chemical reactions, and
 
multicomponent diffusion effects can be taken into account only in an approxi­
mate manner, and upstream effects, thermal diffusion, and radiation-convection
 
.coupling cannot be considered except, possibly, through correlations of boundary­
layer solutions. Typical of this type of analysis are programs originated
 
at Lockheed (Ref. 24), Vidya (Ref.' 25), and Rocketdyne (Ref. 26).
 
The only coupled transient charring ablation problem which has
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been attempted has been at Aerotherm (Ref.-27-32). The following computer
 
programs have been developed at Aerotherm:
 
a) Charring material ablation program (CMA)
 
"b) Boundary-layer integral-matrix procedure program (BLIMP) 
c) Surface thermochemistry programs 'basedon convective transfer 
coefficients: Aerotherm chemical equilibrium (ACE) and Aerotherm 
chemical equilibrium with selected surface reaction kinetics (ACE-XINET) 
d) Coupled ablator/boundary layer/environment program (CABLE). 
The CMA program can be operated independently for obtaining the in-depth 
response of charring materials for a variety of approximate boundary conditions. 
The ACE and ACE-KINET programs can be operated independently to compute steady­
state ablation of arbitrary material-environment combinations or can be used to 
provide tables of surface-thermochemistry information as input to the CMA program 
for transient charring ablation calculations, again for arbitrary material­
environment combinations. The BLIMP program can be operated independently to 
provide boundary-layer solutions for a variety of coupled, partially-coupled 
or uncoupled steady-state ablation surface boundary conditions. Finally, the 
CABLE program calls upon the BLIMP and CMA programs as subroutines to provide 
fully coupled transient charring ablation and boundary-layer solutions.
 
A comparison of the pertinent features-of the Class I programs
 
'discussed above is shown in Table 4.8. Taking ,into consideration the fact that
 
many approximations to the physics of the problem must be made to use this class
 
of programs, it appears that Avco's Program 1600 is the best among this type
 
simply due to generality and versatility (e.g., the inclusion of in-depth
 
pressure and radiation attentuation calculations).
 
A comparison of the pertinent features of the Class II programs
 
discussed above is shown in Table 4.9. Although this type of analysis is more
 
representative of the physics of the problem, it still requires many approxi­
mations. It appears that the Rocketdyne program is the best among this class
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TABLE 4.8
 
SURVEY OF CLASS I PROGRAMS
 
MODEL AVCO BOEING NASA-MSC NASA - LRC 
1. Internal 
Res-ponse 
a. Class of 
materials 
Any charring or 
noncharring mat-
Any charring or 
noncharring mat-
Any charring or 
noncharring mat-
Any charring or non­
charring material 
erial erial erial 
b. Geometry One-dimensional One-dimensional One-dimensional One-dimensional 
conduction with conduction conduction conduction 
approximations for 
cylindrical or 
spherical shells 
as special cases. 
c. Thermal 
properties 
State and tempera-
ture dependent 
State'and tempera-
ture deptendent 
Temperature 
dependent 
Temperature dependent 
d. Pyrolsis 
Kinetics 
Three independent 
Kinetic reactions; 
thermal equilibrium 
Four independent 
Kinetic reactions; 
thermal equilibrium 
One Kinetic reaction; 
thermal equilibrium
between char and 
Discontinuous density 
change at pyrolysis 
temperature; thermal 
between the char between char and pyrolysis gas as- equilibrium between 
and pyrolysis gas 
assumed 
pyrolysis gas asL 
simed 
sumed char and pyrolysis gas 
assumed. 
e. Internal pres- Pressure distribu- Not calculated Not calculated Not calculated 
sure distribu- tion through the 
tion char calculated 
a posteriori 
using Darcy's law 
TABLE 4.8 (cont.) 
MODEL AVC0 BOEING NASA -MSC NASA - LRC 
d. Radiation 
flux 
Incident flux 
considered to 
pass through 
boundary layer 
without attenu-
ation 
Incident flux con-
sidered to pass 
through boundary 
layer without at-
tenuation 
Incident flux con-
sidered to pass 
through boundary 
layer without atten-
uation 
Incident flux con­
sidered to pass 
through boundary layer 
without attenuation. 
e. Environ-
mental gas 
Arbitrary nitro-
gen-oxygen com­
position 
Air Air Air 
3. General 
a. Backup mat-
erials 
Several nonchar-
ring materials; 
variable thermal 
properties; air 
gaps allowed be-
tween materials. 
Several nonchar-
ring materials; 
variable thermal 
properties 
Several noncharring 
materials ;variable 
thermal properties 
air gaps allowed 
between materials 
Several,noncharring 
materials;variable 
thermal properties 
b. Rear boundary A variety of rearboundary condit- A 
variety of rearboundary conditions 
A variety of rear boundary conditions 
A,variety of rear' boundary conditions 
ions 
a. General inputs All properties can 
be functions of 
state and/or 
functions of time 
distance revers-
ible or irrevers­
ible functions of 
Most properties can 
be functions of, 
stateland/or rever-
sible functions of 
temperature. 
Most properties can, 
be reversible func-
tions of temperature 
S6me properties can be 
reversible functions 
of temperature. 
temperature. 
TABLE 4.8 (cont.) 
MODEL AVCO BOEING NASA-MSC NASA - LRC 
f. In-depth 
radiation 
Internal self 
glowing and 
exponential 
attenuation of 
external radiant 
flux. 
Not calculated Not calculated Not calculated 
g. Numerical 
technique 
Implicit-explicit Implicit finite 
finite difference difference 
Implicit finite 
difference 
Explicit finite 
difference 
2. Surface 
Phenomena 
a. Surface 
cession 
re- Constant ablation Oxidation Kinetics 
temperature; or, with high tempera-
programmed func- ture sublimation 
tion of surface 
temperature; or 
oxidation KineticE 
with high temper­
ature sublimation 
Empirical function 
of temperature 
Constant ablation 
temperature 
b. Mechanical 
removal 
Empirical func-
tion of tempera­
ture 
Tabular input Not calculated Not calculated 
c. Transpiration 
correction 
Exponential func- Tabular function of 
tion of dimension- dimensionless blow-
less blowing para. ing parameter 
meter 
Linear function of 
dimensionless blow-
ing parameter 
Second-order function 
of dimensionless 
blowing parameter 
TABLE 4.9 
SURVEY OF CLASS II PROGRAMS 
MODEL LOCK1EED VIDYA ROCKETDYNE 
Internal Re­
a. Class of 
Materials 
Any charring or noncharring material. Any charring or non-
charring material, 
Any charring or non­
charring material.. 
b­. Geometry One-dimensional conduction One-dimensional con-
duction; cylindrical 
coordinates. 
One-dimensiona 
duction. 
.con­
c. Thermal 
properties 
Functions of state and temperature. Functions of state 
temperature 
and Functions of state 
and temperature . 
d. Pyrolsis 
Kinetics 
Three independent Kinetic reactions: 
equilibrium composition of pyrolsis 
gas calculated, 
One Kinietic~reaction; 
thermal equilibrium 
between the char 
and pyrolysis gas
assumed, 
One Kinetic reaction; 
reaction zone broken 
ihto six components, 
virgin plastic, char, 
reinforcement, solid 
product of char-rein­
forcement reaction, 
stable gas and unstable 
gas 
e. Internal 
pressure 
distribution 
Not Calculated Not Calculated Calculated using modir 
flied momentum equation 
for slow flow thrbugh 
porous media. 
f. In-depth 
radiation 
Not calculated Not Calculated Not Calculated. 
TABLE 4.9 (cont.) 
MODEL LOCKEED VIDYA ROCKETDYNE 
2. Surface 
Phenomena 
a. Boundary Layer Assumpt-
ions 
Equal diffusion coefficients, 
Le=Pr=l , apprdximated by 
Equal diffusion Equal diffusion coefficient 
Le=Pr=l, approxi- Le=Pr=l, approximated by 
transfer coefficients. mated by transfer transfer coefficients. 
coefficients. 
b. Surface recession Limited reaction Kinetics Reaction Kinetics Low temperature reaction 
for C, 0, H,N system. for C, 0, H,N Kinetics; thermal equil­
system. Pyrolysis ibrium at surface at high 
Igases frozen in temperatures for arbitrary 
boundary layer. chemical system. 
0 
c. Mechanical removal Not calculated :Not calculated Shear removal of liquidFlayer. 
d. Transpiration cor- Linear function of dimen- Linear function Linear function of dimen­
rection sionless blowing parameter of dimensionless sionless blowing para­
blowing parameter meter. 
e. Radiation flux Incident flux considered Incident flux Incident flux considered 
to pass through boundary considered to pass to pass through boundary 
layer without attenuation, through boundary layer without attenuation. 
layer without 
attenuation. 
f. Environmental gas Arbitrary nitrogen- Arbitrary C. 0, HN 
oxygen composition Arbitrary C,0, chemical system 
H Nchemical 
system 
TABLE 4.9(cont.) 
MODEL LOCKHEED VIDYA ROCKETDYNE 
3. General 
a. Backup materials Several noncharring materials; 
variable thermal properties, 
Several noncharring 
materials; variable 
thermal properties 
Several noncharring 
materials; variable 
thermal properties. 
b. Rear boundary A variety of rear boundary 
conditions 
A variety of rear 
boundary reactions 
A variety of rear 
boundary conditions. 
c. Special features None None Includes calculations 
of coking reactions 
and char-inforcement 
reactions. 
Mn 
of programs, again, due to generality and versatility (e.g., the inclusion of
 
coking and char-reinforcement calculations).
 
Since, at present, the Aerotherm program is unique, no comparison
 
is available. All of the features of the BLIMP and CMA programs pertiient to
 
the coupled program are retained in the CABLE program. The models employed in
 
the CABLE program are presented summarily in Table 4.10. The operational status
 
of the various aspects of the computational procedure are also summarized there­
in. Certain aspects of the boundary-layer solution cannot be considered fully
 
operational until the procedure is checked out for the wide variety of materials,
 
'environments, and flight conditions for which it is presumably applicable.
 
Some aspects of the ultimate boundary-layer program have not been fully implemented
 
at this time.
 
Specific materials with important additional subsurface events are
 
not well described by any of these programs. Physical events here include coki­
and subsurface char erosion due to interaction with the pyrolysis gas, chemical
 
kinetics of pyrolysis-gas cracking reactions as the gas flows through the char,
 
thick liquid-layer runoff, additional subsurface chemical reactions such as
 
carbon-silica reactions, thermal expansion effects, and mechanical damage to
 
weak chars.
 
It is very important to note that many boundary-layer phenomena are
 
not presently included in the Aerotherm program and may severely limit its use­
fulness until such time as they are available. Among these are: extension to
 
a turbulent boundary layer, inclusion of radiation absorption and emission within
 
the boundary layer, inclusion of general nonequilibrium, inclusion of an entropy
 
layer, and, extension to a non-adiabatic inviscid flow field. For many materials
 
and/or flight conditions none of these-phenomena is important. For other materials
 
and/or flight conditions, the relative importance of these additional aspects
 
has generally not been determined. The importance of these phenomena should be
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BOUNDARY-LAYER-EDGE CONDITIONS 
Phenomena 

a. Flight conditions 
b.. Environmental gas 
c. Chemical state 

d:. Incident radiation 

41from 

I 
e. Ehtropy Layer 

f. Radiation coupled 
inviscid flow field 

TABLE ic4. 
SURVEY OF CLASS III PROGRAMS 
Model 

Transient or steadyrstate;bounaary layer-
edge conditions around the body can be speci­
fied, or pressure distribution around the 
body and either conditions upstream of the
 
shock or local stagnation conditions can be
 
specified.
 
Arbitrary elemental and molecular composi-

tion.
 
General mixed equilibriun-nonequilibrium 

Angular dependent incident radiation 

invispid shock layer
 
Edge velocity allowed to be a function of 

stream function as well as streamwise loca-

tion. 

Total enthalpy allowed to be a function of, 
stream function as well as streamwise 

location. 

Operational Status
 
Fully operational 
Fully operational
 
See Item II (e) 
See Item II (g)
 
Incorporated into program logic, 
but option hasnever been exer­
cised; presently, flow field is
 
considered isentropic or the 
presence of an entropy layer ap­
proximated by assignment of edge 
velocity as well as pressure but 
with zero shear at the boundary­
layer edge. 
Requires rearrangement of some
 
program logic before option can be
 
implemented; presently flow field
 
is considered adiabatic or non­
adiabatic flow field approximated
 
by assignment of total enthalpy
 
but with zero heat flux at the
 
boundary-layer edge.
 
TABLE 4.10 (cont.) 
II. BOUNDARY LAYER 
Phenomena Model 
(a) Boundary-layer type Laminar nonsimilar with discontinuous mass injection 
(b) Nature of solution Numerical procedure capable of yielding accurate 
solutions. 
(c) Body geometry General planar or axisymmetric flow around blunt 
or sharp bodies; three-dimensional boundary 
layers can be approximated by streamtube con­
siderations. 
(d) Chemical system Arbitrary elemental and molecular composition 
(e) Chemical state General mixed equilibrium-nonequilibritm
arbitrary homogeneous and heterogenecr--
with 
r-s 
face) reaction kinetics f, 
o: 
e: 
p
ai 
(f) Transport proper-
ties 
Incorporates bifurcation approximations for 
unequal diffusion and thermal diffusion co-
F 
c 
efficients and approximations for mixture s 
viscosity and thermal conductivity of the ao 
Sutherland-Wassilijewa type. d 
e: 
N 
(g) Radiation absorption One-dimensional radiation absorption and emis- N 
and emission sion with accurate frequency integrations for a 
molecular, ionic and atomic species resulting
from ablation products and their interaction 
a: 
o 
with boundary-layer edge gas a 
L 
TABLE 4 . lo (cont.) 
III SURFACE PIENOMENA 
Phenomena Model Operational Status 
(a) Coupling considerations The boundary layer'and charring ablator One solution as been 6btained; some 
solution fully coupled; transient solution further checkout is required before thf 
at a given streamrise station completed be-. coupling can be cbhsidered fully oper­
fore proceeding to next station. ational for all materials and environ­
ments for which it is presumably appli( 
able. 
(b) Chemical interabctions Chemical reactions between char, pyrolysis, 
gas, and boundary-layer species allowed; 
these reactions are assumed to be in equil-
ibrium except for specified rate-controlled 
reactions. 
Equilibrium operational; some solutions 
have been obtained for selected rate­
controlled reactions. 
'(c) Mechanical remov 
mechanisms 
Each candidate surface condensed phase 
material (e.g. , Sio *, *, Sic*) assigned 
a fail temperature, above which that spec-
jes cannot appear as the surface material 
(this is equivalent to specifying, for 
example, a zero liquid viscosity for SiO2 * 
and zero strength for C* above their re­
spective fail temperatures). 
Operational for those surface materials 
which have been considered; occasionaly 
leads to chemistry convergence diffi­
cilties. 
(d) Other considerations Velocity slip and temperature jump at the 
surface not allowed. 
IV IN-DEPWH RESPONSE OF EX-
POSED (ABLTING), MATEBIhL 
(a) Class of materials Any charring or noncharring material for 
whichthermochemical data are available 
Fully operational 
or can be estimated. 
(b) Geometry One-dimensional conduction but area change 
due to material curvature taken into account 
in a generalized manner, with planar.cylin­
drical, and spherical geometries as special 
Fully operational 
TABLE 4.10 (cont.) 
IV IN-DEPTH RESPONSE OF EXPOSED 
(ABLATING) MATERIAL (Cant.) 
Phenomena Model 
(c) 	Thermal properties Temperature dependent 
(d) 	 Pyrolysis kinetics and Pyrolysis can be specified by three independent 
subsequent internal kinetic reactions; thermal equilibrium between 
chemical events the char and pyrolysis gas assumed; formulation 
-consistent with general pyrolysis-gas cracking, 
the user employing pyrolysis-gas enthalpy as 
function of temperature; char density buildup 
due to coking not calculated.
 
(e) Internal pressure Pressure distribution through the char calcu-

distribution 	 lated a posteriori using Darcy's law with momen­
tum correction, the user specifying char per­
meability as a function of temperature to simu-, 
late char-density buildup due to coking reactions., 
(f) Numerical technique Implicit finite-difference, except that gas gen-

eration is partially explicit.
 
(g) Other numerical con- Variable grid spacing with nodelets used in de-

siderations 	 composition zone. Nodes dropped from rear of
 
ablation material.
 
V IN-DEPTH RESPONSE OF 
BACKUP MATERIALS 
General 	 Several noncharring materials with variable 

thermal properties are allowed, with interfacial 
contact resistance (including air gaps) between
 
materials, and variable rear surface boundary
 
conditions.
 
Operational Status.
 
Fully operational 
Fully operational 
Fully operational
 
Fully operational
 
Fully operational
 
Fully operational
 
defined through well-planned experimentation and post-test model,examination
 
coupled with performance'predictions with the existing computer programs.
 
The general philosophy when using the programs as described in
 
Table 4.8 is to take presently existing data, obtain gross material property
 
correlations and, if necessary, extrapolate to design conditions. The use of
 
the programs as described in Tables4.9 and 4.10 makes the extrapolation more
 
accurate but at the same time complicates the determination of the necessary
 
constants simply because of the number of variables. Indeed it is possible
 
that with presently existing data the programs of Table 4.1 are really the only
 
meaningful type to use for engineering .design purposes since the proper use of
 
the more sophisticated programs would require an extensive amount of additional
 
testing and data interpretation.
 
It is concluded therefore .that while the degree of sophistication
 
required for the design of the Venus probe has not been.defined, the use of a
 
method similar to Avcots'Program 1600 for the design of the Venus probe is
 
compatible with the present state-of-the-art. The use of the more complex
 
mathematical models at the present time should be restricted to the evaluation
 
of the effects of parameter trends rather than to the levels.
 
3.1.3 Summary
 
The survey of computer programs indicates that there are
 
three levels of sophistication starting from methods similar to the Avco
 
design technique (program 1600) adding some coupling procedures and ending
 
with a coupled method as developed by Aerotherm. Several variations in the
 
first two levels are described briefly and others not mentioned here exist
 
throughout the country but were not included since the intention here was to
 
provide a reasonable look at the state-of-the-art and not be involved with
 
minor variances. Evaluation of the pros and cons of the various techniques
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leads to the conclusion that at the present time the state-of-the-art is
 
compatible with the lower level of sophistication simply due to the additional
 
work required to define the increasing number of parameters involved with the
 
more complex methods. The advanced program concepts, although more cbmplex and
 
not useful for design calculations at the present time, are valuable in assess­
ing the effects of parameter variations.
 
4.3.2 Thermochemistry Study
 
4.3.2.1 	Study Scope
 
The objective of the study was to evaluate the possible reac­
tions between the surface constituents of candidate ablation materials and the
 
Venus atmosphere. Among the uncertainties in the heat shield thickness study
 
is the evaluation of the potential for oxidation of carbonaceous materials
 
during hypersonic entry. Current practice utilizes a conservative value for
 
the oxygen concentration (which is assumed invariant with surface temperature
 
and pressure) at the gas/solid interface and results in over-estimate of the
 
potential for oxidation. Thus, a weight penalty is imposed upon carbonaceous
 
materials in certain cases.
 
To evaluate the possible reactions between the surface
 
constituents of candidate ablation materials and the Venus atmosphere thermo­
chemical equilibrium calculations were performed for each of the atmospheric
 
models (AV-4, A-10, and AV-50) with an excess of particular elements to 
simulate the presence of a condensed phase material. For example, to simulate 
a solid carbon surface in contact with the AV-4 atmosphere (75% C02, 25% N2 
by volume) one mole of gas was included in a system containing an excess
 
(10 moles) of the element carbon. At low temperatures, where no reactions
 
occur, the equilibrium mixture contains 0.75 moles C02 and 0.25 moles N2 in
 
the gaseous phase and l0 moles of carbon in the condensed phase. Similar
 
calculations were performed for Si02 (silica) as the condensed phase material.
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These calculations were performed for the pressure range from 0.01 to 10.0
 
atmospheres for temperatures from 6000K to 42000K. The results of these
 
calculations were,compared with the baseline results obtained in which the
 
gas-phase equilibrium chemistry of the atmospheric models was studied in the
 
absence of a condensed phase.
 
4.3.2.2 Study Results
 
The variation of the mole fraction of the principal species of
 
the AV-50 atmosphere (neglecting mass addition) over the temperature range
 
from OK - 42000K is illustrated in Figure 4.15 for a pressure of 1.0 atmospheres.
 
These results are typical of those obtained for a range of pressures from 0.10
 
to 10.0 atmospheres.
 
The results of the equilibrium calculations for the study of
 
interactions with solid carbon surfaces is presented as plots of mole fraction 
of the gas phase species as a function of temperature and is illustrated 
(for each atmospheric model and 1 atm. pressure) in Figures 4.16 - 4.18. 
The results indicate that if carbon dioxide reaches the surface, it will react 
with condensed phase carbon to produce carbon monoxide by the reaction: 
C (s) + C02 (g)-- 2 CO (g) (14) 
It is unlikely that any appreciable amount of carbon dioxide will reach the 
surface. The previous results show that carbon dioxide dissociates to carbon 
monoxide and molecular oxygen, and the molecular oxygen, in turn, dissociates 
to atomic oxygen. In either case, the solid carbon if removed by oxidation 
reactions and up to temperatures of approximately 30000K is the only mechanism 
of chemical removal. Above 3000°K the condensed phase begins to-sublime to 
gaseous species C, C2, C3, C4, and C5. The results indicate that carbon in the 
condensed phase does not react with molecular nitrogen and it is only at.
 
temperatures where gaseous carbon species are produced that cyano (CN) production
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occurs. An examination of the results leads one to conclude that nitrogen
 
reactions do not contribute to the chemical erosion of a carbonaceous surface.
 
The only evident mechanisms for chemical removal of carbonaceous surfaces
 
appears to be oxidation at temperatures below approximately 30000K and sublima­
tion at higher temperatures.
 
The results of the equilibrium calculations for the study of
 
interactions with solid silica surfaces is presented~as plots of mole fraction
 
of the gas phase species as a function of temperature and is illustrated (for
 
each atmospheric model and total pressure) in Figures 4.19-4.21. The results
 
indicate that the molal concentrations of the atmospheric species is unaffected
 
by the presence of silica in the condensed phase, i.e., the removal of condense
 
silica is a very weak function of environmental composition. The removal
 
mechanism is vaporization and is governed by two reactions:
 
SiO2 (s) - SiO (g) + 2 02 (g) (15)
 
and,
 
si02 () SiC2 (g) (16)
 
The results of this study indicate that the Venus atmosphere
 
does not introduce additional analytical problems for siliceous materials.
 
However, the study of the interactions with a carbonaceous surface reiterates
 
the importance of the-oxidation kinetics and sublimation characteristics of
 
carbon. The equilibrium assumption indicates that the presence of condensed
 
phase carbon depletes all of the oxygen in the stream including the starvation
 
of the boundary layer of the oxygen required for the normal nitric oxide
 
reactions. The equilibrium assumption is only valid at high temperatures where
 
reaction rates are extremely large. *To determine if the oxidation potential
 
is as severe at lower temperatures (which is indicated by the present results)
 
requires an analysis of the reaction kinetics coupled to the flow field with a
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reacting 	carbon dioxide stream.
 
4.3.2.3 	Summary
 
Evaluation of the reactions between the boundary layer gases
 
and the heat shield disclosed the key thermodynamic surface recession processes.
 
For carbonaceous materials the removal process appears to be dictated by
 
oxidation up to temperature levels of 3000°K and by sublimation of carbon to
 
gaseous species (Ca, C2, C3, C4, C5) at higher temperatures. In addition, the
 
equilibrium calculations indicate that nitrogen does not react with carbon in
 
the condensed phase and CN is only formed when gaseous carbon is present. For
 
the silica materials, the results indicate that the-removal mechanism is a
 
very weak function of the environment and the removal rate is dictated by the
 
vaporization rate of silica.
 
4.3.3 Survey of Boundary Layer Transpiration Studies
 
4.3.3.1 	Survey Scope
 
The objective of the survey was to examine the extensive
 
literature pertaining to transpiration cooling and to assess the state-of-the­
art in the following subject areas:
 
a. 	The theoretical analyses pertaining to the correlation of
 
mass injection rates with heat transfer;
 
b. 	The experimental investigation relating to the verification of
 
existing theories and the development of empirical correlations for
 
determining the effects of mass injection on surface heat transfer
 
and skin friction.
 
A survey by Kelley and L'Ecuyler (46) compared the significant analytical
 
and experimental investigations of transpiration cooling of a turbulent boundary
 
layer. Some of the following observations can be attributed to them but they
 
did not discuss some of the more recent investigations. A summary of the
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pertinent experimental investigations is illustrated in Table 4.11. A more
 
detailed discussion of the results of these studies is given below.
 
4.3.3.2 	Survey Results
 
Most of the experimental investigations have been concerned
 
with air-air injection. Only recefntly have studies been made of foreign gas
 
injection, but, almost always, have been limited to an air boundary layer.-

Woodruff and Lorenz (35) measured heat transfer on a flat plate with helium,
 
air and argon injected into an air boundary layer. Their data extended the
 
range of non-dimensional blowing rate (F/Sto) to 18. The data is well correlated
 
by an expression due to Bartle and Leadon (40). The effects of various inject­
ants is apparently eliminated from the data by modifying the blowing rate
 
(F/Sto) by the ratio of the specific heat of the injectant to the specific
 
heat of the freestream (evaluated at the edge of the boundary layer).
 
Romanenko and Kharchenko (37) also conducted flat plate tests with helium, air,
 
Freon-12, and carbon dioxide as injectants. They correlated their data with a
 
simple exponential equation and also found that the same specific heat modifica­
tion was applicable. Brunner (38) conducted tests on a cone with nitrogen,
 
helium, and water as coolants and attempted to verify the correlation of Stewart (49)
 
who modifies the blowing rate by the specific heat ratio to the 0.6 power. A
 
comparison of Brunner's data and the theories of Stewart and Rubesin and Pappas (51)
 
is illustrated in Figure 4.22. The agreement is more in trend rather than
 
absolute magnitude. Pappas and Okuno (36) conducted tests on a cone with helium,
 
air, and Freon-12 as injectants. Some typical results are shown in Figure 4.23
 
which compares the skin-friction ratio for the three injectants with the
 
theoretical predictions of Rubesin and Pappas (51). The data is shown to fall
 
below the predictions but the fact that the effectiveness of low molecular
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TABI3 4.11 
SUMMARY OF XPERIMIP1TSL TURBULENT DATA ON GAS INJECTION 
REFERENCE 
Fygaro1O& Saydah(34) 
CONFIGURATION 
Porous Cone 
7.50 half-anglo 
12" Base dis.. 
TEMPERATURE 
MEASUREMENTS 
Yes 
BOUNDARY ENVIRONMENTAL INJECTED 
LAYER GAS j GAS 
UZL UR----
~~~~. . . . . ..... .... MASRMNS........... 
Pr...u. 
and Air Air 
Temperature 
RANGE OF RANGE OF 
BLOWINGRATE REYNOLDSNO. HACH NO. 
F - - ---.... .......T T. 
3x10 6 and a 
.001 to .018 2.1206 5.3 ad 8.1 
I Re,. /ft 
FREhSTREAM i 
TEMPERATURE 
-. FO 
350 and 
1430* 
1k-i4 + 
Culick 
'1 
_ 
m 
2Jo 
Woodruff & Loren (35) 
Flat plate
O00,.5o,-l00 Yes No Air N2,1e,A 0 to .0258 
0.29-106 to 
0.4 5106 
Re. /ft8 
.77 to 8.7 
Cp F/Sto 
j +[Bartle & Leden 
Pappas & Okuno (36) 
Romanenko and 
Kharchenko (37) 
B r u n n e r (38) 
Cone 
Flat Plate 
Co n e 
No 
Yes 
Y e s 
No 
Pressuret 
and 
Temperature 
No 
Air 
Air 
A i r 
Ie,Air 
Freon-12 
He, Air, 
Freon-12, 
CO2. 
N2 , He ,H20 
0 to .00285 
.0001 to .007 
. 0 2 to . 6 
o.gxio6 to 
5.9Xlo6 
IX10 5 to 
5X105 
14 , 5 6 
0.3, 0.7, 
3.5, 4.7 
0 
2.5 
Ambient 
350, 530 
2 o-* 
I 
Compared with Rubasin 
it(-A,B )c!-
B8, c eUe St. 
' AT=1.7 for He, 0.64 for Air, 
0.32 for CO2 and 0.2 for Freon 
- c p / t0 . 
stewart 
Nickley & Davis (39) Flat Plate No Pressure Air Air 0 to .01 
4.l04 to 
3.106 0 Ambient 
Compared with theory of 
Rubasin 
Bartle & Leadon 
Tewfik (hi) 
(4o) Flat Plate 
Cylinder 
Yes 
No 
Pressure 
and 
Temperature 
Pressure 
Air 
Air 
N2 
Air 
0 
0 
to .0016 
to .00312 
1.10 6 to 
5xlO6 
1.10 5 to 
l.lxl06 
2.0,3.2 
0 
42.5,73.6 
Ambient 
Compared with theory of 
Rubasin Dorrance 
and Dore and van 
Driest 
Compared with theory of 
Rubesin 
Danberg (42) Flat Plate Yes 
Pressure 
and 
Temperature 
Air Air 0 to .0025 
8106 to 
19xo 6 6.7 527* 
Compared with theory of 
Rubesin and van 
Driest 
*Stagnation temperature 
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weight injectants is superior is demonstrated. One of the disturbing consequences
 
of the data of Pappas and Okuno is that air is shown to be superior to Freon-12.
 
Since the specific heat of Freon-12 and air are almost equivalent, one would
 
expect the heating reduction to be similar according to'the correlations of
 
Bartle and Leadon, Romaneko and Kharchenko, and Stewart. Since they are not,
 
one might conclude that the effects of molecular weight are more pronounced
 
than specific heat.
 
It has been found that if the experimental data for the Stanton
 
number and the skin friction coefficient are presented in terms of the ratios
 
St/Sto and Cf/Cfo as a function of the dimensionless blowing rate parameter
 
(F/Cfo or F/Sto), then the influence of the independent variables, Rex 'and
 
Tw/Te , and the flow geometry (flat plate, cone, etc.) is satisfactorily 
eliminated from those correlations. 
Pappas and Okuno (36) found that the higher the blowing rate,
 
the more pronounced the effect of Mach number becomes. They also found that
 
the effect of Mach number diminished at hypersonic speeds and in all 'cases for
 
F/Cfo = constant, Cf/Cfo either decreased slightly or approached a constant
 
as the Mach number was increased above 4.5 Danberg's (42) results indicated
 
that this indeed was the case. The data of Mickley and Davis (39), Pappas and
 
Okuno (36), and Danberg (42) are presented in Figure 4.24 to illustrate the
 
effect of Mach numbear on the skin friction coefficient. It should be noted
 
that between a Mach number of 2.5 and 5.0, the effect is relatively insignificant.
 
In the subsonic regions of the curves, the effect becomes somewhat more
 
pronounced. Romanenko and Kharchenko (37) conducted subsonic tests to study
 
the effects of blowing upon both skin friction and heat transfer. Their
 
results for skin friction lie within the range indicated for all other subsonic
 
results except Tewfik's (41). Their results are in general agreement with
 
those of Bartle and Leadon (4o) and indicate that the effect of Mach number on
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skin friction coefficient is significant. However, it is also concluded that
 
the effect of Mach number upon the Stanton number. ratio is not significant when
 
plotted as St/Sto-vs. F/Sto." Fogaroli and Saydah (34) conducted tests in a
 
hypersonic wind tunnel and conclude that the effect of mass injection upon
 
heat transfer is independent of Mach number. Woodruff and Lorenz (35) saw no
 
appaient effects of Mach number on their heat transfer results. It can be
 
concluded that the effect of Mach number on St/St o is less significant than its
 
effect 6n Cf/Cf o. In regard to the foregoing conclusion, at high supersonic
 
Mach numbers (24MC7), the influence of Mach number on St/St o or Cf/Cfo has
 
been observed to le minor and the correlation of Spalding et al (50) as well
 
as the theories of van Driest (45) and Rubesin (43) are in good agreement with
 
existing data. On the other hand there is considerable disagreement among the
 
data regarding the influence of Mach number in the low supersonic and subsonic
 
regimes; the results of Tewfik (41) indicate a negligible influence of Mach
 
number on Cf while the data of Mickley'and Davis (39)/Pappas and Okuno (36),
 
and Romanenko and Kharchenko-(37) exhibit a pronounced influence of Mach number.
 
The effects of a freestream pressure gradient on skin friction
 
and heat transfer have been evaluated experimentally by Romanenko and
 
Kharchenko (37). Again, though a significant influence of a moderate longitu­
dinal pressure gradient on the skin friction coefficient ratio was demonstrated,
 
it has only a negligible influence on the relative reduction in Stanton number.
 
Fogaroli and Saydah (34) obtained data for air-air injection for
 
blowing rates up to F/Sto = 20. They always obtained a finite value for St/Sto 
and although an asymptotic limit is not that evident, it appears that a value
 
of St/St o between 0.05 and 0.10 is a reasonable lower bound. They also found
 
that the solution due to Culick (47) fits the data well for the range of mass
 
injection rates. Woodruff and Lotenz (35) present turbulent heat transfer data
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using nitrogen, helium, and argon as the injected gases. The maximum value of
 
the blowing rate they obtained was F/Sto = 18. Their results are well correlated
 
by an empirical relation due to Bartle and Leadon (48).. i n ininm value
 
of St/Stoappears to be between 0.05 and 0.10.
 
The numerous theoretical analyses for predicting the influence of
 
mass injection on the heat transfer and skin friction coefficients have exhibited
 
qualitative agreement with the trends indicated by experimental data but there
 
is no theory which adequately accounts for the influence of all variables of
 
importance. The disagreement can be attributed to:
 
a) inherent limitations of necessarily simplified theoretical analyses; and
 
b) the limited accuracy and scope of existing experimental data.-
The analyses of Rubesin (43), Dorrance and Dore (44), ,and van Driest (45), are 
essentially similar. However, each 'of these analyses requires the calculation 
of heat transfer as a function of Reynolds number, Mach number, and wall to free­
stream temperature ratio. This scheme is not readily adaptable to present
 
thermodynamic analysis techniques. Kelley and L'Ecuyler (46) conclude that
 
the semi-empirical analysis of Spalding, et al (50) provides the most readily
 
applied method for predicting the reduction in heat transfer or skin friction
 
due to mass addition. This analysis is based upon and therefore is representa­
tive of the majority of the existing experimental data. Kelley and L'Ecuyler
 
feel that the predictions obtained from this analysis are as accurate (or
 
moreso) than those obtainable from other existing theories. But, utilization
 
of this method requires evaluation of various parameters from tabular solutions
 
and thus is not readily adaptable to present techniques.
 
Fogaroliand Saydah (34) found that the solution of Culick (47)
 
fits their air-air injection data very well for the range of mass injection
 
rates they attained. The general solution due to Culick can be written in
 
the form:
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St/St o YJF/2Sto)2 + ),w 2 (F/2Sto) (17)
 
where Xw is a function ot the ratio of the density-viscosity product of the 
injectant to the density-viscosity product of the freestream gas. For air-air 
injection, )..w = 1, but for other injectants, I w is a function of the concen­
tration-of the species at the wall and thus becomes a function of injection rate.
 
For this and other reasons, the solution of Culick is not compatible with
 
present thermodynamic analysis techniques and is not recommended.
 
Brunner (38) found that his heat transfer results for transpiration
 
cooling with helium.' nitrogen, and water were reasonably well correlated by
 
an equation due to Stewart (49). Stewart's equation can be written as:
 
St/Sto = (i + Fc */Sto)-3 (8)
P
9 

where cp* = (Cpc/CPe )06. This correlation is a reasonable form for engineer­
ing use, but a comparison of this equation with the experimental results of
 
Fogaroli and Saydah (34) and Woodruff and Lorenz (35) shows that Stewart's
 
equation overpredicts the heating reduction at the high blowing rates.
 
Woodruff and Lorenz (35) found that their transfer data for the
 
transpiration cooling of the boundary layer with nitrogen, helium, and argon
 
could be correlated with an expression due to Bartle and Leadon (48). This
 
equation can be written as:
 
st/st o - Cpc/cpe F/Sto - (19) 
11 + 1/3 cpc/cpe F/Sto"1 
3 - 1 
It is seen that this equation becomes indeterminant at F/St = 0. However, 
comparison of this equation with the experimental data of Fogaroli and Saydah (34) 
and Brunner (38) shows that it is a reasonable representation of the data for 
all blowing rates and if anything, is a bit conservative. 
o 
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A comparison of the solutions of Bartle and Leadon (48), Culick (47]
 
and Steward (49) is illustrated in Figure 4.25 for the case of air-air injectior
 
It is seen'that the Bartle and Leadon correlation is conservative with respect
 
to the others while the Stewart correlation is the least conservative. Also
 
shown on this plot is the present equation used in Avco Program 1600. This
 
equation can be written as:
 
= c/ o = exp (-f(l +C f)) (20) 
where f =)F/Sto and 1 is a transpiration coefficient dependent upon the
 
molecular weight of the injectant. It is seen that the equation presently
 
being used is unconservative at high blowing rates. The value of OC used in
 
this equation presently is 0.618 and was obtained is a fit to transpiration
 
.data for values of F/Sto to approximately 1.0. It is seen that for this range
 
of blowing rates, the equation is a reasonably good representation.
 
In comparing the solutions of Bartle and.Leadon, Culick, and
 
Stewart, it is concluded that the relation of Bartle and Leadon is the best
 
representation that can be made of the present experimental data. There is
 
some doubt as to whether the specific heat ratio is the best correlating
 
parameter for foreign gas injection. The Bartle and Leadon curve can be
 
approximated in Avco Program 1600 by simply changing the value df C(. Using
 
the present equation, a value of O(was found that reasonably represents the
 
Bartle and Leadon curve for air-air injection. Unlike the Bartle and Leadon
 
equation, the effect of foreign gas injection is contained in the termY
 
The value of N was chosen to be: 
/Me) 0 1  
= .347 (Me (21)
 
according to Munson et al (52). Using this value of N one finds the value 
of 0(to be -0.097. The equation has an inflection point and thus is only
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Figure 4.25 Comparisons of Heating Reduction Expressions for Air-Air Injection
 
applicable in the range of blowing rates from F/St o = 0 to a maximum value of 
F/Sto = 14.8. If it is desired to use an asymptotic limit in the analysis
 
it is possible to find a value of 04 to fit the Bartle and Leadon curve once
 
the value of the asymptotic limit is specified. Use of an asymptotic limit
 
would require a minor program modification. A comparison of the curve fit
 
with the Bartle and Leadon correlation is illustrated in Figure 4.26.
 
The study of transpiration cooling of a laminar boundary layer is 
quite different than that for the turbulent case. Whereas, the turbulent 
boundary layer is not readily amenable to analysis, the laminar boundary layer 
is. The result of this distinction has been a multitude of experimental 
studies of the turbulent boundary layer as contrasted with very limited 
experimental data for transpiration cooling of a laminar boundary layer. 
However, extensive analytical solutions have been obtained for continuous and 
discrete injection into a laminar boundary layer on a flat plate and at an 
axisymmetrtc stagnation point.
 
The results of these studies have been summarized by Gross,
 
Hartnett, Masson, and Gazley (53). The analyses were limited to low blowing
 
rates and the heat transfer results can be correlated as a linear reduction
 
of heating with dimensionless blowing rate (F/Sto). These correlations have
 
.been generalized by Mascola (54) for injection of various gases and it is
 
shown that the theoretical results for injection into a laminar boundary layer
 
on a flat plate with zero pressure gradient or at an axisymmetric stagnation
 
point is well represented by the equation presently incorporated in Program
 
1600.
 
= exx(-f(l + O~f)) (22) 
where f = Y( F/StO and o( = 0.618 
= 0.764 (Me /Mc)l/3and LFP 
sp - o.603 (Me /mc)l/3 
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Figure 4.26 Comparison of Turbulent 'Heating Reduction for Air-Air Injection
 
The exact solutions for both the laminar flat plate and the stagnation 
point is compared with the Avco equation in Figure 4.27. Since the tendency 
of a laminar boundary layer is towards transition to turbulence at moderate 
blowing rates and separation at high rates,- inclusion of a scheme to predict 
transition in the design analysis would be significant. 
4.3.3.3 	Summary
 
The survey of the effects of mass addition on heat trans­
fer and skin friction shows an influence of Mach number on skin friction; a 
lack of this influence on heat transfer is indicated. The effects of large 
blowing rates result in limiting qc/qc o between 0.05 and 0.10. An empirical 
value of the blocking parameter used in Program 1600 to describe the effect 
of mass addition was obtained which matches the data at high blowing rates. 
The modified value of the blockage factor is more conservative at high blow­
ing rates. 
4.4 Survey of Failure Modes 
4.4.1 Study Scope and Objectives
 
The objective of this study on the survey of failure modes was
 
to assess the likelihood of mechanical failure of candidate heat shields for tb
 
Venus mission and to identify problem areas. The heat shield materials con­
sidered in the study were a carbon phenolic (x6300), a high density ablator
 
and 5026-39/HC-G, the Apollo heat shield material, a low density ablator.
 
The structural analyses performed on the heat shield systems in
 
the study included a cold-soak thermal stress analysis, a membrane stress
 
analysis considering the combined mechanical and thermal loads associated with
 
entry into the Venus atmosphere, and a detailed stress analysis of the entire
 
aeroshell of the minimum payload probe for the most critical entry condition
 
in terms 	 of combined mechanical and thermal loads. 
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Figure 4F.27 Heating Reauction for Laminar Flat Plate and Stagnation Point Air-Air Injection
 
Although detail bond stress analyses were not performed, some
 
calculations were made to indicate where a problem area may exist; in addition,
 
a general discussion or evaluation of the bond systems is presented based on
 
available data and experience.
 
Finally) a structural development requirements are presented, as
 
it was apparent from the analyses.that were performed, that early development
 
testing was necessary in several areas to ensure the availability of the heat
 
shield system for the Venus mission.
 
4.4.2 Cold Soak Thermal Stresses
 
4.4.2.1 Carbon Phenolic (x6300)
 
Thermal stresses have been computed in the X6300 ablator 
and in a candidate titanium substructure for a cold-soak, inflight transporta­
tion criteria and compared with allowable stresses in order to be assured of 
the structural integrity of the composite. 
The following results were computed from mechanical
 
properties obtained from unsterilized specimens of X6300 (carbon phenolic) 
tape wound at 20 degrees to the axis. No properties are available for X6300. 
material that has been subjected for three cycles at thirty-six hours per 
cycle to 275 0F dry heat sterilization. The available properties were primarily 
obtained at room temperature, 160°F, 3000F, and 500°F; whereas thermal strain 
was measured over the range of OF to 500 0F. Since thermal strain data was 
available between room temperature and OF, the mechanical properties for O°F 
were either extrapolated to 0°F or taken equal to those at room temperature. 
Figures 4.28 through 4.30 show tensile modulus, tensile proportional limit,
 
and ultimate tensile strength versus temperature respectively for both the
 
longitudinal and circumferential directions. Figures 4.31 and 4.32 show thermal
 
strain versus temperature in the longitudinal and circumferential directions
 
respectively. Figures 4.33 through 4.35 show compressive modulus, compressive
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proportional limit, and ultimate compressive strength versus temperature
 
respectively in both the longitudinal and circumferential directions.
 
Thermal stresses were computed for a O°F cold-soak temperature rather than
 
say -1000F because no data has been obtained for X6300 below room temperature
 
and O°F. The zero stress temperature for the ablator was assumed to be 1750F
 
since the substructure is tape wound at room temperature, and then the.temper­
ature of the composite is raised one degree F per minute to 300°F and -held
 
for two hours and then allowed to cool. An ablator thickness of one-half
 
inch and a 0.24-inch titanium (Ti-13v-llCr-3A1) substructure were assumed.
 
The thermal stresses were computed by means of a plate solution with unrestrained
 
curvature.
 
Figure 4.36 shows a plot of the mechanical thermal strains (a uniaxial
 
solution) in both the longitudinal and circumferential direction. Table 4.12
 
shows a comparison of the computed with the allowable stresses based on a plate
 
solution. As is apparent from the Table 4.12, the most critical condition
 
for the ablator is in the longitudinal direction where the ratio of the allow­
able to the computed stress is 2.68. However, it should be pointed out that
 
the allowable is the proportional limit at room temperature rather than at
 
0°F. The substructure stresses are, of course, negligible.
 
The thermal stresses in the X6300 ablator were also computed assuming
 
restrained curvature, i.e., zero bending stress. The restrained curvature
 
solution produced uniform ablator tensile stresses of 1390 psi and 810 psi in
 
the longitudinal'and circumferential directions respectively. These ablator
 
stress levels, although slightly higher than the maximum levels computed by
 
means of the unrestrained curvature solution are still well within the allw­
able limits of the X6300.material. The maximum ablator stress of 1390 psi for
 
the longitudinal direction results in a ratio of allowable to computed stress of 2.34.
 
From these results, it would appear that the X6300 attached to titanium
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TABLE 4.12 
X6300 Computed and Allowable Cold Soak Stresses at O°F 
ABLATOB STRESSES 
Tension Allowable 
or 
Compression Direction Computed psi Allowable, psi VComputed 
Tension 	 Longitudinal 1,210 3,250(1) 2.68
 
Circumferential 766 6,500(1 8.48
 
Compression 	 Longitudinal 477 16,500$(1 34.6
 
Circumferential 350- 19,800(1 ) 56.6
 
(1) Proportional Limit at Room Temperature 
TITANIUM STHESSES 
Tension 	 Longitudinal 2,480 (70,0002)- 68.5
 
Circumferential 1,410 170,000( 120
 
S (2)
 Compression 	 Longitudinal 4,110 160,O0o(2) 38.9
 
Circumferential 2,450 160,000 65.3
 
(2) Yield Strength 	at 00 F
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would be structurally sound for a cold-soak criterion of O°F and a zero-stress 
temperature of 1750F. 
Since the ablator stresses for the cold-soak condition will increase
 
as the zero-stress temperature for the composite increases, the effect of a
 
higher zero-stress temperature than 1750F is considered. The dry-heat
 
sterilization temperature of 275°F is higher than the proposed bond cure temper­
atures of 2000F and, hence, represents the maximum zero-stress temperature
 
that can exist for the composite. In addition, a cold-soak temperature of 0°F
 
was initially assumed instead of -100OF since extrapolation of material properties
 
to -100OF was considered unreasonable. Based on systems studies, however,
 
the cold-soak limit for the aeroshell during the entire cruise phase now appears
 
to be -200F. Consequently, the ablator stresses were calculated for a zero­
stress temperature of 2750F and a cold-soak temperature of -200F.
 
The results are presented in Table 4.13. The maximum levels shown in 
Table 4.13 are still acceptable based on the stress allowables. The stress 
allowables used are the proportional limits at room temperature. As seen in 
Figure 4.29, however, the proportional limits at O°F and -200F are probably 
higher than the room temperature levels, and this would tend to make a compari­
son of the actual and allowable stresses more conservative when based on room
 
temperature allowables. From these overall results, it would appear that the
 
X6300 attached to titanium would still be structurally adequate for a cold-soak 
temperature down to -20°F based on a maximum zero-stress temperature of 2750F. 
A check of ablator stresses for the extreme cold-soak of -150°F and a zero­
stress temperature of 2750F indicates that the ablator would not fail based 
on total strain to failure, but would experience some yielding as the stresses 
do exceed the proportional limit. However, because of the relatively high 
rigidity of the X6300 at this low temperature, it is questionable that a hard 
inflexible bond such as epoxylite (X5403) would survive whereas a soft bond, 
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TABLE 4.13
 
X6300 Computed and Allowable Cold Soak Stresses at -200F
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would readily deform to absorb the thermal mismatch.
 
The effect of thinning down or optimizing the k6300 ablator would tend
 
to increase the ablator stresses of Tables 4.12 and 4.13. The reason is that
 
the decrease in extensional rigidity of a thinner ablator would cause it to
 
absorb more of the total thermal growth mismatch between the ablator and
 
substructure'.
 
All computations in this analysis and subsequent entry analysis are
 
based on dxtrapolated data for unsterilized material; material properties must 
be obtained for X6300 carbon phenolic (after sterilization) over the full'
 
range of temperatures required to evaluate the entire Venus mission.
 
4.4.2.2 5026-39/HC-G Avcoat
 
U=±mi OAn analysis was performed to C ±tQ 
strains in the 5026-39/HC-G ablator for a cold-soak, in-flight criterion of
 
-100°F. The substructure designs considered in the analysis include a ring­
stiffened titanium, a ring-stiffened steel, and a steel honeycomb shell. The 
zero stress temperature for all composites investigated was 1850F, a value
 
established from actual test data in the Apollo Program. The physical and 
mechanical properties of 5026-39/HC-G, titanium and steel at -100°F are shown 
in Table 4 .1 4 . 
The current design properties of 5026-39/HC-G are used in the 
analysis; however, the requirement for sterilization of the Venus Probe will 
alter the cure and post cure temperature levels for the 5026-39/HC-G, namely, 
to increase them by approximately 100°F over present levels to 300°F and 3500 F,' 
respectively. In-the analysis it was assumed that the modified cure and post 
cure cycles as well as ETO and dry-heat sterilization would not significantly 
alter the properties of the 5026-39/HC-G. Preliminary investigations (Ref. 55)
 
indicate that these higher temperature environments may affect the mechanical
 
properties; and, consequently, it is recommended that material testing be
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TABL2 4.14 
5026-39/HC-G Mechanical Properties at -100OF 
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performed to determine the effect of these environments on the current design
 
properties.
 
The uniaxial (strip) solutions for mechanical thermal ablator
 
strains in both the meridional and circumferential directions are shown in
 
Figures 4.37 to 4.39 for the various substructures investigated. Unrestrained
 
curvature was considered in each case in order to account for the component of
 
strain due to the thermal moment. Figure 4.37 is the case of the .30-inch ­
thick 5026-39/HC-G ablator on a titanium ring-stiffened monocoque substructure; 
Figure 4.38, the same ablator on a steel ring-stiffened monocoque; and Figure 
4.39, on a steel honeycomb structure. The uniaxial strain distribution through 
the thickness of the composites shown in Figures 4.37 to 4.39 are computed by 
the elementary formula: 
"-- "0 ( a 	 (23) 
where, for the isothermal cold soak condition
 
PT (thermal thrust) = O LX-T t S f\ L-V 
IS- tMT (thermal moment) = 	 \]I- -aB(-a£-%P% L-
E = 	modulus of elasticity 
A'= unit cross-section area 
ot = coefficient of thermal expansion 
L = difference between the actual temperature and the reference 
zero stress temperature 
KA (total extensional stiffness) = - Ka's 
E (total flexural stiffness) = 	 kjka't1" 
Y = 	 distance from composite neutral axis to centroid of either 
ablator -or substructure 
Y = distance from composite neutral axis 
Subscripts "a" and "s" refer to ablator and substructure, respectively ­
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I = moment of inertia of either ablator or substructure about its 
own cefttroid. 
Table 4.15 is a summary of the maximum computed ablator strains for the three 
composite designs based on a plate solution. The plate solution strains were 
computed from the uniaxial strains by the expressions 
(\1yeXvaY' e£ 
The margins of safety based on ultimate strain to tailui'e are also presented
 
in Table 4.15. The substructure stresses are not tabulated since they are
 
small relative to the yield strengths of the substructure materials.
 
A check of ablator strains based on the restrained curvature solution,
 
i.e , no bending strain component from thermal moment,- produced only slightly 
higher maximum tensile strains (in general, no more than 5 per cent higher) 
than the maximum tensile strains given in Table 4.15.
 
From the results of this study, it appears that the 5026-39/HC-G
 
ablator would survive a cold-soak of -100°F for any of the substructure designs 
considered. It should also be noted that systems studies indicate that the cold­
soak limit for the entire cruise phase of the Venus mission is -20°F rather
 
than -100°t and, hence, the cold-soak analysis performed is very conservative.
 
In the analysis, it was assumed that the bond system was reliable and
 
would survive a cold-soak of -1000F. For the standard method of bonding, the 
5026-39/HC-G ablator to the substructure as specified for the Apollo Program, 
i.e., bonding the honeycomb to the substructure before gun-filling with ablative
 
material, a high reliability has been demonstrated. Again, because of the
 
sterilization requirement, it is proposed in this program that the ablator
 
would first be fabricated and cured either in large segments or as smaller 
tiles and then bonded onto the substructure. Since it is not known whether' 
the bond structural characteristics-are affected, it is recommended thst the 
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development programwalso include cold-soak tests of panels typical of the
 
Venus aeroshell composite in order to substantiate the structural integrity
 
of the actual system for the specified cold-soak environment.
 
As a final note to this study, restrained curvature calculations were
 
made to determine ablator strains for an extreme cold-soak of -150°F. The
 
results for the 0.3-inch'5026-39/HC-G ablator over the ring-stiffened steel
 
monocoque substructure shown in Figure 4.38 show strains of..362 percent and
 
.17 percent in the meridional and circumferential directions, respectively.
 
The ultimate.tensile strains at -150°F for the,meridional and circumferential
 
directions are .55 and .58 percent, respectively. These results indicate a
 
minimum margin of safety in the meridional direction of 0.52.
 
4.4.3 Membrane Stresses Due to Combined Mechanical and Thermal 
Loads of Venus Entry 
A restrained curvature analysis using Avco computer program 1368 
was- performed for both the low density ablator 5026-39/HC-G and the high density 
ablator 	X6300 for critical Venus design entry environments. Program 1368
 
solves for the thermal membrane stresses and strains in a thin multi-layered
 
shell of revolution subjected to radial temperature -gradients and composed of
 
materials which display both orthotropic and temperature-dependent material
 
properties. Additional hand calculations were made to determine the membrane
 
stress and strain components caused by combined aerodynamic pressure and
 
inertia forces and these were superimposed on the Program 1368 thermal strains
 
to obtain the-total membrane solution.
 
4.4.3.1: 	5026-39/HC-G Ablator Analysis
 
For the analysis of the 5026-39/HC-G ablator, the probe
 
aeroshell configuration considered was a 60 degree cone with a basic diameter'
 
of 43 inches. The aeroshell entry heating, aerodynamic pressure, and'inertia
 
load imposed for the ablator model were representative of the AV-4 atmosphere
 
-l06 
and trajectory parameters of VE = 35,600 fps, Y'E = "50', and M/CA = .15 
slugs/ft2 (Preliminary Design Estimates). This entry model results in the 
most severe entry loads for the minimum-payload low M/CDA probe. Three differ­
ent substructure designs were considered under the .30-inch thick 5026-39/HC-G 
ablator. These consisted of a ring stiffened steel monocoque shell, which for 
this study was converted to an equivalent .035-inch steel monocoque shell by 
equating the extensional stiffnesses, a steel honeycomb with 8-mil face sheets 
and a .2-inch core, and a ring-stiffened titanium shell which also was converted 
to an equivalent .045-inch monocoque shell. The actual cross section of the 
ring-stiffened shell showing the ring dimensions and spacing are shown in the 
circumferential views of Figures 4.37 and 4.38 for the titanium and steel, 
respectively. The ring dimensions and spacing shown are based on both general 
and local instability of the aeroshell for entry pressure loads. The mechanical 
properties of the 5026-39/HC-G ablator used in the analysis are given in 
Figures 4.40 to 4.44. Since 5026-39/HC-G is an orthotropic material, two sets 
of properties are presented; one for the direction oriented parallel to the 
ribbons of the fiberglass honeycomb and the other for the direction perpendicular 
to the ribbons. On the probe, the parallel properties apply to the circum­
ferential direction and the perpendicular, to the meridional direction. These 
properties shown in Figures 4.40 and 4.44 are cur#ent design values. However, 
higher cure temperatures will be required on the Venus program to stabilize 
the material against the effects of sterilization and these higher temperatures 
may affect the mechanical properties of the 5026-39/HC-G as preliminary data
 
seem to imply (Reference 55). A test program is required to determine conclus­
ively the effect of sterilization on the mechanical properties of the 5026-39/HC-G.
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The initial entry temperature of the 5026-39/HC-G composites was assumed 
to be 400F. In the study, two entry times were evaluated, initial heating when 
the surface temperature reaches or exceeds 600°F and the time of maximum 
re-entry loads. The temperature profiles in the ablator for these times are 
shown in Figure 4.45; the same ablator temperature profiles-were used for the 
three-different substructure cases as the influence of the substructure on the 
temperature profiles'is negligible. Although these temperature profiles were 
determined for a station at the base of the cone, they are considered to be a 
good'representation for the'overall cone. In addition to the temperature 
profile for the load condition, the aeroshell was also subjected to-a symmetrical 
external pressure of 20.2 psi and a total payload inertia load of 15,450 pounds 
distributed uniformly to the shell through the payload support ring which for 
this analysis was assumed to be at the junction of the spherical nose cap and 
the cone; This combined loading produces meridional and circumferential membrane 
forces of 440 pounds/inch and -435 pounds/inch respectively in the aeroshell at 
the payload support ring. This is the region of maximum membrane force in the 
meridional direction. On the other hand, the pressure load will produce a 
maximum membrane force of -865 pounds/inch in the circumferential or hoop 
direction at the base of the aeroshell. 
The components of ablator strains resulting from these maximum membrane
 
forces were superimposed on the mechanical thermal strains to obtain the maximum
 
combined ablator strains for the overall shell. The mechanical thermal strains
 
in the ablator computed by Computer Program 1368 are the result of both the
 
thermal growth.mismatch between composite materials and the thermal gradient.
 
The zero-stress temperature for the composite was assumed to be 185°F.
 
Certain strain components have not been included in this analysis, however,
 
since they are either considered negligible or are unknown. Radial compressive
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strains due to aerodynamic pressure and aerodynamic shear strains, for instance,
 
are considered negligible. Residual strains due to tblator shrinkage during
 
sterilization are also assumed negligible since the ablator will be stabilized
 
against such effects before attaching to the substructure. The effect of internal
 
pressure due to outgassing of the 5026-39/HC-G and the bond is not known;
 
however, it is not anticipated to be a.problem based on Apollo experience.
 
Also, the level of vibrational induced strain is not known since dynamic analysis
 
has not been made of the-probe.aeroshell. However in the final design, the
 
aeroshell would be designed such that'the minimum shell natural frequency
 
would be higher than the anticipated forcing frequency during entry and consequ­
ently no appreciable dynamic response would be expected. The combined strain
 
results are presented in Figures 4.46 to 4.51 in the form of an envelope of
 
maximum total strain versus temperature in the ablator. Figures 4.46 and 4.47
 
show the envelope of maximum total strain versus ablator temperature in the
 
circumferential and meridional direction respectively for the .035-inch steel
 
monocoque structure design; Figures 4.48 and 4.k9, the envelope of maximum
 
total strain in the circumferential and meridional directions respectively
 
for the steel honeycomb design; and Figures 4.50 and 4.51, the circumferential
 
and meridional directions respectively for the titanium substructure design.
 
The envelopes of strain shown in Figures 4.46to 4.51 include the results of
 
both entry times as well as maximum membrane force effects for the peak load
 
case. Ablator strains for temperatures above 600OF are ignored as 600°F 1s
 
considered the threshold temperature at which the ablator begins to char and
 
no structural failure criterion other than aerodynamic shear is considered for
 
the char.
 
The maximum aerodynamic shear force for the minimum payload probe is 9.5
 
pounds per square foot (psf) whereas the threshold shear limit for the 5026-39/HC-G
 
char before any degradation in normal ablator performance is approximately
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15.0 psf. Consequently, mechanical erosionf of the surface char due to aero­
dynamic shear forces is not anticipated. 
The allowable strain curves are also shown in Figures 4.46 to 4.51 to
 
indicate the structural margin of safety in the 5026-39/HC-G ablator. Based
 
on the comparison of actual strains and allowable strains, it appears that
 
the regions of the aeroshell away from local discontinuities present no structura­
problems for the 5026-39/HC-G ablator designs and entry conditions evaluated.
 
In addition to the two entry cases mentioned, an additional calculation
 
ablator strain for a 600°F soak-out condition was made assuming restrained
 
curvature. The equivalent .035-inch steel monocoque shell was assumed as the
 
substructurd. It was determined that the ablator strains in the meridional
 
and circumferential directions for this case are tensile-ahd equal to .16%
 
and .07%, respectively. The 5026-39/HC-G ablator is in tension since the mean
 
coefficient of thermal expansion of the ablator from 1850F, the zero-stress
 
temperature, to 6000F is less than for steel. The margins of safety based on
 
total strain to failure at 600F are 1.1 and 3.8 for the computed meridional
 
and circumferential strains respectively which indicates that the 5026-39/HC-G
 
will survive the 600 °F soak-out.as well.
 
A complete detailed shell analysis has been performed utilizing Avco
 
The detailed analysis was performed to solve for the
Computer Program 1322D. 

complete (membrane and bending) stress and strain distributions in the composite
 
aeroshell. The analysis and results of this detailed shell analysis are
 
presented in Section 4.4.4. The-proposed heat shield application for the
 
Venus probe is different from the current Apollo technique and, consequently,
 
the critical failure modes and strength characteristics of the bond could also
 
be different. Failure modes as well as strength data for the actual bond
 
system must be determined by testing in order to design for a reliable system.
 
Moreover, environmental testing (i.e., cold soak followed by re-entry) of an
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actual composite section would also be needed as a final verification of the
 
aeroshell design.
 
4.4.3.2 x6300 Carbon Phenolic Heat Shield
 
For the thermostructural study of the X6300 heat shield,
 
the aeroshell composite design investigated consisted of a .47-inch thick
 
layer of X6300 on a steel honeycomb substructure with .01-inch fadesheets and­
a .6-inch core. The aeroshell configuration considered was a 45 "degree cone
 
with a 42-inch base diameter. The aerodynamic heating, radial temperature
 
distributions and loads imposed the aeroshell were representative of the AV-4
 
atmosphere and trajectory characteristics of VE = 38,254 fpsE 500,
 
M/CDA = 1.1 slugs/ft2 . The initial entry temperature of the composite was
 
assumed to be 80°F. The zero stress temperature, i.e., the temperature at
 
which thermal forces in the composite are zero, was assumed to be 2750F. The
 
mechanical properties of X6300 used in this analysis are given in Section k.4.2.1.
 
Again, two entry times were evaluated;- the time at which the surface temperature
 
reached or exceeded 600°F (while the bulk of the heat shield is still cool) and
 
the time of peak entry loads. The temperature profiles for these times are
 
shown in Figure 4.52.
 
Figures 4.53 and 4.54 summarize the results of this analysis again in the 
form of an envelope of maximum total strain versus temperature in the X6300' 
material for the circumferential and meridional directions respectively. The 
total strain levels include both thermally induced strains and maximum mechanical 
strains produced by the aerodynamic pressure and payload inertia loads. The
 
pressure in this case is 113 psi and the payload inertia load is approximately
 
2330 pound/inch applied at the payload support ring where the radius normal to
 
the shell axis is 11.0-inches. The overlap of tensile and compression strains
 
which is most evident for the 'meridional direction, Figure 4.54, is the result
 
of the different entry environments and cone locations considered. Whereas
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the specified temperature profiles alone would normally produce tensile strains
 
in the area of the bond line where temperatures are below the zero stress
 
temperature and compressive strains in the higher temperature regions, the
 
combined net meridional strains in the region of the payload ring are tensile
 
for the complete X6300 layer because of the l&rge tensile strain due to the
 
inertia load of the payload.
 
The allowable strain curves are also shown in Figures 4.53 and 4.54 to
 
indicate the margin of safety in the X6300 for the assumed conditions. Ablator
 
strains in the surface layer which experiences temperatures above 600F
 
during entry heating are ignored since,at these temperatures, the X6300 has
 
either charred or experienced severe mechanical degradation and no structural
 
criteria other than aerodynamic shear stability is considered.
 
The maximum aerodynamic shear force experienced by the X6300 is 19 pm
 
The X6300 material, however, has been tested at shear levels in excess of
 
100 psf (Reference 56), and no problem of mechanical erosion of the char
 
exists for the anticipated conditions.
 
The maximum meridional tensile strain of .30 percent shown in Figure
 
- 4.54 is primarily caused by the payload inertia load and occurs in the payload 
support region. Local beefing-up of the substructure at the interface region, 
although it would somewhat increase the thermally induced strains in the X6300 
because of the increased extensional rigidity of the substructure, would 
result in a lower net tensile strain because it would lower the more significant 
membrane strain produced by the loads. 
As in the 5026-39/HC-G analysis, radial compressive strains due to
 
pressure, aerodynamic shear strains, and residual strains were ignored since
 
they are negligible. The effect of outgassing of the phenolic carbon heat
 
shield and the bond, particularly for the soak-out phase where interior
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temperature may reach 600°F was not considered in this analysis. However,
 
outgassing can be evaluated from the proposed small panel tests and the full­
scale proof-test of the phenolic- carbon-ablator system for the heating and
 
soak-out environments as outlined in Section 4.4.6.
 
A calculation for the 600°F soak-out condition was performed.
 
Tensile strains of .035 percent and .04 percent were computed for the meridional
 
and circumferential directions respectively. Based on the ultimate strain to
 
failure of the carbon phenolic at 600°F, the margins of safety are 13.8 and
 
29.0 respectively for the above strain levels. Based on the presented results,
 
it would appear that the X6300 is structurally adequate for the Venus entry
 
heating environment and the composite design considered.
 
4.4"4 Complete Aeroshell Evaluation During Entry
 
A complete detailed shell analysis utilizing Avco Computer'Program 1322D
 
has been performed for the 60 degree cone minimum-payload probe in order to
 
evaluate the total stress distribution in the substructure and the total strain
 
distribution in the ablator resulting from the combined thermal and mechanical
 
loads.
 
The membrane stress analysis of the-5026-39/HC-G ablator on a steel
 
substructure indicated that based on a non-bending solution, the heat shield
 
composite was structurally adequate. However, a more detailed stress analysis
 
was performed to evaluate the total stresses, both membrane and bending, from
 
the combined thermal and mechanical loads. The purpose of the analysis is to
 
substantiate the adequacy of shell thicknesses that are based on buckling
 
stability or membrane stress and determine where increased thickness and rigidity
 
are required to ensure both acceptable "substructure stresses and ablator
 
strains. Of particular interest are the payload support interface, local
 
geometric discontinuities and joints.
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In addition, the results of the analysis will provide a preliminary
 
estimate of the additional structural weight which results from the requirements
 
for local stiffening.
 
The detailed aeroshell composite stress analysis was performed using
 
Avco Computer Program 1322D. Computer Program 1322D solves for the stresses
 
and strains of a thin-elastic, multi-layered, multi-region orthotropic shell
 
of revolution under axisymmetric pressure loads and temperature distributions;
 
the program is capable of handling temperature-dependent mechanical properties.
 
The axisymmetric shell solution is applicable to the Venus probe since
 
the angle-of-attack history at the point of peak loading is low enough to
 
result in essentially symmetrical loading.
 
The aeroshell composite schematic, radial temperature profile, and
 
symmetrical pressure distribution considered in the analysis are shown in
 
Figure 4.55. The geometry is representative of the minimum-payload low M/CDA
 
probe configuration and the temperature profile and pressure distribution
 
shown represent the peak load conditions -for the most severe entry trajectory
 
(i.e., the AV-4 atmosphere, VE = 35,600 fps, YE = -500, and M/CDA = .15
 
slugs/ft2 ). The resultant axial force, obtained by integrating the external
 
pressure over the aeroshell surface, causes deceleration which, in turn,
 
produces an inertia load which is directly related to the total mass of the
 
entry probe. The inertia forces due to the mass of the aeroshell tend to
 
reduce the net pressure load acting on the shell and, hence, are beneficial.
 
The inertia load due to the mass of the payload, however, will be transmitted
 
through the payload support ring to the aeroshell. The concentrated reaction
 
of the payload inertia load produces high bending and shear stresses in the
 
aeroshell in the proximity of the circle of application.
 
For this reason, the aeroshell thickness was arbitrarily tapered from
 
the nominal .05-inch to .25-inch as shown in Figure 4.55. The circumferential
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Figure 4.55 ANALYTCAL ODEL OF VENUS AEROSHELL 1322 PROGRAM ANALYSIS 
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ring stiffeners which are required to resist buckling in the .03-inch conical
 
substructure shell from the external pressure are not included in this detailed
 
analysis. Since inclusion of these rings would have caused only minor fluctu­
ations in the computed stress and strain distributions, they were ignored in
 
order to facilitate the analytical model.
 
Both inertia and pressure loads used in the analysis are ultimate; the
 
ultimate levels are computed by multiplying the limit or actual loads by a
 
factor of 1.25. The thermal forces, however, do not include a safety factor
 
of 1.25 since they are computed internally in the program from the temperature
 
profile and the composite properties. Although the radial temperature profile
 
shown in Figure 4.55 is actually for a station at the cone base, it is considered
 
a reasonable representation for the overall shell. The mechanical properties
 
of the 5026-39/HC-G ablator'are those given in Section 4.4.2.2. The mechanical
 
properties of the PH15-TMo steel substructure are as follows: E = 30 x 106 lbs/in2,
 
cC = 6.1 x lO6 in/in/F, andr'= 0.3. 
A dimensional schematic of the aeroshell is showi in Figure 4.56; this 
schematic is helpful in matching the substructure stresses and ablator strain 
to aeroshell location. Both the meridional stresses ( ) and circumferential 
stresses (CTO) in the steel substructure are shown in Figure 4.57. Subscripts 
'i" and "o" refer to the inner and outer surfaces respectively of the sub­
structure. As can be seen from the stress distributions, the payload support
 
ring attachment region is most critical. However, the assumed taper of the
 
shell region adjoining the payload support ring was sufficient to keep the
 
substructure stresses well below the allowable yield limits as can be seen
 
in Figure 4.57.
 
The ablator strain distributions for the circumferential ( E ,) and 
meridional (4 ) directions are presented in Figures 4.58 and 4.59 respectively. 
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The subscript "i" refers to the inner surface of the ablator and the "o" refers
 
to an internal surface where the ablator is at 600°F. The 600°F surface at
 
the entry time considered, i.e., peak load, is approximately .13-inch from
 
the actual outer surface. The ablator strains for temperatures above 600°F
 
are ignored as 600°F is considered the threshold temperature at which the
 
ablator begins to char and no structural criterion other than aerodynamic
 
shear is considered for the char.
 
In general, the strain distributions in Figures 4.58 and 4.59 represent
 
the maximum strain limits in the uncharred ablator layer between the inner
 
surface and the 600OF temperature line. Without exception, these curves
 
represent the maximum tensile strains anywhere in the ablator; but, there are
 
somewhat higher compressive strains than indicated by the 600oF temperature
 
strain plots in regions where the mechanical moments are low. in these cases,
 
however, the margins of safety based on the ultimate compressive strains still
 
exceed 10.0 and, hence, the maximum compressive strains.not shown by Figures
 
4.58 and 4.59 are just as trivial as those that are shown. For these reasons,
 
the strain results of Figures 4.58 and 4.59 can be used to indicate where the
 
5026-39/HC-G ablator is or is not structurally adequate for the specified
 
configuration and environment.
 
In Figure 4.58, one-half of the ultimate tensile strain for the
 
circumferential direction is plotted for both the inner surface where the
 
temperature at peak loading is approximately 40°F and the 600°F temperature
 
line denoted by subscript "o". It appears from the comparison of the actual
 
maximum tensile strains and the allowable strains that the 5026-39/HC-G
 
ablator is structurally adequate in the circumferential direction for the
 
overall aeroshell. The ultimate compressive strains for the ablator are not
 
plotted; at 600°F, however, the ultimate compressive strain in the circumferential
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direction is 7.6 percent which indicates that the circumferential compressive
 
strains in the overall ablator are well below the ultimate limit.
 
In the meridional direction, the results of Figure 4.59 indicate that
 
the ablator tensile strains do peak close to or higher than the tensile ultimate
 
strain. This is due to the high local bending deformations in the aeroshell
 
composite in the proximity of the payload attachment structure. The two critical
 
strain peaks occurring at radii of 4.0 and 6.0 inches indicate that the assumed
 
inch in both direc­taper 	of the substructure must be extended beyond one 

tions from the payload attachment point at radius of 5.0 inches. Hand calcula­
tions were made for the case of a shell taper from .25-inch at the payload
 
attachment point to .05-inch in a length of two inches in each direction. The
 
resulting meridional strain distributions for this case are shown in Figure
 
4.59 by dashed lines. It can be seen that the extended shell taper has reduced
 
the meridional strains in the critical region to acceptable levels. Figure 4.59
 
also indicates that a small shell taper may be warranted at the base ring
 
location as well since the meridional strain for the 600°F line approaches the
 
ultimate 	strain due to local bending.
 
The additional structure weight resulting from the required shell taper
 
at the payload attachment amounts to approximately 3.5 pounds; this is not
 
considered a prohibitive weight increase for the overall aeroshell.
 
4.4.5 	Fabrication and Bonding
 
4.4.5.1 Avcoat 5026-39/HC-G
 
4.4.5.1.1 Fabrication Techniq
 
The recommended method of application for Avcoat
 
5026-39/HC-G is a modification of the technique presently utilized in manu­
facturing the Apollo heat shield. Previous test programs on the ablator have
 
shown that dimensional changes do occur (with the material fabricated by the
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standard procedure) during sterilization that could induce stresses that will
 
affect the performance of the structure during cold soak conditions. The
 
'following procedure will be utilized to attempt to minimize (or eliminate) this
 
problem.
 
The honeycomb core will be fabricated to the desired
 
shape by bonding to a fiberglass.face sheet that simulates the shape of the
 
probe structure. After cleaning and priming the honeycomb, the ablator will
 
be gunned into the cells,. inspected and vacuum bagged cured at 2000F. The face
 
sheet will then be removed and the heat shield positioned on a fixture and
 
heat stabilized above-the temperature encountered during sterilization. The
 
fixture used for stabilization will allow adequate movement of the heat shield
 
composite to reduce stress formation. The composite will then be inspected
 
for ablator integrity, machined to the required internal contour and bonded
 
to the structure. The bond between the structure and heat shield will be
 
ultrasonically inspected and the external surfaces contoured.
 
4.4.5.1.2 	Bonding Technique
 
Several adhesive systems are available for bonding
 
Avcoat 5026-39/HC-G to the structure. The most commonly'used one is Cyanimid's
 
HT-424 film adhesive and is recommended for this application. An alternate
 
system is Epoxylite 5403, a filled epoxy material, made by Epoxylite Corporation,
 
The HT-424 film would be applied to either the 
heat shield or the structure and the parts mated and cured under pressure. The 
use of Epoxylite 5403 would require a more complicated bonding procedure. The
 
heat shield would be positioned on the structure with shims and the adhesive
 
pumped into the bond line. The cure temperature employed with either adhesive
 
.would be selected after a series of tests are performed to determine the condi­
tions required to minimize the zero stress temperature and to prevent movement
 
or distortion of the adhesive during sterilization.
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4.4..5.l.3 Evaluation of Ablator Bond
 
Accurate bond stress calculations were not made for
 
either 5026-39 Avcoat or X6300 ablator because it was deemed more important
 
to determine the ablator strains during this phase of study. Bond stress
 
calculations can be performed by the Rohm and Haas computer program. Further­
more, it is considered more important to perform tests on specimens and finally
 
to perform a full scale test on the probe to prove the satisfactory performance
 
of the bond rather than to perform bond-type analyses. However, both tests and
 
analyses should eventually be performed prior to flight.
 
ET 424 bond strength between 5026-39 HC/G, hand-gunned
 
ablator and the stainless steel substructure for a cold soak at -150°F for a 
significant number of-Apollo test specimens is large enough such that a bond
 
failure has not occurred. Furthermore, ablator cracking has been produced in 
.specimens by lowering the temperature until a crack occurs or by loading beam
 
specimens while at -1500F, and in no specimen has a bond failure occurred.
 
Bond line temperatures of 350°F have been reached on Apollo mockups of an
 
S-band antenna and a fuel tank without any evidence of delamination. 
HT 424 bond strength for a specimen of 5026-39M
 
(molded) ablator bonded to a titanium substructure and subjected to a cold
 
soak of -150 0 F, was large enough such that again a bond failure did not occur. 
The bond strength of four specimens of 5026-39M bonded to stainless steel 
(PH 15-7 Mo) substructures and subjected to a cold soak of -280 0 F, was large 
enough such that a bond failure did not occur. After the specimen having the 
titanium substructure and after those having stainless substructure were
 
cold soaked, the temperature of each was raised until the bond line temperature
 
reached 600°F; again, no bond line failure occurred. After the other three
 
specimens having stainless substructure were cold soaked, the temperature of
 
each was raised to 250°F and each was then subjected to a simulated re-entry
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temperature profile; the bond line temperature reached a peak value of 580°F
 
and no bond failure occurred. However, it is likely that these molded ablator
 
specimens were tested under uniaxial conditions rather than biaxial conditions
 
since the sizes of the specimen were about 12 inches long by 2 inches wide by
 
IV inches to 1- inches thick. 
The bonding procedure for the Venus probe is, however,
 
different than Apollo, as discussed, and hence, the bond strength characteristics
 
may, in turn, be somewhat different. To prove the realiability of the Avcoat
 
bond for the Venus probe, biaxial restrained curvature specimens should be
 
subjected to a 600°F soak and similar specimens should be subjected to the
 
most critical Venus entry temperature profile from both the cold and hot
 
transportation temperatures. Furthermore, these tentry" tests should indicate
 
whether or not the ablator is sufficiently porous such that outgassing pressures
 
caused from a further cure (above about 3000F) of the ablator and bond could
 
cause a -catastrophic bond failure.. However, this is not anticipated because
 
such a problem was not experienced with Apollo specimens having ablator thick­
nesses of up to 2.5 inches and entered from -1500F. the Apollo re-entry
 
trajectories should be somewhat similar to the Venus trajectories. Also, since
 
the ablator will be cured at higher temperatures than was done with Apollo,
 
less shrinkage or outgassing should occur.
 
Hand calculations were performed to evaluate the
 
peak-edge shear stress in the 5026-39/HC-G bond for both a cold-soak of -20°F
 
and a post-heating hot-soak of 6000F. These critical edge shear stresses were
 
computed by the shear-lag principle presented by Gatewood in Reference 57. 
For the cold-soak of -20F.the computed edge shear stress in the HT 424 bond 
was 163 psi as compared to an ultimate shear strength of 1,550 psi. For the 
600°F hot-soak the edge shear computed was 130 psi, as compared to an ultimate 
shear strength of -340 psi. 
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4.4.5.2 x6300 Carbon Phenolic
 
4.4.5.2.1 x6300 Carbon Phenolic Fabrication Technique
 
As a result of extensive materials evaluation and 
process studies under the REST program (Contract AF o4(694)-687), Avco/SSD has 
developed a carbon/phenolic heat shield material designated as X6300. Fabrica­
tion of heat shields for the types of Venus probes being considered is well
 
within the state-of-the-art using this material.
 
Two basic fabrication techniques are used to fabri­
cate carbon/phenolic heat shield materials. These include tapewrapping and
 
compression molding. The following is a description of these techniques as
 
applied to the Venus probes under consideration:
 
4.4.5.2.1.1 Tapewrapping 
This technique is suitable for cylindr­
ical or conical shapes. It involves the wrapping of a resin impregnated
 
fabric tape onto a mandrel at a controlled angle to the axis or surface of the
 
mandrel. Temperature, tension, compaction pressure and positioning of the
 
tape are important processing variables that are controlled during this opera­
tion. Photo 4-1 illustrates the tapewrapping process using resin impreg­
nated quartz tape in the Avco/SSD plastics processing laboratory. Carbon tape 
would be processed using the same procedure. Following the wrapping operation, 
a rubber bag is applied over the mandrel and the entire assembly is placed into
 
a hydroclave. The part is cured in the hydroclave at 200 to 1000 psi at 
temperatures up to 2750F. The part is then removed from the mandrel and post
 
0

cured for several hours in an oven at temperatures up to 350 F. The part is 
then machined to final dimension and is ready for bonding to the probe 
structure.
 
4.4.5.2.1.2 Compression Molding
 
The blunt probe design is not suit­
able for the use of a tapewrapping fabrication technique. In this case a
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Photo No. 4-1. Avco TapeWrapping Process
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compression molding technique is recommended. This would involve the cutting
 
of resin impregnated carbon fabric to the desired shape, positioning this
 
fabric in the female portion of a matched metal mold and curing under heat
 
and pressure in the mold. 
This type of mold, mounted in a hydraulic press is
 
shown in photo 4-2. Moldings of carbon phenolic are usually cured at 
200 to 1000 psi at temperatures up to 300°F. The part is then removed from 
the mold and postcured for several hours up to 350°F. After postcure, the 
heat shield is machined to final shape and is ready for bonding to the probe 
structure.
 
4.4.5.2.2 Bonding Technique 
Several adhesive systems have been evaluated for
 
bonding carbon/phenolic heat shield materials to metal structures. 
 In general, 
low cure temperatures are required for these bonds to achieve a low heat shield­
structure zero stress temperature. In addition, a 600°F bondline temperature 
is anticipated. Obtaining an adhesive with low cure temperature and elevated 
temperature performance is difficult. The only material that has been found to 
come close to meeting these requirements is Epoxylite 5403 (product of Epoxy­
lite Corp., El Monte, Calif.). This is a filled epoxy material that is cured 
at 200°F for 16 hours. This adhesive loses strength rapidly above 350°F but 
maintains minimal properties (ri 00 psi) up to 600F. Another adhesive HT 424 
(product of American Cyanamid Co.) has shown good properties up to 600°F but 
this material should be cured to at least 300F to exhibit the desired properties. 
Sterilization temperatures should complete the cure for both of these adhesives 
but this may also raise the zero stress temperature. 
Cleaning and surface preparation procedures for
 
bonding carbon/phenolic to various metals have been established, and no problems
 
are anticipated in achieving good adhesion to these surfaces. 
Obtaining a void­
4-1.43 
Photo No. 4-2. Avco Copres . on Molding Technique 
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free bond line is not as straightforward. The best technique fouMd to date 
with Epoxylite 5403 is to assemble the heat shield to the structure with small 
spacers to establish a bond line thickness.. The adhesive is then pumped into 
the bond line and cured in an oven. The HT 424 "is a film adhesive. This is
 
applied to one of the surfaces to be bonded and the heat shield and structure
 
are then joined. Since this adhesive foams during cure, any bond line variations 
will be taken care of. 
4.4.5.2.3 Evaluation of Ablator Bond 
Calculations were also performed to predict the 
bond shear stress between the X6300 and the substructure for a -20°F trans­
portation condition and a zero stress temerature of 2750F. The computed peak 
shear stress occurring at an edge was about 7000 psi. The allowable shear. 
strength at -20°F is about 10,000 psi. Therefore, it appears that the bond 
is satisfactory. However, to prove the reliability of the bond biaxial 
restrained curvature specimens should be cold soaked at -20°F. 
Similar calculations were performed for a bond 
temperature of 600F. The computed peak edge shear stress was about 640 psi. 
The allowable shear-strength at 600°F is about 300 psi (projected from a curve 
plotted from measured values at -35°F, R.T., 160°F, 350°F, and 1000 psi at 
500°F). Therefore, it does appear that a bond failure could occur. The calcula­
tion of this peak shear stress which occurs only at an edge may, however, be 
over conservative since any bond deformation will result in a more favorable 
distribution of the edge shear over a larger distance and, hence, lower this 
peak level significantly.
 
In order to truly ascertain the structural reliability 
of the bond system, a cold soak restrained curvature specimen mentioned above
 
should be subjected to the most critical entry condition and allowed to soak
 
kI-1 h 
until the bond temperature reaches 6000F. This procedure assumes, of course, 
that no failure of the specimens occurred during cold soak. 
The test results from both the entry and hot soak 
condit ons should indicate the reliability of the X6300 and the bond. Since 
will bethe cure temperature of X6300 is 300°F, and since the temperature 
raised above 3000F .during entry, the phenolic resin will continue to cure or 
degrade with time at temperature. A significant change in mechanical and 
at 4000F and the amount of change is dependentthermal strain properties occurs 
occurs with the Epoxylite bondon time. Furthermore, a similar outgassing 
which is also time dependent. As a result, significant pressures could be 
built up within the bond which could cause a tension failure in a conical type 
carbon phenolic heat shield bonded to a metal substructure.
 
Such a failure could occur on the Venus probe, but
 
would depend on the re-entry heating rates and the heat shield thickness. To
 
prove whether such would occur, a full scale test of the probe should be
 
performed. It first should be subjected to a cold soak and then thermally
 
cycled for the most critical trajectory and then allowed to soak, out at 600°F. 
4.4. 6 Structures Development Program Requirements 
It is apparent from the studies discussed above that early development
 
testing is desirable in several areas. Consequently, this section outlines a
 
test program which in conjunction with the analytical evaluation would sub­
stantiate the structural reliability of the ablator-structure composite for
 
all critical environments related to the Venus-mission. The 5026-39/HC-G 
Avcoat and X6300 carbon phenolic development test programs are discussed 
separately in the following paragraphs.
 
4.4 .6 .1 Avcoat 5026-39/HC-G.
 
The test effort for the 5026-39/HC-G ablator, to define the
 
mechanical properties for the material after stabilization and sterilization,
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consists of small composite panels tests, beam delamination tests, and finally,
 
a full scale aeroshell test under the critical thermal and mechanical load
 
environments.
 
4.4.6.1.1 Mechanicat vroperTies
 
As discussed in both Sections 4.4.2.2 and 4.4-.3., 
the requirements of -sterilization of the Venus probe will effect the cure and 
post cure temperature of 5026-39/HC-G, specifically, the cure and post cure 
temperatures must be raised approximately 100°F over current levels to 300°F 
and 350F respectively in order to stabilize the material against the effects 
of sterilization. However, it is not anticipated that stabilization at the 
modified cure and post cure temperatures along with sterilization will sign­
ificantly alter the material's mechanical properties, and hence, only limited
 
testing for mechanical properties is proposed. Belief that the properties
 
will not significantly change is based on:
 
a) the mechanical properties ultimate strength and total strain,
 
measured at room temperature after both stabilization and steril­
ization (Reference 55) fall within the scatter band of total data
 
for the material;
 
b) long time exposure at 250 , which results in some degree of
 
stabilization, does not appear to degrade properties.
 
Test for mechanical properties data include the following:
 
a) 	Tensile tests which will yield modulus of elasticity, ultimate
 
tensile stress and total strain to failure in two directions
 
(parallel and perpendicular to the ribbons of the honeycomb);
 
typical specimens of both directions at -30°F*, R.T., 2500F,
 
and 7000F.
 
b) Compressive tests to obtain same properties in compression
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Thermal strain specimens to obtain coefficient of thermal expansion 
data for both directions (parallel and perpendicular to honeycomb 
ribbons) over a temperature range of -3 0 °F* to 700°F. 
It should be stated that the foregoing test effort represents a minimum that
 
would be required if properties are not significantly different from Apollo.
 
4.4.6.1.2 Small Specimen Tests
 
The need of small specimen tests, in view of the great
 
deal of Apollo experience which exists, results from the fact that the ablator
 
bonding assembly procedure for the Venus probe will be different from Apollo
 
discussed in Section 4.4.5 and, hence, the bond strength characteristics
as 

may in turn be different.
 
Restrained curvature panel tests are proposed in order 
to evaluate both the structural performance of the ablator and the bond system 
for-the critical temperature environments. Prior to the test environments, 
the panels will be subjected to the higher cure and post cure temperatures 
which are required to stabilize the ablator and then to sterilization. 
Environmental testing includes restrained curvature
 
panels at -20F or another prescribed cold soak temerature. The same specimens 
would then undergo simulated entryheating of Venus and allowed to soak out 
to 6o0 F or less depending on thermal predictions.
 
In addition, restrained curvature panels would be taken 
* -30°F is specified since system studies indicate a maximum cold soak of -20°F. 
If a more severe cold soak is prescribed, additional data will be required to
 
bracket the cold soak limit which is established.
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to +40OF or the minimum pre-entry soak temperature and then subjected to 
entry heating followed by a soak-out to either 600°F or the maximum predicted
 
soak-out temperature. The size of the panels will depend on ablator thicknes
 
but for the case of a uniform ablator thickness of 0.3 inch, which appears to 
be the ablator design for the minimum payload mission, a 9 x 9 (inches) panel 
is considered large enough for edge effects to damp out. 
In addition to the restrained curvature panels, beam delamination
 
tests are a vital part of the test program. If a crack shou2d occur in the
 
5026-39/HC-G ablator, it is essential that the bond system be capable of
 
surviving the remaining mission environments without delamination. The bond,
 
by not delaminating, would allow the ablator to still function properly. 
For this reason, bond delamination tests are recommended in order to ensure 
bond integrity in the event a crack does occur. Beam delamination tests 
are required at each of the following temperatures: 
-20 0 F, R.T., 2500 F, 
and 6OF. 
4.4.6.1.3 Full-Scale Aeroshell Proof Test
 
As the final verification of the reliability of the
 
ablator-structure composite aeroshell, a full-scale test model would be sub­
jected to the following sequence of combined thermal and mechanical load
 
environments:
 
a) a cold soak @ -20°F (no mechanical loads) 
b) combined simulated pressure and inertia loads applied at the
 
most critical predicted conditions.
 
c) heating representative of the selected entry trajectory.
 
d) soak out @ 600°F or the most severe predicted level.
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Prior to these environments, of course, the test assembly would be subjected to
 
the proper cure and post cure cycles for stabilization and then sterilization.
 
4.4.6.2 X6300 Carbon Phenolic Ablator
 
The test program for the X6300 ablator is very similar to that
 
described 	above for the 5026-39 material.
 
4.4.6.2.1 	Mechanical Properties
 
Mechanical properties are needed for X6300 in the
 
post-sterilized state over the same range of temperatures as 5026-39/HC-G. 
However, since existing data for X630o is relatively thin, it is necessary to 
define specimens statistics for each type of test, specimen, direction, and
 
and circumferentia­temperature. Since the X6300 is orthotropic, both longitudinal 
properties 	are required.
 
The test plan is summarized below: 
Type of Tests: tensile, compressive, and thermal strain
 
Material Orientation: both longitudinal and circumferential
 
Test Temperatures: -30°F*, R.T., 250RF, 500 0F, and 700°F 
In addition, at least one restrained curvature specimen and beam specimen would 
to establish the zero-stress temperature for the X6300-substructurebe required 
composite 	after the bond cure and sterilization cycles.
 
4.4.6 .2.2 	Small Specimen Tests
 
The small specimen test program for X6300 assumes
 
that there exists an available bond system which can meet the environmental
 
requirements for the Venus mission and, hence, no bond development effort is
 
*-30°F again specified since system studies indicate a maximum cold soak of 
-200F. A lower cold soak criteria will necessitate obtaining the required
 
mechanical properties at least to, and more preferably, just beyond the
 
established limit.
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specified here.
 
This phase of the program is identical with that
 
specified'in 4.4.6.1 for the 5026-39 ablator in the type of tests (both
 
restrained curvature panels and beam delamination tests), types of test
 
specimens and thermal environments imposed. Since the entry conditions for
 
the -X6300ablator probe are different than those for the minimum payload probe
 
with the 5026-39 ablator the simulated entry heating will, of course, be
 
different.
 
4.4.6.2.3 Full-Scale Aeroshell Proof Test
 
As in the case of the 5026-39/HC-G, a full-scale
 
test model would be built, undergo sterilization, and then be subjected to the
 
same sequence of simulated test environments as shown in 4.A.6.1 for the 5026-39
 
material, namely, a cold soak, the critical design entry loads and heating and
 
finally soak-out.
 
4.4.7 Failure Mode Summary
 
The cold-soak thermal stress analyses indicated that both the X6300 
and 5026-39/HC-G ablators would survive a cold-soak temperature of -20°F 
which systems studies indicated to be the lower limit. Also, a check of 
ablator stress and strain for the extreme cold-soak temperature of -1500F 
indicated that both ablator materials would survive without cracking. The 
analyses, however, were based on available mechanical properties of the material 
for the unsterilized condition; in the case of X6300, mechanical properties 
also had to be extrapolated and a zero-stress temperature assumed for the X6300 
composite.
 
'For these reasons, it is recommended that post-sterilization mechanical
 
properties be obtained for both ablator materials for a range oftemperature
 
to include the final predicted cold-soak limit:
 
Preliminary bond stress calculations indicated that the bond for each
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ablator would be capable of withstanding the -20F cold-soak. The bond 
systems for the 5026-39/HC-G and X6300 ablators were assumed to be HT 424 and 
Epoxylite (X5403) respectively. Although the reliability of the HT 424 bond 
system used to secure the 5026-39/HC-G ablator on Apollo has been adequately 
demonstrated for the extreme cold-cold temperature of -150F, it was pointed out 
that the bonding procedure proposed for the Venus probe is different than Apollo
 
and as a result the bond strength characteristics may be affected. As for the
 
X6300 system, no composite cold-soak test data is available although Epoxylite
 
bond strength data does exist for the unsterilized condition. Consequently,
 
it was also proposed in the development test program to conduct restrained
 
curvature composite panels tests and beam delamination tests to substantiate
 
the analytical evaluation and ensure the reliability of the ablator systems for
 
the predicted Venus environments.
 
Structural analyses of the X6300 and 5026-39/HC-G ablator materials 
were also performed for the critical Venus entry environments using membrane 
stress theory. The total ablator stresses and strains computed in these 
analyses included components due to thermal mismatch, thermal gradients, and 
combined aerodynamic pressure and inertia forces. The results indicated that 
both 5026-39/HC-G and X6300 ablator designs evaluated would survive the Venus 
entry environment including the soak-out. However, these membrane stress 
analyses, just as the cold-soak analyses were based on available mechanical 
properties (unsterilized material). In addition, the effect of outgassing of 
both the heat shield material and the bond during the soak-out period, when the 
interior temperatures increase well beyond the cure temperature levels, could 
not be evaluated in these analyses. Although it is not anticipated that out­
gassing poses a problem for the 5026-39/HC-G system based on Apollo experience,
 
it may be a problem in the case of the X6300 ablator system.
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For these reasons, both small specimens tests and a full-scale proof­
test is proposed to ensure the structural integrity of the final heat shield
 
design for all critical environments including cold-soak, entry, and soak-out.
 
In addition to the membrane stress analyses, a detailed analysis includ­
ing combined membrane and bending stresses was performed for the minimum pay­
load probe design. The most critical entry condition evaluated as determined
 
from the membrane stress analyses was the time of peak loads. The analysis
 
indicated that local substructure stiffening in the form of shell tapering was
 
required at the payload attachment point and the base ring junction. The
 
additional structural weight required, however, was not critical. Nevertheless,
 
it was recommended in the development program that a full-scale proof-test be
 
conducted for the combined critical thermal and mechanical loads.
 
4.5 	Candidate Heat Shield Materials
 
This section contains all of the ground test data considered as part
 
of the evaluation of carbon phenolic, typical data correlations, and references
 
of flight test data.
 
4.5.1 Data Correlations: Carbon Phenolic
 
A survey was made to collect all available ground and flight test
 
data 	for carbon phenolic and to assess the data relative to the Venus entry
 
problem and to the thermal analysis model used for heat shield design. It was
 
discovered that no radiant heating test data exist for carbon phenolic. It
 
is noted that Section 4.5.1.1 and 4.5.1.2 of this document are extracted
 
directly from Reference 58 (with the exception of re-numbering) since this
 
reference contains the best available properties correlation study for carbon
 
phenolic ground tests. In addition, the Venus probe study has referred to
 
carbon phenolic as X6300, while Reference 58 used R6300 for nomenclature of
 
this 	material.
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Table 4.16 contains all of the arc test data which were accumulated
 
during this study and which serve as the basis for the correlations as taken
 
from Reference 58.
 
4.5.1.1 Internal Properties Determination and Comparison with Tests
 
4.5.1.1.1 	Internal Properties Determination
 
Internal properties have been determined for R6300.
 
Functional relationships between these properties and temperature have been
 
empirically formed and the resulting functions used to produce a favorable
 
comparison between predicted temperature responses and measured responses on
 
samples tested in the ROVERS facility. These property determinations have
 
been made for the RT-29 test specimen series molded at 200 psi.
 
4.5.1.1.2 	Thermal Conductivity
 
Measurements of thermal conductivity were made on 
virgin and precharred samples (7000, 10000, 15000, 20000F) with a "guarded 
hot plate" device. These measurements were made at several different temper­
ature levels and the resulting test data including density values are given 
in Table 4.17. 
Examination of the test data indicated the poss­
ibility of curve-fitting the values of conductivity as a function'of temper­
ature for each sample pre-char condition. The following function was used
 
where KM is the thermal conductivity multiplier (K = 1.00):
 
l O 
KM = TB1 + TB2 TEMP (x, t) + TB4 (1 0 . 0 )TB6 
The resulting curve fits of the test data are shown in Figure 4.60. Constant
 
values of conductivity are assumed at temperatures below 2500F since limited
 
test data are available at this temperature level and there is no justification
 
for the rapidly decreasing values of KM calculated by the functions which are
 
curve fits of existing data only.
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TABLE 4.17 
THERMAL CONDUCTIVITY 
R63oo) 
Char Char 
Temperature(OF)(OF) 
De it(lbft)(F 
(lbt 
RT 85.7 
700 80.9 
'1000 74.9 
1500 73.9 
2000 68.2 
TEST DATA 
Test Thermal 
Temerature Conductivity(Btu/ft-hr-°F) 
C)(i
 
212 0.390
 
300 O. 430 
485 o.435
 
240 0.335
 
49o o.36o 
665 o.425
 
240 0.292
 
640 -0.374
 
895 0.385
 
230 o.435
 
625. 0.555
 
880 0.585 
24o 0.500 
615 o.675
 
87o 0.710 
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Table 4.18 
THERMAL CONDUCTIVITY MULTIPLIERS 
-- R6300 
p Ap k KM Function 
(Tx, t < 610 0 R) (Tx, t> 6100 R) 
85.7 85.70 - 84.50 0.418 0.438 - 128.74 (10.0)­ 5 . 1 05 x i0-3 T 
84.2 84.49 ­ 83.30 0.370 0.440 ­ 19.796 (10.0)-2 .68 8 x 10- 3 T 
.82.3 83.29 - 82.00 0.337 0.440 - 2.261 (10.0)-1 . 905 x 10- T 
3-80.2 81.99 - 79.30 0.317 0.409 - 1.553 (10.0)-1.660 x 10-3 T 
77.0 79.29 - 74.40 
-0.288 0.385 - 2.480 (10.0)­ 2 .0 07 x 10 T 
72.5 74.39 - 71.60 0.337 0.440 ­ 2.261 (10.0)-1 . 90 5 x 10 3 T 
69.7 71.59 - 69.10 0.412 0.508 + 1.25 x 10- 6 T - 1.896 (10.0)- 1 . 8 2 6 x 10-3 T 
68.2 69.09 - 66.20 0.438 0.498 + 6.0 x 10-5 T - 2.378 (10.0)-1 . 9 71 x 10- 3 T 
63.8 66.19 - 63.30 0.461 0.675.- 4.449 (10.0)­1 . 70 4 x 10-3 T 
62.4 63.29 
- 58.00 0.512 0.710 
- 4.515 (i0.0)- 1 . 8 98 x 10-3 T 
Although it-is obvious to assume that the thermal con
 
ductivity of R6300 is a continuous function of char density and temperature, the
 
task of simulating conductivity in the KM form as a continuous function is
 
highly complicated, because of the number of coefficients and the problems
 
associated with predicting the individual rates of change of these coefficients
 
with temperature and char density. In order to simplify this problem, a 
number of additional IQ functions were derived for intermediate char densities
 
and superimposed on the original test data curve fits resulting in the set of
 
curves shown in Figure 4.61. The equations for all functions are given in
 
Table 4.18. The assumption is then made (for the sake of computer simulation)
 
that each function is applicable over a small range rather than continuous
 
functions which would (in theory) require an infinite number of expressions.
 
The t'column in Table 4.18 indicates the density range of application for
 
each KM function.
 
4.5.1.1.3 Specific Heat
 
As in the case of thermal conductivity tests,
 
measurements of enthalpy at various temperatures were made for both the virgin
 
and precharred samples.
 
Calculation of the rate of change of enthalpy with
 
temperature (H/;T) is a measure of the specific heat of the material.
 
Second order polynominals were derived for the existing data and the first
 
derivative (aH/aT) was used to calculate specific heat values for each
 
precharred condition at several temperatures. The expression (-H/3T) was
 
not found to vary significantly with char density and so the average value of
 
specific heat at each temperature is reported as the specific heat of char.
 
A first degree fit of the virgin material test data resulted in a slope set
 
equal to the virgin specific heat. The test data and curve fits are shown in
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Figure 4.62. The resultant -values of specific heat used for heat shield
 
calculations are shown in Figure 4.63.
 
4.5.1.1.4 Density
 
Thermogravimetric analysis (TGA)-data were used to
 
compute char density which is an irreversible function of temperature.
 
Exception was taken of the reported curve in that it indicated a 5 percent
 
weight loss at 2120F. To ensure that R6300 tape-wrapped parts did not in fact 
contain this much moisture, samples were placed in an oven at about 2300F for 
17 hours and measuredweight loss was 0.80 percent. A tape-wrapped part was 
powdered (as in TGA tests) and this powder, under the same oven conditions, 
lost 4.5 percent of its weight in 10 minutes, indicating moisture pick-up from 
the atmosphere. 
A plot of material density as a function of temper­
ature, for R6300 reduced from the TGA data, is given as Figure 4.64. Density
 
points from the thermal conductivity samples are also shown on this curve as
 
well as a number of density points derived from ROVERS samples.
 
4.5.1.1.5 Correlation of Internal Properties(ROVERS Tests)
 
A series of eight samples were tested in the ROVERS
 
facility so that a correlation between the material properties determined, as
 
outlined above, and the transient thermal response of R6300 samples could be
 
made. Results of the analysis performed on three of the tests are reported
 
here with the test environments stated in Table 4.19. Thermocouple locations
 
and sample dimensions are given in Table 4.20.
 
Calculations were performed on Avco Computer Program
 
1650 (a program in which a surface heating rate and internal temperature
 
histories of a one-dimensional composite are calculated, given a surface
 
temperature history - an inverse conduction problem - using the highest-recorded
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TABLE 4.i9
 
ROVERS TEST ENVIRONMENTS -- R6300 
Run Time
 
(Btu/ft2 -sec) (Btu/ib) (sec)
 
42 9800 

Test No. 4CH 

240
6300-1 

10,300 180
6300-3 	 100 

270 10,600 80
6300-8 

TABLE 4.20 
- R6300THERMOCOUPLE 	LOCATIONS ROVERS TESTS 
T10 T20 T2AO T3 0 
Thermocouple 
Number 
Distance from 
Front Surface 
Radial 
Displacement 
(inch) (inch) 
i- 0.10 0.062 
2 0.20 0.062 
- '2A 0.30 0.062 
0.40 0.062 
4 0.40 0.190 
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Results of 	calculations are shown in
temperatures as the forcing functions. 

Figures 4.65 through 4.68 with the analytical predictions drawn as solid or
 
broken lines (broken lines indicating estimated response) and experimental data
 
shown as points.
 
The correlation shown in these figures indicate good agreement between
 
test data and the analytical model. In addition to the temperature data, a
 
final density profile for R6300-3 is shown in Figure 4.69. The predicted density
 
profile was calculated using Program 1650.
 
Surface Recession Parameters Determination
4.5.1.2 

4.5.1.2.1 	Model 500 Arc Tests
 
Specimens of R6300 were tested in this facility to
 
generate ablation and surface radiation data for material performance in a
 
low heating environment. The assumption that material performance in the
 
diffusion 	ablation regime is proportional to the heat transfer coefficient,
 
as reviewed below, was sustained by experiment. In essence, the parameters
 
evaluated 	under this analysis were TW and HC.
 
4.5.1.2.2 	Data Reduction Technique
 
Bartle (Reference 59) has taken the expression for
 
a diffusion controlled ablation rate.
 
= TW 	 12 We xhx (24)sD 6__x ! 216 RT
 
where:
 
h = lhslRTo 
i = Transpiration reduction
 
42 = Calorimeter correction
 
and made the following assumptions:
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0.30 
R6300-3 
0.40 
a. Linear reduction
 
b. Steady state
 
c. Fully charred surface
 
d. TW = 1.00
 
The above conditions enable a rewrite of the SD equation as:
 
S We° = 
 h 2
 
We 1(25)
 
where:
 
C =12 x 1.00 We 
+ 2 (o 
169 N(et 2
 
The simplifying assumptions (a - d) were determined to be reasonable by the
 
series of Program 1600 calculations made both by Bartle in the original work
 
and also for the work of reference 58.
 
A series of preliminary calculations were required in order to put the
 
published data into the form of Equation 25 above. 
An example of the calcula­
tions of We, the local free-stream-oxygen fraction, may be found in Table 4.21
 
(for specimen RT 29-1). From such a calculation it is evident that We may be
 
expressed as 
- 16 
0.2314 ;air 1 C 
We 'lair *+ c(26) 
Since there is a measurable m, for each test specimen, due to carbon electrode
 
comsumption, the value of We will differ from the Weo value of air.
 
Values of heating rates reported in the test data are average values
 
from water-cooled calorimeter measurements and must be corrected for both hot
 
wall effects and reference wall enthalpy. Equation 27 was used to produce the
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TABLE 4.21
 
DETERMINATION OF FREE STREAM OXYGEN FRACTION (We)
 
(Rates in Ibs/sec)
 
1. 	02 content from mia = 0.2314 x 4.79 = 1.1084 
N2 content from mair = 0.7686 x 4.79 = 3.6816 
*C content expressed as ec (electrode) -= 0.2330 
Total initial air stream + carbon = 5.0230 
2. 	Amount of 02 used for CO formation:
 
0.233 x 16/12 = 0.3107
 
3. 	Amount of CO formed:
 
0.233 x 28/12 - 0.5437 
4. 	o2 in gas stream = 1.1084 - 0.3107 = 0.7977 
N2 in gas stream (unchanged) = 3.6816 
CO formed and added to gas stream = 0.5437. 
Final stream total (unchanged) = 5.0230 
5.- 02 fraction = We 0.7977/5.0230 = 0.1588 
cold-wall heat rates.
 
(0(27
= (h-h 
where:
 
hs 	= stagnation enthalpy
 
hc 	= calorimeter wall enthalpy
 
hw 	= ablating surface wall enthalpy
 
Since the value of h. can only be approximated, the effect of the 
reference enthalpy correction was calculated over a range of possible hV 
values. The results of this -calculation are shownin Figure 4.70 and an 
approximate value of 0.91 was used for this correction. 
Pertinent data for the ensuing analysis are contained within the data
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oC Table 4.16. It is 'now possible to plot the experimental results in the form
 
of equation(25) and proceed with the analysis of the data.
 
4.5.1.2.3 	Results of Analysis
 
An initial note should be made that the RT 28
 
specimen series were molded at 1000 psi while the ET 29 series were molded at
 
200 psi. 	 As will be evident, this fact does not significantly alter the
 
ablation behavior of the material and the internal properties, as noted, were
 
determined 	for the RT 29 test series so that the resulting "set" of material
 
properties 	will. be for R6300 molded at 200 psi.
 
The plot of the data is shown as Figure 1.71 with
 
a linear curve fit through all data points. The ratio of Cexp to Ceq yields
 
a preliminary value of TW to be used for the Program 1600 calculations. Two
 
objectives 	of calculations using Program 1600 are anticipated:
 
a. Match 	of specimen ablation
 
b. Match 	of surface re-radiation flux
 
To achieve objective 1), small variations in the
 
value of TW are required to minimize the differences between calculated surface
 
recession and experimental surface recession. To achieve objective 2),
 
variations in HC (heat of combustion) are required until a value is found
 
which results in minimum differences between values of surface re-radiation flux.
 
Figure 4.71 shows the data points with the best
 
linear fit (TW = 1.371). Table 4.22 shows a summary of the S values and the
 
values of HC required to match the test qr. A value of HC = 1.2 x l04 is a
 
satisfactory choice for a constant value of this parameter derived from this
 
test series and hence is the present value of HC used in the mathematical
 
model for SD ­
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TALE I1,22 
RESULTS OF DIFFU$1ON ANALYSIS 
Test qr D Stest HC 
No.2 
(Btu/ft2-see) (incdes/sec) (Btu/lb)
 
15-1 578 0.0070 0.0073 1.38 x 104
 
28-4 555 0.0067 0.0076 1.22 x 104
 
1.23 x 104
0.0063 0.0065 

28-5 452 0.0066 0.0042 1.17 x 104
 
16-2 394 0.0068 0.0066 1.21 x 104
 
28-6 (Considered repl~ate of 16-2)
 
16-1 472 

4.5.1.3 Reaction Rate Constants Bench Tests
 
4.5.1.3.1 	Introduction
 
During both the ascent and terminal re-entry
 
phases of a vehicle flight having an exposed carbon phenolic heat shield, an
 
oxygen~rich bounqary layer environment produces a surface recession rate which
 
is controlled by chemical kinetics of the reaction:
 
3C + 202 2C0 + 002 	 (28) 
The mass loss rate (m) for such a system may be expressed in terms of the
 
environment as:
 
(29)
 
where: 
wr 
 A (P0 2 )n exp (-BITw) 
4-18o 
A, n, B = Reaction rate constants
 
P02  = Partial pressure of oxygen
 
Tw = Surface temperature
 
Euqation(29)is u
 
determining surface recession under a reaction controlled regime. As indicated
 
by the form of Equation (29), values of m determined experimentally at various
 
values of T. will yield the data necessary to evaluate.the rate constants.
 
4.5.1.3.2 Test Method and Results
 
Precharred test specimens of R6300 (T-har 15000F)
 
having the geometry shown in Figure 4.72 were heated electrically with the
 
current controlled by a thermocouple sensor to maintain constant temperature.
 
An infrared radiometer was used to measure the surface temperature of the test
 
specimen and-the resulting mass loss was measured gravimetrically.
 
Two series of tests were -run with test specimens
 
of R6300. TNmperatures at which the test data has validity are constrained at
 
both the high and low levels. At some high temperature level (Twi--l0°0 F)
 
the energy produced by the exothermic chemical reaction is greater than the
 
energy lost due to convection and radiation. When this phenomenon occurs, the
 
surface temperature will continue to rise without any power input and the
 
test data becomes invalid. Data below a wall temperature of 5500F shows an
 
unexplained change of mechanism and so the test data used for determination of
 
the reaction rate constants were obtained in the temperature range of 550-10400F.
 
Data in the form of m values versus values of l/Tware shown in Figure 4.73
 
for both test series.
 
4.5.1.3.3 Data Analysis
 
Use of Equation (29) for evaluating the reaction
 
rate test data is accomplished by rewriting the equation in the following form:
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87-5929 
log (A pl) Ilog A Q.4343 0.4343 B 7(30) 
A plot or Equation (30) resu-us in a suragub .Lifl 
and the line shown on Figure 4.72 is a least-squares fit of the applicable data. 
The slope of that line (B) is 1.705 x 104 R. 
By substitution in Equation (29), the value of the 
l/T - 0.0 intercept A' (A JPa2\ n) may be calculated. The value of A' is 
24.6. This value of A' divided by 31P0 is; 
0

"
5
 
In summary, the reaction rate constants obtained
 
by the above analysis are:
 
A = 53.8 lb/ft2 -sec-atm o
 
0 5
 
A = 53.8 lb/ft2-sec-atm
 
B = 17050.00 R
 
Having obtained a set of reaction rate constants
 
by the methods discussed previously, a comparison of material behavior under
 
an are environment with behavior predicted by use of Program 1600 is required.
 
Two test specimens of Avco R6300 were put in the Avco Model 500 arc facility
 
and subjected to the following environments:
 
Specimen No. Hs/RTo (Btu/ft2_sec) 
6300-2 267 1180 
6300-4 286 1321
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The specimens were subjected to the above environ­
ments until a steady-state yalue of surface re-radiation flux was measured by
 
a thrmopile. Upon achieving steady-state conditions the ar9:was shut down
 
and the surface re-radiation recorded for a period of about 18 seconds.
 
Figure 4.74 shows the experimental points corrected
 
for instrument response lag, and also the predicted surface response based on
 
results from Program 1600. As indicated by Figure 4.74, a close agreement with
 
experimental results was achieved by using the previously obtained rate constants
 
4.5.1.4 Carbon Sublimation
 
No ground test facilities are presently available in which
 
tests can be run to obtain sublimation behavior for.carbon-reinforced heat
 
shield materials. Therefore, the mathematical model and thermochemical proper­
ties currently used for predicting ablation behavior in this range are subject
 
to uncertainties inherent in the different theoretical approaches published to
 
date.
 
As presented by Munson (Reference 60),'the vapor pressure­
temperature relationship for carbon has been calculated from the JANAF tables-­
a standard thermochemical reference. These data appear in error since they
 
disagree by two orders of magnitude with a measured triple point of carbon.
 
As shown in Figure 4.75, Avco has modified the Pv - T function to be consistent
 
with the triple -point data.
 
Using the revised Pv - T relationship, Figure 4.76 illustrates
 
the axial tip recession of two-pointed, slender carbon cones tested in Avco's
 
10 MW facility. Accurate test predictions are extremely difficult due to
 
the large shape change effects taking place throughout the test. Nevertheless,
 
the calculated recession reasonably approximates the test results.
 
At this time, no flight test data are available,to aid in
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determining how accurate is Avco's theoretical approach for predicting flight
 
behavior. Rate constants for sublimation behavior are based on Avco's
 
interpretation of the Pv - T relationship presented in Figure 4.75 and will
 
be modified appropriately as future data shed light on this problem.
 
4.5.1.5 Flight Test Data
 
During the course of this study, flight test data on carbon
 
phenolic were obtained from several re-entry vehicle programs. Sources for
 
obtaining such data included the following:
 
a. Avco Corporation, Missile Systems Division
 
b. Aerospace Corporation
 
c. General Electric Corporation, Missile Systems Division
 
d. Air Force Flight Dynamics Laboratory, Wright-Patterson AFB
 
The documents which were obtained from the survey are listed
 
as references 61 through 65 and apparently reflect the majority of flight
 
information on carbon phenolic for vehicles where instrumentation was used.
 
The four volume symposium report contains data from several contractors.
 
Review of all these documents indicated that the data are of
 
no significant value relative to Venus entry probe design applicability.
 
Almost without exception, surface recession data are only inferred from thermo­
couples going off scale or from optical signals. While information such as
 
this may have some qualitative merit, it is much too sparse and unreliable for
 
use in a quantitative fashion (e.g., to determine ablation constants for a
 
design surface recession model). The thermocouple data are generally bond­
line temperature histories where the temperature responses are minimal. It
 
is evident that the complex heat shield decomposition and conduction processes
 
cannot be established with any certainty without temperature responses which
 
attain elevated levels. Furthermore, it must be remembered that all of these
 
4-189
 
vehicles have been flown in the earth's atmosphere, a factor which would
 
greatly complicate the interpretation of even well-defined ablation and
 
elevated temperature histories. The data do indicate that the carbon phenolic
 
is capable of sustaining the convective heating, pressures, and shears
 
anticipated for the Venus entry probes being considered. Thus, the available
 
flight data yield confidence of ablator capability but cannot be used for
 
design information. For this reason, a detailed discussion of the data (as a
 
classified addendum to this report) is not warranted.
 
4.5.1.5 Summary of Problem Areas
 
A review of the presently available data and that required
 
for a mission into the Venus atmosphere indidates that there are several
 
areas where more information is required. Table 4.23 summarizes the general
 
problem areas and the reasons why testing and analysis work is considered
 
necessary. Currently, it is virtually useless to attempt to estimate the
 
effects of uncertainties in the present values of the parameters on the final
 
results since the levels of these parameters may change in the Venus atmosphere.
 
While Table 4.23 does not provide a list of all the parameters that are
 
required, it is felt that the more significant items are included.
 
The data contained in Reference 66 should be compared to and
 
evaluated with the carbon phenolic data discussed above. However, Reference 66
 
was not obtained in sufficient time to allow these comparisons.
 
4.5.2 Data Correlations: Avcoat 5026-39/HC-G
 
4.5.2.1 General
 
During the development test phases of the Apollo heat shield
 
program, a vast amount of thermal test data has been generated. These data
 
were compiled for purposes of the Venus entry probe investigations to provide
 
a basis for generating ablator thicknesses and to serve as the basis for
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TABLE 4.23 
AREAS OF MATERIAL PROPERTY INVESTIGATION REQUIRED FOR CARBON PHENOLIC 
UTILIZATION IN THE VENUS ENVIRONMENT 
Area
 
Reasons for Investigation
 
Reaction Rate Parameters 1. Lack of data
 
(A, B, N) 2. Proper definition of surface temperature during terminal flight.
 
3. Aid in defining transition regime.
 
B. 	Diffusion Parameters 1. To determine if expression holds for atmospheres other than 
(Tw, WE) for air (WE) 
2. Effect of radiation in diffusion equation.
 
3. Aid in defining transition regime.
 
C. Sublimation Parameters 1. 	Present data virtually non-existent.
 
2. Determine point at which removal is by sublimation ratne 
H than diffusion. 
D. Thermal Conductivity and 1. 	Evaluate data-at higher temperatures - required since
 
Specific Heat 	 insulation requirement is a significant amount of heat
 
shield thickness.
 
E. Heat of Combustion 1. 	Effective value may change with atmosphere - needed for
 
(or energy terms) proper definition of surface energy effects including the
 
case of radiant heating.
 
F. 	Internal Conductive Parameters 1. Variation of char thickness and density due to different
 
surface (and internal) reactions and radiant heating.
 
genertioh'of 'adevelopment test lanspecifieafly for the Vens entry probe.
 
It is recognized thkp all available data (e.g. NASA; MSC) are not included 
$erein since thepe data were not received by Avco in tinie for interpretation and
 
inclusion in this report; The fpllowing sections present pure radiant heating
 
data.combined convective and radiant heating data, pure convective heating data
 
thermal 	properties data, and a discussion of flight test data correlations.
 
Because 	of the environment for the capsule which utilizes Avcoat 5026-39/HC-G,
 
it was not necessary to include the effects of shear and pressure on performance
 
of this 	ablator.
 
4.5.212 	Pure Radiant Heating Ablation Data 
Avcoat 5026-39/HC-G was tested in a puie radiant heating 
ervironmpnt at Southwest Research Institute (Reference 67), Giannini Scientific 
Corporation (Reference 68, Aerotherm (Reference 69), and Avco's Solar Furnace 
(Reference 70), The tests at the SoUthwest Research Institute were.p&rformed 
in five different atmospheric environments: air, nitrogen, argon'. 5%i0k - 95% 
N23 and 	i0% 02 -90% N2. The tests at Giannini and Avco were run in air and 
the tests at Aerotherm were conducted in Vacuum. All data are lited in
 
Table 4k24r-

The test results from SWRI, WiC, and Aerotherm are considered
 
to be reasonably good data. However, the surface temperature data from the
 
tests run in the Avco solar furnace are erroneous (as explained in Reference 70)
 
since the measurement was made while the surface was being shuttered from the
 
incident flux, and, as such, was rapidly cooling, The data were included for
 
completeness but were not used for analysis purposes. (It is showm inReference
 
70 that the reported surface temperatures are 2000-3000°R low depending upon
 
the incident flux.)
 
The incident flux was plotted aS a function of the measured
 
surface temperature for each of the five atmospheric environments and is
 
4-.192 
ST-211 
SpeImen
Identiication 
io. Mat. Config. 
Z-3RO 011,Cndet, 
,1,4/IS 
l 
9/ 
92' 
/67 
/96 
/,l 
5026-39/Ho-G ABLATION DATA - RADIATION TESTS 
r-,pLt 40 
Shear Surface qrr
Geometry Length Density r srf. Tie Stress Temp. (rT, 
W ia. 'e ,Poa L 
Lbs. In. Inches Lbs/Ft3 BTU/FtSec BTU/Lb Atmos Secs P8f OR BT/Ft2Sec 
0 &34 9 190/0 o'I0 33../ /98 ;4,/ 
AMIYoo10/ , 
04 9 260 
/,9sOtl,7o/o30 to /93 4o 
A91Z / 40 0 340 Z' /219 V-70n 
9 0 .VW 6ASO 1/90 /43j 360 
MQ'/,b67v "S2999.5e 
,0t 0 o b iV o SiO/35)0 
.,,60.Sja zo6o,/ '1Z)Yl 
Pre 
W Char 
Weight a Thick 
Fost J 
Gress In/Sec Lb/Sec In. 
0i j 6~q4JW4 .S 
,T YXS 7,1S(04 a.0 
/0 f1/ 24d6./x,16X/n0 6.o 6 
/560 s.' ' ;,x/5' 90 
I 0g2 1g7/// 
AnPl//95  .36 
0I q99 rZI/2t?ax/1 s7z0 
45~ox .310 
,g1oA,,o, . 
Fluid 
Medium 
-
A' 
Task No. o3. os.ol 
Remarks 
Facility and Explanatory Notes 
SA XJ 
SRZA 
A9S ~9m0 0a9 /I as //& 20 06'! CXIM1 ,.0XV 0 
Yl 
64/,t0 
93 
.6/0oslo 
.r,' I.tN 0./0 
,~o . sM&O 
/iV 
Z93, 
V/ 
/ 9/ 
/.Z/ 
/49 
/2501 9932qcx/AWx/Sd0/ 
/36U0Ije*~ 1 z VvS a.S3VO 
A32tsoo .a s, 0-;/a 
199O.610 e.310 .rso VI/ 7114 790 AtVXit0N6yd 09 
?SO0/900 o so / ,o /66, t- S0 a/ onx' &oaX4.3 6.2 
,t 
Ysi 
,9 /e ,1.7 60 
/9$ /,'oj op, 
.­9.ro 1,<,C6370 
~ 
/2A V/Po/ 
2,79 
,'sV1/ 
I/ 
21 
620 
/o 
0.50/_- 0 , Lflj,x i6 
Zy? 4 Wfl/6 xI4X4 
2 wxoxi 
0, 56 4 
os0, 
./o 
/78.?S/tdo5/ 
A9/9.0 A/.fo omzo /5 0l 
ZCh'i 
Si'/0,jo 
~7?300 
.4?flqo , s15yi, 
A.6vx/ *0ZAg 
10,3/0 
o Zzo 
ST-11 
Epele n 
Ideatification Geometry Length Drasty in psurr Time 
ABLATION flATA 
v98qLe4.4CoAr 
Shear Surface 
Stress Te. 
(z) 
q_. . Wih s a CharTic FluidMeimRers 
7os 1 z 4/6 03.or.o/ 
To. Hat. 
nZ-7JV 
/z2 
Coaflg. 
cy/,or 
W 
Lbs. 
Mia. 
In. 
Pre Io Aeln 
Inches Lbs/Ft3 BlU/Ft 2 See 
tTSW~ 0 6.696 S.340 if 
0./lb6ag '/Y 
;9 oso /0J610 
BTU/Lb Atmos 
.3.0 
Sees 
2,0/ 
HI 
/YS' 
Psf OR 
"Ito05 
.360 
? 
BT/Ft2 sec 
Pre IPost AFacility 
Grass In/SecLbSe I.­
aiao 65 //r oak6 
Avso a &w j 0.0jZ0 
9 V,q/XX'AKV e.24 
1,, -SwRX Arc 
sad frplaantory Motes 
Zn.3t 
/oZO' 9 1.6to aslX6i 
P 0 /,690 0,VO 
Avz j' 2.4­
c3CZ-7;O 
t. 
0srnt30 
I t 
/ 4(q 
/SS' 
too 
/.,m A9600 0 
'906 12 It.0YD' OW2 
/.?SIO1117 9.10o/ 
.9 0 toj .6 
IISO 5'0 ago 
£ 
sot, 
1 9o) 
S 
/g2/ 
4m 
s06 
3219/,A 
J11 
.sso 
cad.3o Z.qlv'0 39fl6 Z)0 
0s 39/s'9/xte 6,69s16%.S/O 
9 .Z 
9/tS  -,x~vtxbc o.z90 
4. U0 Z.17990" &IISM -2 
zC6 /9 0) 7.93 ,, 19o) M I,iss 0. qqz 7"4Ye 95?,X/ 10-WO 
ISO /.92 /'10cz & /00 51 .696 764ovSIxsS ALSO 
ST-211 ABLATION DA 
77zosk /. oor,'9Czar#4(Wav) (3) 
J Char FludSha r Et.SuacSpecimenTiIdentififation Gectt Intr Dri~ q Sr ~~Sms~m. E T04 Weigsht a TikMdu ea7 
-
Pre IPostl A T.cility and E.PlanatorY NotesNo. Mat. Coat ig. W Dia. I-o 
Lbs. In. Tnhbs ___Lb/Ft 3 Bfl/Ft 2secl Bu/Lb Atmos secs Ps? OR FTU/5t2Sec Craos In/Sac Lb/Sec in. I ________________ 
6/~~ 
V/ C 
IV5/9/.0 P.1)/ . 0 odS /90/ 
/ -
ZR3/ 
.ZI 
,ZX/ . 
-6N nAX 
45~o A5MO20.0/e0 77 / 9 .36Y q9/ 62X 7 O'4 
YS42A80 0.070/j 304 j~y'"v~ 1' 1 9/sWl A/i0.& 
ft5/'.' 160 0617 .W Y994O 'IV 0 y.swe o. 0/0 
1/7( iS /sY A,2o /S50o . 9 '20 /,Igo V'4xi COSA/a 4.30 
/7/ ,SO 0310 2050 X6 V360 /,o 1.,sV9W67XI A ' 
?£0/1 t 11s9A //'7 ,6'6'6"4abnxU A/ ' '/10 
Ay/ 
S3.950 /,oo ). fO 
Aq50 .~F IX1./ 
'30 
90 
0 I WtVO 
S 3/0 
&Sq164h3 ) 
,qwxlF3/A/C6 
, 
o'.15­
/00 .9X6 700 ), / /44 Om090JO/iS? .J90 
' A0krO 6 mc /50 490DbO A ) I V1 4a/40l J J Y lX i o. 19 
/6t/7S yp,5010 19 10 /5/ Z600 4369 'Y* 4 4xt 5 oi'0.40 
ZY 1 /'9ye '10 10 S"j f txf 4,gvx/il 9.,?m 
kC,tcA g)j1/ ,/'/ go5sY>x P,-7SrSsfd'76 4.SZOj 
/19so /1"o .090j , 3/ /ZlyVr I,. .2a)[0 ,3SI0 e, '/ 
I/S /IS"0 ,,i9 ^26e V4/85 /96260 ""% ym1// 3 .S$V 4,3an, 
/0/ ,95o /' &0 7 9Y90 'IT e('Vvo, 0. m4t/Yw06x05 4.3/s 
/Y/ 
1970 
. 
4 
1 
750,X & 
s1)1900 (Al e 
i/so*0Il 
Zd0., 
'7//t 
919 
lo 
99/0 
Iv 
'09 
*/6%V. 47 O15 4. 
, &Z/xIh 
6 1/aX'l 4. 
.70 
ST-211 ABLATION DATA 
Identification 
Spe 
Geometry length Deanity 6c ir S, Fg Time 
ShaqSrae
Stress TeMP. 
,r 
CETa Weight s i 
Char 
Thick 
Fluid 
Medium Remarks 
so. Mat. Ceonfig. Iw mia: r; o _ Pre Pos A Facility sod Eplanatory Notes 
Lbs. In. Inches Lbs/Ftl BTu/Pt2Sec BTU/Lb Atmos seas Psf OR BTU/t 2Sec Same In/Sea Lb/Sec In. ________________ 
/S,9,09o 40 s0,00 7.4 V/AO Z9 mP'7t 4VJ/. 
A,9ST1.o 0 ,V% j, 4/ '/OP 9Z KIP92hX0'a/ g n 
A9Z 070,4.137 16* Z/0 14 ~/ LO0 
156F ,37 a. r 10 /6/ S.0.9iA0, 71A,6./0OZsOJ X/ /u0 
Y's 'Ms/9/ cod) /7)? s3lvl0 0.62 6Sfmi IX/xtol 
I.,zS17XIi $ 0.3306 
"Irdj//,il Ott le. 6 f 
ST-211 ABLATION DATA 
pecln 
Identification 
No. Mat. Config. 
Oecaetry 
W ,a. 
Lbs. In. 
Length 
Irepos 
Inches 
A 
-Sheer 
Density c r 
Lbs/Ft3 BTU/Ft 2 Sec 
Sf 
BTU/Lb Atmos 
r-psL.'t4( oa,r,3 rs(o______ls 
Surface 4 rr I 
Time Stress Temp. CrTI4 Weight 
Pre ,Post, A 
Sees Psf o BTU/FtSee Grams 
S S 
In/Sec Lb/See 
Char 
Thick 
In. 
Fluid 
Medim 
A.o~. 
Remarks 
Facility and Eplanutory Note 
£5) 
92, 
oI 69A 4yiot 1 a~yq 0/0 
90 do 0/ 
X9M/a aW. 
3, 0 19 0/ /C 
",Z 
Z/ 
600 
-o'0W-9, 
3 0 
S/A. 4.611W$ P"X'6' 0.2/0 Atn 
Wox/6 q, o ,1 
LoI 4yIe 9 I6 si1a 
tSvi?. A'.rc ,.q 
19' 
6 
49 
161 /960/9/0 
oh 
.9jo An9d o47o" 
950 , F0a"0 
.9S?M 70Vz Yo 2 
1 
/666 'fl 
/ 
15 
5a0 #&1 
y6 
,v/0 
69640 o.9 Ar/a, ,,Y~mqlI ,so.s 
e. 9,7 '.0tw/pici a,/ o0 
osa7,&x/25/zJX/? 0,1/ 
sno vs*flw 04.25 
//5 
/29 
/70 
9A 
X . 0 0/m 
1950:/. 0 0../0, 
lSo 6, J.coxI 
/99T1 7. 170 
9.r6 ,n o a, dZ/Z 
2// 
16'&5' s. 
/ £5 
,96 
1,76 
/jx 
V50 
3W7260 
46/3' 
/7l0 
S/0 
7sJX 
l& WX/O qS? /IX6'4. . 
/o3/L 4Y: x: 4 X/0Vx ,0. 
,.,'xo 1./7Yk 0.57o 
7/ ZWX/O'ldrx/6 '),V/1 
122s 1.vrnYA' .96Ox -ov 
t /69?j 
679s 
.960ar. 50 0.02'05' 60,7a old 
/4090400/j Iss 
~ //, 4.6 
5) 
66/0  
.7 
a,otsi'3220 
. 
.5Sx/b 0*0gO~-*bA oaz 
/eo/6 4.4.t 
77 AW5 A0 a.0/0 1397 J06 4709 66X 9/kid' o.V1/o 
/A) 
991 
/46 
/00 
/4s 910/ ft~ 125d 
1 Ro /97 070 
o70 .'/70,/70 
/90./10 
.r. 
/650b~ 
ArztO 
/9/o 
5,1 
/9 
27 
66/ 
1/66 
'7//C 
YU2Za* d t30VkJ 
1,4t s',6VI3 ,iX'tj 
a.:0? ,1I9Y/3356X/6 
/020 V',s& 
P, 70 
0,30 
AS 
st 
ST-211 
ABLATION DATA 
spa.me a 
Idniiain Ietfcto eerLeghSheerGccr egh Density 4, q~ Hc P~ 
A~r44or)()tsSurfaceTime Stress Temp. qre,- -C Weight a m Char.~lThick Medium w.oso Rema 
-
____ 
~cyti, 4 r 
Lbs. 
-);-.Ci_ WO 
In. -Inches Lb/Ft3 
4~£940 /9 oc o?ir 0.0w9 .t 
. /P 2 SBC 
4p 
BTU/Lb Atmos 
33t0 
-Pr_ 
Sees Pst ORl 
_ 
B'TU/Ft2SeC 
_ 
Ps 
Grams 
n 
In/See Lb/Sec 
AiQ3 '&XIP 
Is. 
Abqoo 
Facility sad rPlaatory Notes 
Sw.Rx Acmx&qC­
117 
09 
95~F" 
/,95a 4 (w9 
3 (2 0 
?140.9t 
'A 
' / 2 0 
V~'/D 
/707 '/.13 46 
666 
0 
'leA90 q p l 
. S 9,Y. 
05a x9 
t 
o a5 0 
AS/ /&4) m1 0,0 Z" &70966 ~ bxt ~/ .9 
tsr~/ 
ATVM 
/07 
14-7 
9aqsol aMmY 
/ 9 46o0,Om 
9a 19~vO 
9A 620V//w 
960o SZ, 
IeV4~ 
'o 
5IIX 
J/ 
OASSs'a/spat ./ -VX4.340 
0/Vz listpx, .oZSX o.3o 
0, VsfR 4OW44 ').yci~/o 
0.' " /xlu 0320 
v ,oV ~~~qUO400 or /9*& r1 n.tou' 7X6 . 
?S /Io9t 
S 
ST-211 ABLATION DATA 
SpeclznT 
Identificatio Geometry Length Densityl 4c 1 4c Tie 
ha 
trs 
Surface 
Temv. 
qr 
f4-Tk 
wegh 
Igt S a 
Thick Fluid 
TikeimRers 
ev 
JFO. mat. Oonflg. W mia. its I oee A, ____ I_ Pre IPost An Facility and Eplanatory Rates 
ILbs. In. Inches ___Lbs/Ft3 DTT/t 2Sec BTU/Lb Atnos Secs Pa fl OR MY/Pt
2Sec ___-Greve In/Sec Lb/Sec In. _________________ 
so' /m he k 1Wz fta9, &O ss 19 0 / /70 11'74/Z a4/iix~d 0 Sof,C3 Sw9X.Z 1,c .m 
IR so I, 9k000 /97 I /9o IcJ'9~l24J7 e.' 75VY. 
/23/ "' A 4.U 0 /10'0 / 9 416W6 1/t0. 
IS3 W.3 1 ao~ '9w IV/6704 4397 flfio .mV'A' ,2 
.?.9650 2000 "'16OMo?'//4 /3V .ts xld 42SoI,d 
Arz 
13.9mo/.9o 0.0/6 
A0 /92 -AV 
74 
t/3 
/96 
/Zi 
SZ6 
'0j/o 
taxi~ %CZ4 0.3/0 
3W'~o4 9 Xo 6.SL 
/&/ 
//I 
/?V 
& /* 
9010 
.016 
6./10 
0.00 
0 
22/ 
/A70 
9r 
I /W4J, Z 
2140*z4 
44 60do9 
6266e149 
opl0 
.ia W4 )_Yw54s 
'ssxixyio 
tx 0ZVJ 
/27~A? /. /9/ . 0020 / 00 J9r S 'i Z./I7o9)iX . s 
ST-211 ABLATION DlATA 
S i c a t i o n IdaiG en- L e g t D e n s i q .t .. ..Z H - - i.Stress- h e-- em.;~ 0 T*weight- -~i - ~ hikMedIimRmrsi~ _ R es_ 
omAt. Conf ig. V Dine. 1'ePeAL... r Ps aility and Eplanatory Not 
Lbs * In. Inches Lbs/FtS BTU/Ft 2Sec DTU/LblAtmos Sees Posf OR nU/pt 2 Sec G__rams In/See Lb/sec In. _______________ 
YA-cY/,h A6S 9 0l0vo00 33.0o l 0.1 /47 P-9110 OAS 5(so 16''-&iXe'6 00 aOyqcn- swnr rxmq 
/A50.60.o070 57;10na4fXb/3/ 
IY? /9?, 1, 050 zso I 26 1/~o evZ-/2 
1/1 /9so/93?m2 .o /9'.0241.19',sx4 
/9, YXflO o /V0 it; 9q7.1 364 90v uz196 o~v/ 
gr .90 y. /10 /990 .t7 '' 093 ,&X/4oxZdO 0.5S0 
1.? qS9(m0AW40 i /1110Z ?J16 -.nzmyP za 4,/A 
/V?~ hI~$owo a,o, 62, IaSyxg Lst/O .0, 0'W 
/ 90 490 0 930 Z26v *v X130(.QYjvo, 0,1 
Z se 1, o 6oIto 9?0 M-0 V7D00.~&SVa/ 
ST-211 ABLATION DATAD 
7A'88L6 24 61-10 (9) 7,S_4 Ai, oro 
Specimen
Idn~ication Geometry ength Density i j, H PS 
ShearrTimece 
Tm.Stress Temp. 
q
CT4Weight s a 
Char 
Thick 
Fluid 
Medium Remarks 
so. mat. OomIIg. W- Dia. Pre IcFue 1 re I ot __ Facility sad hxplmaatory Notes 
Lbs * In. Inches__ Lbs/Ft 3 BTU/Pt 2Sec BTU/LO Atmos Seo Pot OR BaJ/Ft 2 Sec _ GramS In/Sec Lb/Sec In. 
,mo-U7/ oyhndep as5 03 35,4 9Z3'2 061 Vas -/Z3,9fvlo Air Ct9UAIS,~rPC Oca 
IF0L *7/, oo'& So 29 66 09IX56 
lftozt ,30.021 3/6Y .0,M Do,Z5 *3 .zb 
IR-9o z ai ow Io/ 6x 
ST-211 ABLATION DATA 
siIdentification 
II t-
Geometry 
- Die.-W 
Length 
P 
Density 4 c 1 Ps&rf Time 
.RL - 4.24 . ,' 
Shear SurfaceStress Temp. 
C/,.o) 
qrr6 T04 
_ _o_ 
iWeight sThick Char FluidMedium 
"72 'sA Ala, R,. , 
Remarks 
/ 
Lbs. In. Inches Lbs/Fl3 BTU/ 2Sac BT/Lb Atmos Sees P f OR MTU/Pt 2 Se, 
. 
Prer  I TostiIFacility 
Grass In/Sec Lb/Se In. 
M Remrend Eplh'mtory Notes 
"mn 0Vo 6 za.g joqcJ60e ir sxoxi s Vomal 96CRornanm Co*P. 
ZzV ~ol II,t9 0'S06.29I6 /05l 
N1 
C. 
ST-211 ANhATION flATA 
~pec~e 
Idniication Geomietry Length Dlensity 4 ~ P Ti.~.gfa 
Shee 
Stres 
Sufce 
Dm. 
q 
-T4Wiht 
E 
S a 
Char Flui 
TikMediumRma 
o.Mt. Cofig. TDe t o __ ___Pe IPoo. Facility and Explanatory Not 
- ____Lba. 
' 
Is. Inches Lbs/Ft3 BTU/Ft 2SecIBTU/Lb Atmos Sees Pet 
As'0 
OR BTU/Pt 2Sec -Grams -in/se[ tb/Sec in.I 
tX 
01-11%/f3ziZ3
'1' '191 ox3 
9.1.1 
.S32. SdS0. IJSI 
0/ 3792 /,s 
5,11 ),61. 1l bf5IV 
ST- 2 
anShearIdentification Geometry Length 
No.jMat.jCoiffig. IW M~a. 4~f4 
LbsIn. Inhs 
17,J 
Dlensity HeQr Fsuf 
- - - - -
Lbs/pL3 BTU/vt 2 Secj ITJ/Lb Atmos 
4 
Time 
-
Sees 
ABLATION DATA 
Surface 
Stress TemIp. 
-Pre 
OitR 
1 
qr
60 -T4 
f/F 2 c 
I Weight 
lPotj 
Gas I/ScLSe 
m 
Mar 
Thick 
In 
Fluid 
Medium Remaks 
Facility end 2cplonetory Notes 
S% VAr, 6,3I 
sct-316-
sII, 
az1 z9134.111-L9 
3902130123,-. 
A 
illustrated in Figures 4.77 - 4.81. The deviation of the solar furnace data 
from the other results is obvious. Examination of these plots leads to two
 
conglusions:
 
a)' the surface temperature is independent of environment; and
 
b) the surface temperature is a very weak function of surface pressure.
 
The surface recession data'were examined and found to exhibit
 
similar characteristics for all environments. A comparison of the nitrogen and
 
argon data show about the same results at all temperatures. One could postulate
 
that in these environments the mechanism controlling the surface recession is
 
the melting and vaporization of the silica reinforcement. Coqrparison-of.those
 
data with the 5% 02-95% 02 and 10% 02-90% Nk data shows that the surface­
recession rate increases with a proportionate increase in oxygen concentration
 
in the temperature range from 3000 - 5000°R. The air data verify this' observa­
tion. This lpads to thq conclusion that the surface recession is governed by­
a complex mechanism involving silica vaporization and carbon oxidation. However,
 
for tqmperatures greater than 6000°R the data for all environments'are
 
essentially identical. It is postulated that in this temperature range the
 
surface recession is controlled by the sublimation of carbon.
 
In examining the surface recession data, it yas found that it
 
was impossible to judge the extent of the pressure effect since it is insepar­
able from normal data scatter. However, when the data are compared on the
 
basis of total mass loss per unit surface area, the scatter is radically
 
reduced and the 6xtent of-a pressure effect becomes more evident. It appears
 
that thq total mass loss per-unit area is inversely proportional to the
 
surface pressure over the entire range of surface temperature. This observation
 
leads one to conclude that the surface recession mechanism is most likely a
 
vaporization or sublimation process.
 
An attempt was made to normalize the mass loss data for pressure.
 
4-205 
--
__ 
1. '6,79, 
.4 
10 
< 
10 2~ 
---. " (D)SRI 
__ 
[SRI 
SRI
-
__( SRISRI4-
10SRIJ I 
GSC 
GSC6' 
.O.1 atm, 
0.5 atm, 
1.0 atm,_ 
3. 0 atm,6.8 atm 
10. 0.amD05 atm. 
.01 atm. 
.05 atm. 
_ 
_ 
0 Aerolterm (V;Lcuum)Solar Furnace 1.0 atm 
1 11012000 4090 6000 8000 
0 
TEMPERATURE -R
 
Figure 4.77 
5026-39/HC-G Surface Temperature - Radiant Heating Tests - Air
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5026-39/HC-G Surface Temperature- Radiant Heating Tests -.4 02, 95% N2
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Figure 4.81 TEMPEAfURt OR 
5026-39/HC-G Surface Temperature - Radiant Heating Tests - 10% 02, 90% N2
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It was found that the mass loss data are inversely proportional to the two­
tenths power of pressure.
 
The mass loss data, normalized- for pressure, were plotted for
 
each environment as a function of reciprocal temperature and is illustrated in
 
Figures 4.82 - 4.86. Examination of these plots indicates that the total mass
 
loss in the temperature range from 3000-5000°R is influenced by oxygen
 
concentration but is not controlled only by this parameter. For temperatures
 
greater than 6000%R, the data is independent of environment or oxygen
 
concentration and is evidently good sublimation data.
 
In conclusion the pure radiant heating tests that have been
 
conducted on Avcoat 5026-39/HC-G have produced some interesting results.
 
Certainly, the data at temperatures greater than 6000R are sublimation data
 
and are very valuable. However, the results at lower temperatures does not lead
 
one to any immediate conclusions. These results indicate that the surface
 
recession is affected by oxygen concentration but is not controlled-by it..
 
Whether this observation is consistent with convective or'combined heating
 
tests requires further study.
 
4.5.2.3 Combined Heating Tests
 
A series of combined convective and radiative feating tests
 
of flat-faced specimens of Avcoat 5026-39/HC-G was conducted in the are
 
facility at Giannini (Reference 68). Thp objective of these tests was to deter­
mine the effects of a superimposed radiative environment upon ablation perform­
ance. *-Table 4.25 summarizes these data.
 
Upon examining the'data, it was observed that the measured
 
surface temperatures are in the range where diffusion controlled ablation
 
would be anticipated for a carbonaceous material. Therefore, the data were
 
correlated to a diffusion-controlled oxidation.model. A plot of the
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one-dimensional surface mass loss rate vs. the non-blowing heat transfer
 
coefficient is illustrated in Figure 4.87. Diffusion-controlled oxidation
 
theory predicts a linear relationship between the surface mass loss rate and
 
the heat transfer coefficient. Inspection of Figure 4.87 shows that almost all
 
of the data lie within 20% of a normal linear fit. Except for those few points
 
that lie outside the 20% bounds, the data would indicate that the surface
 
recession is diffusion-controlled for both the pure convective and combined
 
convective-radiative heating environments.
 
Examination of the data for those few points that lie outside
 
the 20% tolerance band shows that the measured surface temperatures for these
 
particular tests were the highest. Thus, a plot was made of the surface mass
 
loss rate normalized by the non-blowing heat transfer coefficient as a function
 
of the observed brightness temperature and is shown in Figure 4.88. Diffusion­
controlled oxidstion theory predicts that the normalized surface recession
 
should be independent of surface temperature. Observation of Figure 4.88
 
indicates that the normalized mass loss rate is essentially a constant below
 
temperatures of approximately 52000R. Above 5200%R, a strong temperature
 
dependency becomes apparent. The indication is that the mechanism of surface
 
removal has changed from diffusion-controlled oxidation to surface sublimation,
 
which is a strong function of temperature.
 
The da:ta were inspected for evidence of some pressure or enthalpy
 
dependency. Unfortunately, the two are inseparable for a given cold-wall
 
convective heat flux and therefore, no dependency could be separated from the
 
data. To summarize, analysis of the data indicates that the mechanism controll­
ing the surface recession rate for surface temperatures greater than 35000R, but
 
less than 5200°R is diffusion-controlled oxidation of the carbonaceous char.
 
Superimposition of a radiative heat flux on the convective conditions has no
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appreciable effect upon the surface recession rate but merely tends to increase
 
the surface temperature. However, when the surface temperature exceeds approxi­
mately 5200 R, the mechanism controlling surface removal changes to sublimation
 
of the carbonaceous char and the actual recession rate becomes a very strong
 
function of temperature. It is in this regime that the severity of the combined
 
convective-radiative environment will have the most deleterious effects.
 
4.5.2.4 Convective Heating Test Correlations
 
Test data from the Avco OVERS facility have been analyzed to 
determine the enthalpy effect on ablator performance. The test conditions 
range from convective heat fluxes of 100 Btu/ft2-sec to 432 Btu/ft2-sec, over 
an enthalpy range of 4800 Btu/lb to 20,000 Btu/lb (See Table 4.26). 
The fact that there is no apparent enthalpy dependence is 
indicated in Figure 4.89 which shows mass loss rate (? os) as a function of 
heat transfer coefficient (qc/H). The data demonstrate that the ablator perform­
ance correlates reasonably well with film-coefficient thus indicating that 
char removal is consistent with the diffusion-controlled regime. 
Comparison of Figure 4.89 to Figure 4.87 indicates a significant
 
difference of apparent performance when tested in two different facilities.
 
At the time of this report; this difference has not been explained; however,
 
it is considered that the problem is one of facility differences rather than
 
one of ablator non-repeatability.
 
4.5.2.5 Thermal Properties Correlations
 
4.5.2.5.1 	Thermal Conductivity
 
Figure 4.90 presents a series of curves for thermal
 
conductivity of Avcoat 5026-39/HC-G pre-charred in an inert environment at a
 
specific temperature and then tested up to that temperature. It must first
 
be noted that actual test data include pre-chars and associated conductivity
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measurements up to 3500F. Beyond that point attempts were made to postulate
 
char constituents (based upon chemical reactions) and to estimate conductivity
 
for the combination of constituents. Because of the speculation of this approac2
 
above 35000F, the thermal conductivity follows the envelope up to the maximum
 
- °F and then holds constant at higher temperatures.
conductivity of 0.7 Btu/hr-ft
The data below 3500°F represent a combination of guarded hot plate measurements 
made at Avco and at Thermatest Laboratories. Individual test points are not 
shown for the sake of clarity on the curve. 
It is apparent from Figure 4.90 that it is appropriate to use 
the'efivelope (the dashed line)as long as temperature is increasing. However, 
it Ss incorrect to allow the conductivity relationship to be reversible with 
Therefore, all heat shield calculations incorporate an.irreversibletemperature. 

dependence of thermal conductivity on temperature.
 
4.5.2.5.2 Specific Heat
 
Test measurements of specific heat for Avcoat 5026-39/
 
HC-G have, in the vast majority of instances, shown that the value is approxi­
mately 0.35 Btu/lb-°F between room temperature and 1000°F (the upper limit to
 
which data have been obtained). However, during the course of the flight
 
evaluation of AFRM Oll (Reference 71) one set of measurements showed a
 
significantly increasing value of specific heat with increasing temperature as
 
shown 6n Figure L.91. This functional relationship had no extreme effect upon
 
correlations of measured with predicted temperatures but did improve slightly
 
the overall correlation (as combined with all other parameters). It is for 
this reason that the specific heat of both virgin and charred ablator are used 
as given on Figure 4.91. 
4.5.2.5.3 Decomposition Correlations
 
Linear thermogravimetric analysis data were obtained
 
for Avcoat 5026-39/HC-G as shown on Figure 4.92. These data indicate weight
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loss (which is assumed to be the same as density, thus neglecting any char
 
shrinkage) as a function of temperature for a condition where the temperature
 
is being increased linearly with time at a rate of 0.1677°R/see. These data
 
are reduced, along with similar data at other temperature rise rates, to
 
establish the constants for the Arrhenius expression describing density reduc­
tion as a function of time and temperature.
 
4.5.2.4 Flight Test Correlations
 
Using the thermocouple data from the flight of Apollo AFRM 011,
 
studies were performed as a part of a contract from NASA, MSC to correlate
 
measured with predicted temperatures. The details of these studies are presented
 
in Reference 67. It was found that by using a surface temperature as a driving
 
force (in order to uncouple surface from subsurface phenomena) and after adjust­
ing properties which are not measured in the laboratory, satisfactory agreement
 
can be obtained between measured internal temperature responses and predicted
 
values.
 
4.5.2.5 Summary of Problem Areas
 
A review of the available ground and flight test data on Avcoat
 
5026 indicates that additional testing is required to adequately define the
 
thermal protection requirements for the Venus probe. Table 4.23 of Section 4.5.l,
 
which indicates the additional testing required for carbon phenolic,is,in
 
generalalso applicable for Avcoat 5026 with a reduced level needed. It should
 
be noted that for the trajectories indicated for the lower performance missions,
 
the insulation requirements for Avcoat 5026 are significantly larger than the
 
ablation requirements and therefore more stress is needed in the definition of
 
internal properties than for the design using carbon phenolic. In general, the
 
effect of atmospheric composition, radiant heating and the proper definition
 
of ablation constants and energy terms must be determined. The amount of
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testing for Avcoat 5026 should be iess than carbon phenolic simply due to the
 
availability of existing data provided, of course, that the effects of atmospher
 
can be easily correlated.
 
4.5.3 Heat Shield Performance Analysis
 
4.5.3.1 Scope of Analysis
 
The objective of this section is to present typical heat
 
shield thermal responses for entry into the Venus atmosphere. Calculations
 
are presented for both Avcoat 5026-30/HC-G and carbon phenolic. A scaling
 
technique is derived for heat shield weights for other flight conditions and
 
configurations.
 
4.5.3.2 Avcoat 5026-39/HC-G
 
Heat shield performance calculations were performed at the
 
stagnation point of the entry probe which utilizes Avcoat 5026-39/HC-G as the
 
ablative heat shield. The conditions for which this analysis was performed
 
are as follows:
 
0.15 slugs/ft2
 W/CDA = 
RN/RB = 0.25 
ec = 600
 
VE= 35,600 ft/sec 
"6 E = -6oO 
AV-50= atmospheric model
 
Table 4.27 gives the aerodynamic environment used for the thermal calculations.
 
Figure 4.93 shows the surface recession history and indicates the ablation is
 
first controlled by the surface reaction kinetics, then by the diffusion of
 
oxygen to the wall (as surface temperatures increase) and then by sublimation
 
of the carbonaceous char at the interval of maximum surface temperature. The
 
process is essentially reversed as heating and surface temperature decrease,
 
with a transition period where the ablation is governed to the same approximate
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Figure 4.93 5026-39/HC-G Stagnation Point Surface Recession History
 
extent by both oxygen diffusion and reaction kinetics. It is seen that for 
this case, the total amount of char removal is 0.043 inch. Figure 4.94 
presents temperature histories at the ablator surface, at the mid-point of the 
0.15 inch of ablator, and at the bondline between the Avcoat and a 0.06 inch 
steel substructure. Design of the heat shield requires protection of the 
substructure to a 600°F maximum value at Mach 0.5. For this case, Mach 0.5 
occurs at approximately 52 seconds, and it is seen that the 0.15 inch of 
ablator affords the proper thermal protection, assuming an initial entry 
temperature of 80°F. 
Density profiles through the ablator at specific times are
 
shown on Figure 4.95. Until 30 seconds, there is essentially no decomposition
 
of the ablator as a consequence of the low heating up to this time. At 36
 
seconds the surface has charred to about one half of the fully charred conditic
 
(16.5 lbs/ft3 ). At later times the surface and some finite depth are fully
 
charred. It is interesting to note the decomposition zone during the period
 
of significant heating (at times later than 36 seconds) is relatively thin,
 
indicating a condition which approaches steady-state.
 
The final capsule which employs Avcoat 5026-39/HC-G as the
 
ablator has a ballistic coefficient of 0.20 slugs/ft2 and a bluntness ratio
 
of 1.0. Compatison of the environment for the actual capsule to that for which
 
thermal responses were obtained shows that the quoted 0.30 inch thickness is
 
sufficient to maintain the 600°F structure temperature limit. The 0.30 inch 
was selected as a probable minimum thickness for fabrication and is not 
derived from minimum thermal requirements. 
4.5.3.3 Carbon Phenolic
 
During the initial heat shield parametric study to obtain
 
ablator weights for many capsules and trajectories, only a limited number of
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transient 1600 calculations were performed. It was established from these
 
calculations that the ablation process (and hence the mass of ablator removed)
 
can be predicted by use of a quasi-steady surface boundary condition. Sufficient
 
calculations were performed to establish that entry angle is the primary factor
 
which influences insulation weight. Therefore, by studying the Program 1600
 
calculations and by performing a large number of quasi-steady calculations, the
 
scaling process described in Section 4.5.3..4 below was employed to define heat 
shield weights for capsules not specifically contained within the initial
 
parametric study. 
A typical carbon phenolic thermal response calculation is 
presented in Figures 4.96 through 4.98 at the mid-cone point of a capsule having 
the following characteristics and entry conditions: 
/C )= 1.1 slugs/ft
2 
R/'AB =0.25
 
450
ec = 

VE= 38,254 ft/sec
 
V = -50 
AV-4 = atmosphere model
 
The surface recession (Figure-4.96) is dominated by the sublimation regime, a
 
direct consequence of the high combined heating rates. The temperature histories
 
of Figure 4.97 show the associated high surface temperatures and the fact that
 
approximately 0.30 inch of ablator maintains the 600°F design limit. The char
 
layer as indicated by the density profiles of Figure 4.98, remains relatively
 
thin throughout the heating duration and does not begin to show significant
 
transient effects until 80 seconds when heating is ended.
 
A performance analysis was also conducted for carbon phenolic
 
at the conditions listed below, to duplicate an analysis of Jet Propulsion
 
Laboratory.
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0.6 slugs/ft
WCDA = 
Diameter = 4.o ft 
= 36,000 ft/secVE 

-300
 e E = 
AV-50 = atmosphere model 
The calculations were performed for the stagnation point using
 
0.43 inch of carbon phenolic. All environmental parameters were those supplied
 
by Jet Propulsion Laboratory and are listed in Table 4.28.
 
The ablation history and modes of ablation are shown on Figure
 
4.99. It isnoted that for this case, the removal is again primarily dictated
 
by carbon sublimation.
 
Temperature histories for this analysis are given on Figure
 
4.100 at the surface, the ablator mid-point, and the backface. Assuming
 
that protection to 600°F is required up to Mach 0.5 (which occurs at approxi­
mately 72 seconds) it appears that the 0.43 inch is more than sufficient
 
since the backface is at 560°F at this time. It is noted that the 0.43 inch
 
includes a simulation of a substructure, a technique employed by Jet Propulsion
 
Laboratory in some heat shield calculations. It would thus appear that the
 
Jet Propulsion Laboratory calculation is slightly conservative relative to the
 
Avco approach. However, it must be realized that only one comparison has been
 
made (due to time limitations) and no real trend can be established.
 
4.5.3.4 Heat Shield Scaling
 
Program 1600 calculations such as those discussed above for
 
carbon phenolic were compared to calculations of surface recession using a
 
quasi-steady form of the surface energy balance (Avco Program 1950). These
 
comparisons, where were performed during the initial parametric study revealed
 
that the quasi-steady approach to predictions of ablation agree almost exactly
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with the Program 1600 calculations. It was further discovered that for~the
 
range of parameters being considered, entry angle was the dominating factor
 
governing insulation requirements (i.e., the ablator which is not removed).
 
Therefore, on the basis of these comparisons and observations from both the
 
Program 1600 and the Program 1950 calculations, a heat shield scaling technique
 
was developed. This scaling technique was employed to predict heat shield
 
weights for the fihal capsule configurations.
 
The heat shield weight is divided into three elements: 
W = Win + WR + W 
where Win = insulation weight 
= ablated weight due to fadiation heating
WR 

Wc = ablated weight due to convective heating
 
As noted above, the parametric studies on carbon phenolic showed that the
 
insulation weight is primarily a function of the entry angle, and a variation
 
was generated as shown in Figure 4.101. The insulation weight criteria used
 
is that the backface temperature does not exceed 6000F prior to-impact.
 
Although the final capsules require protection only to Mach 0.5, the correla­
tion is still very nearly correct since the structure temperature reaches its
 
maximum value at a time very close to Mach 0.5.
 
The weight of ablator removed in order to dissipate partially
 
the radiative heating component is estimated simply as
 
WR =/HV
 
'there% is the integrated incident radiative heating; use of the quantity
 
HV reflects the consideration that the primary heat rejection mechanism is by
 
vaporization of the carbonaceous surface.
 
The ablation weight attributed to the convective heating
 
component must account for the flow being laminar or turbulent and the effect
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of radiation blockage. An elementary form is:
 
- x] (31)
 
where H is an effective enthalpy, and the value of the enthalpy at peak 
heating is recommended, in which case, 
H/He = 0.72 for laminar heating, and 
I/He = o.60 for turbulent heating 
Qc = the integrated cold wall convective heat transfer, and 
= the transpiration coefficient. 
An example of use of this technique is as follows:
 
Material properties data are:
 
Nj = 0.76 
-r T= 0.40 
\ = 11400 Btu/lb 
IA =216oo Btu/lb 
= 18000 Btu/lb 
= 16400 Btu/lb 
Y - = 7200 Btu/lb 
The heating data on three configurations is taken from the parametric study 
results, 
Mid-Cone Stag Point 
Vehicle Qc (turb) QR Qc QR 
45 deg. cone 9100 2812 19560 14020 
60 deg. cone 5280 9626 14000 9800 
30 deg. cone 12600 3960 30000 29000 
The insulation weight (unstaged) for this entry angle is 1.65 lbs/ft2 . The
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heat shield weights calculated and given in the parametric study are,
 
Vehicle Mid-Cone Stag Point 
45 deg. cone 2.55 psf 3.30 psf 
60 deg. cone 2.85 2.79 
30 deg. cone 3.30 4.65 
The calculated weights using the scaling equation are: 
Vehicle Mid-Cone Stag Point 
45 deg. cone 2.93 3.31 
60 deg. cone 2.72 2.82 
30 deg. cone 3.43 4.65 
Comparison of the approximate and numerical results indicate the stagnation
 
point is fortuitously well predicted, and no more than 15 percent variation
 
on the cone. On the cone, the combination of laminar and turbulent flow makes
 
scaling difficult.
 
4.5.4" Shear and Pressure Gradient Effects on Avcoat 5026-39/HC-G
 
4.5.4.1 	Effects-of Aerodynamic Shear on Avcoat 5026-39/HC-G
 
The effects of shear upon Avcoat 5026-39/HC-G performance are
 
best demonstrated by data such as those shown in Figure 4.102. The 10 MW
 
arc downstream pipe configuration was used to perform tests for a range of aero­
2 
dynamic 	shear stresses up to approximately 35 lb/ft . Previous studies of 
low-shear test data obtained in this facility have indicated that the ablation
 
phenomena are most likely sublimation controlled; i.e., the surface temperatures
 
(for this configuration) are apparently high enough for vaporization to control
 
the surface mass-loss rate. Accordingly, Figure 4.102 shows a sublimation
 
parameter that is a mass-loss rate normalized for pressure and plotted with
 
measured surface temperature as the independent variable.
 
The significance of aerodynamic shear from 15 to 35 lb/ft
2
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is evident. At 4000aR, the increased recession is close to a factor of 5,
 
while at 5600o%, it is at least a factor of 2. (Data at 5600°R and 35 lb/ft
2
 
would probably be even higher than the indicated exirapolation.) The straight
 
lines drawn do not represent functional relationships, but are shown only to
 
indicate general trends of the data.
 
Although the data of rigure 4.102 are presented such that it
 
appears possible to account for an apparently predictable recession increase,
 
there are several reasons for adopting a more cautious approach. Up to
 
15 lb/ft2, ablation data s4ow no significant effects of shear. The surface of
 
the.char remains macroscopically smooth, and the surface recession is quantitatively
 
repeatable and predictable. Beyond 15 lb/ft2, serious char spalling occurs,
 
creating self-aggravating, unstable, unpredictable surface recession and
 
fluctuating surface temperatures. The measured mass-loss rate at shear levels
 
above 15 lb/ft2 is, at best, only partially indicative,of actual performance.
 
4.5.4.2 	Effects of Pressure Gradients on Avcoat 5026-39/HC-G
 
-Besides the vulnerability to aerodynamic shear above 15 lb/ft2,
 
Avcoat 5026-39/HC-G erosion rates were observed to become excessive either
 
where large surface pressure gradients exist or where the rear surface of the
 
ablator is not sealed. In both of these cases, it is not evident that the hot
 
plasma actually penetrates deep into the material. It appears that the
 
gaseous products of decomposition do not transpire directly into the boundary
 
layer; rather, if the pressure gradient is large enough"to permit such flow,
 
they follow a preferred path at least resistance through the porous ablator
 
structure to a region of lower pressure than that at the ablating surface.
 
In the resulting gas-starved area, energy dissipating reactions are reduced,
 
and practically all of the heat-blocking transpiration effects are lost.
 
The result is extremely rapid and irregular surface recession. This phenomenon
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was observed from a series of 10 MW arc splash tests which were performed
 
where specimens of identical thickness and with the honeycomb core aligned
 
normal to the aerodynamic flow were subjected to identical test conditions.
 
The only difference between a given set of two specimens was that one was
 
sealed with an impervious material at the backface while the other had no seal.
 
The results of these tests are summarized on Figure 4.103 where the difference
 
of performance, as discussed above, is evident. It was concluded from these
 
tests that the Avcoat 5026-39/HC-G is sensitive to significant pressure gradient
 
as a consequence of the large open or inter-connected porosity. It is seen
 
that further testing is required to establish the threshold of this sensitivity.
 
4.6 DEVELOPMENT TESTING SIMULATION
 
4.6.1 Introduction'
 
The thermodynamics design of the heat shield for a Venus atmospheric
 
entry capsule will contend with the customary problems associated with analysis
 
and interpretation of ground test results, i.e., separation of variables such
 
that the specific effects of enthalpy, pressure, heating rate, and shear
 
stress can be properly evaluated and incorporated into the design analytical
 
model. In addition, the Venus entry problem is complicated by two unique
 
factors which have significant bearing on the nature and scope of the develop­
ment test program. These are:
 
1. 	Large concentration of carbon dioxide in the Venusian
 
atmosphere, and
 
2. 	Extremely high levels of convective and radiative heating
 
emanating from the plasma sheath during entry.
 
Because of the complexity of the total problem, the development
 
test program is to be accomplished in three distinct phases as follows:
 
Phase I: Two representative heat shield ablator materials (high and low
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density) will be tested over the widest possible range of applicable simulated
 
flight conditions. The prime objectives of these tests will be to investigate
 
the thermochemical phenomena associated with the complex ablation process. An
 
important part of this effort will include tests which are specifically designed
 
to resolve problems arising from certain simulation limitations inherent in
 
the various ground test facilities.
 
Phase II: Thermodynamic properties tests and trajectory oriented ablation
 
tests will be conducted to provide specific data for the design application.
 
All Phase II tests
Statistical confidence in these data will be required. 

will be conducted on the same materials utilized in Phase I.
 
Based on the earlier work, meaningful screening tests will be
Phase III: 

selected and applied in evaluating the relative merits of several other candidate
 
materials for the Venus entry application.
 
In the Phase I discussion, it will be shown that it is beyond the state-of­
the-art to similate simultaneously in ground test facilities representative
 
levels of flight heating rate, enthalpy, pressure, and shear. For the higher
 
velocity entry trajectories described herein, it is beyond current facility
 
capabilities to obtain in some cases even the appropriate level of a particular
 
parameter of interest. The lack of accurate environmental simulation, coupled
 
with the complexity of the thermochemical ablation phenomena over a wide range
 
of conditions in a foreign atmosphere, makes it necessary to conduct for
 
design support as comprehensive a parametric study as possible within the
 
limitations of technical, economic, and schedule restraints.
 
4.6.2 Simulation Considerations
 
4.6.2.1 Mass Transfer Regimes
 
For the wide heating range of interest in this study,
 
4.105, 4.iO6), the ablation of the carbonaceous charring
(Figures 4.10, 

materials will involve at least four distinct aerothermochemical regimes.
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At the low fluxes, the mass transfer process is initially chemical "reaction
 
rate controlled." As the heat flux and surface temperature increases, a
 
"transition regime" exists where the speed of the chemical processes is com­
parable to the rate at which fresh reactant is brought to the surface and the
 
products of reaction are removed by convection and diffusion. Thus, the overall
 
process is a transition regime where both chemical and gas dynamic processes
 
prevail. As the surface temperatures increase, the chemical oxidation processes
 
are limited by the gas dynamic effects (diffusion-controlled regime). As
 
the surface temperature increases further, the sublimation rate increases
 
exceeding the surface oxidation rate, and atoms and molecules of the ablator
 
are present in the gas phase; hence, the "sublimation regime".
 
In the rate controlled and transition regimes, the ablation rate
 
of a carbonaceous material is a sensitive function of temperature. In the
 
diffusion-controlled regime, the ablation rate is proportional to the square
 
root of the pressure and is essentially independent of temperature. In the
 
sublimation'regime, the mass loss rate is a function of both surface pressure
 
and temperature. 
It should be noted that the foregoing disucssion applies directly
 
to pure carbon or graphite materials and the presence of foreign materials such
 
as phenolic or epoxy resin systems and glass fillers serve to complicate the
 
problem of material ablation characterization.
 
4.6.2.2 Combined Radiative and Convective Heating
 
The high velocities associated with the Venus entry problem
 
(350001 Ve-._ 42000 fps) results in extremely high temperatures in the shock
 
layer. The shock layer gases in this highly excited state act as a source of
 
considerable radiant energy which augments and in some instances completely
 
dominates the convective heating to the ablator surface during entry. Figures
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4.105 and 4.106 show the combined heating rates for three representative entry
 
trajectories. The influence of velocity on radiant heating level is quite
 
severe. The peak rate for the 35,600 fps case is on the order of 1000 Btu/ft2-sec
 
as opposed to 14,000 Btu/ft2-sec for the 42,000 fps case.
 
These heating values are considered realistic even though there is
 
a considerable degree of uncertainty associated with prediction of the radiant
 
heating rates. The several factors contributing to the large spreads in the
 
predicted radiant heating levels are discussed in Section 4.2. One of the
 
significant factors is prediction of the amount of radiant energy emitted
 
from the hot gases in the ultraviolet spectrum. A spectrometry technique
 
developed at Avco has been successfully employed to observe the nitrogen
 
emission spectrum from an isothermal plasma (13 ,150K)to approximately 900
 
angstroms. (72,73,74) Although not an integral part of this development test
 
program, it is strongly recommended that similar measurements be made on C02
 
plasmas to improve the accuracy of the heating predictions.
 
4.6.2.3 	Combustion Effects
 
The ablation performance of heat shield materials during
 
Venus atmospheric entry will be affected by the amount of oxygen in the atmosphere
 
available to support the combustion processes. Although there are uncertain­
ties in 	the pressure profile and gas composition of the Venus atmosphere, it is
 
now generally accepted that the gas composition is predominantly C02; probably
 
over 90% 	by weight. The effects of this foreign atmosphere on the thermal and
 
ablation performance of the heat shield material is of major concern in the
 
development test effort.
 
4.6.2.4 Mechanical Erosion Due to Aerodynamic Shear Stress
 
Figure 4.107 illustrates the dependence of maximum shear
 
stress on entry velocity. From quite nominal values of below 10 psf for the
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35,600 fps case the maximum shear values approach 70 psf at entry velocities
 
around 40,000 fps. Although the conventional high density ablators are not
 
detrimentally affected by shear values of these magnitudes, there is evidence
 
that the low density classes of materials experience excessive irregular erosion
 
at some point between the two shear stress levels indicated. Thus, for the
 
lower velocity entry missions, shear stress is not considered a problem; but
 
for the high velocity cases, the shear effects on the low density materials
 
will be evaluated.
 
4.6.3 Trajectory Requirements and Facility Capabilities
 
4.6.3.i 	Convective Heating
 
Figures 4.104 through 4.106 contain flight profiles of
 
three selected entry vehicles* which describe the ranges of entry parameters
 
to be encountered in a Venus atmospheric entry. On Figure 4.108, the range of
 
operating conditions of presently operational convective heating facilities
 
is 	represented by the cross-hatched area showing good coverage below one half
 
atmosphere for a wide enthalpy range-and for one to ten atmospheres below
 
H/RTO = 400. The superimposed trajectory profiles on Figure 4.108 shows that
 
although representative enthalpy and pressure levels can be achieved, simultan­
eous simulation of enthalpy and pressure near critical peak heating is well
 
beyond the capabilities of currently available facilities. The peak heating
 
points for the 38,250 and 42,000 fps entry trajectories actually fall outside
 
* 	 VE M/CDA YE ec RN/RB D 
fps slug/ft 2 
35,600 0.2 -60o 600 1.0 43"
 
38,250 o.475 -60 . 450 6.25, 4.5'
 
45° 
42,000 1.1 -500 	 0.25 2.5'
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what is considered the practical facility limit for state-of-the-art arc
 
plasma generators. The limit curve shown in Figure 4.108 is synthesized
 
from References 75, 76, and 77. It shows that in a ground arc test facility,
 
maximum attainable enthalpy decreases as pressure increases. At the low
 
pressure side of the figure, the enthalpy limitation is based on the fact
 
that increasing current produces a decrease in gas resistance and an increase
 
in conduction and radiation losses such that the gas enthalpy does not
 
increase with current flow. The enthalpy limits in the high pressure side of
 
Figure 4.108 are due to extremely high heat transfer rates to the electrodes
 
and nozzles which exceed the cooling capacities of forced convection techniques.
 
Design capabilities of two test facilities which provide significantly better
 
Venus entry test simulation than presently available facilities are shown in
 
Figure 4.108. The Lo Rho Pilot facility at AEDC, Tullahoma, Tennessee, and
 
the AMES Combined Heating facility are two of the test facilities recommended
 
for use in the development, test program and are discussed in detail later.
 
Figures 4.105 and 4.106 show-the mission profiles-with respect to
 
enthalpy and convective heating rate for stagnation point and cone, respectively.
 
The superimposed ground test facility capability boundary shows complete lack
 
of simulation capability for the high velocity entry and reasonably good
 
coverage for the low velocity entry. For the intermediate velocity profile,
 
off design conditions are available which are not directly applicable to the
 
trajectory conditions since level of heating and 6nthalpy can be achieved but
 
not simultaneously.
 
Combined Radiative and Convective Heating
 
The combined heating levels associated with the stagnation
 
point and cone of'three representative Venus entry probes entering at typical
 
velocities are shown in Figures 4.105 and 4.106, respectively. On Figure 4.105,
 
the ground test capability is shown to encompass a very small portion of the
 
flight regime of interest. The half shaded points are desirable combined
 
heating conditions which are beyond the capabilities of presently available
 
facilities.
 
The best combined heating test capability is available in the AMES
 
Combined Heating facility. (77) Because of reasons discussed in Section 4.6.4.1,
 
the AMES facility employs external radiation sources in combination with a
 
conventional arc jet to achieve the combined heating conditions. The external
 
radiation technique is limited in this application because its radiant flux has
 
a spectral distribution which is not representative of flight. The arc imaging
 
sources provide no ultraviolet radiation. Ultraviolet energy may constitute
 
a significant portion of the radiative flux to the flight vehicle. If the
 
ablation material surface absorptivity is sensitive to the spectral distribution
 
of incident radiation, it will have to be accounted for in interpreting the
 
ground test data.
 
The plotted test conditions on Figure 4.105 indicate that the Avco 
RASTA facility, a pure radiant flux source, can provide heating rates up to 
10,000 Btu/ft2-sec. This level is equal in magnitude to the net heating of 
combined fluxes 6ver a considerable range. At these high fluxes, the mass 
removal of the ablator will be sublimation controlled over the important portion 
of the heating pulse. If the ablation in the sublimation regime is sensitive 
only to surface temperature and pressure, the utilization -of a pure radiant
 
source to provide all of the energy to the test material is a reasonable means
 
of circumventing the problem of lack of combined heating capability.
 
The effect-of mode of heating on material ablation will be deter­
mined in the AMES Combined Heating facility by testing with parametric varia­
tions shown in Figures 4.105 and 4.106. From these results, the appropriate
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levels of pure radiant heating to simulate combined heating levels will be
 
established. It is expected that these tests will show the convective block­
age factor to be very high in the high combined heating regimes. If the
 
convective blockage factor is on the order of 85% then the RASTA test capability
 
would embrace the area under the boundary shown in Figure 4.105.
 
The Avco ROVERS (78) and Southwest Research Institute (79) test
 
conditions shown on Figure 4.106 will be utilized to provide a cross check on
 
test techniques and to establish the relative ablation performance under ident­
ical heating rate levels but different spectral distribution of the three
 
facility radiation sources.
 
4.6.3.3 Atmospheric Composition
 
The Venus atmospheric composition consists of approxi­
mately 90% C02 gas by weight. Unfortunately, all of the ablation test facilities
 
cannot operate with these large concentrations of C02 gas in the test fluid.
 
-roblems such as oxidation of tungsten electrodes or chemical reactions
 
between free carbon from degrading carbon electrodes and the oxygen in the test
 
fluid must be solved through careful design and control of the tests.
 
The first step will be to establish the C02 equivalence
 
of air in various facilities in terms of ablation and thermal response. This
 
will afford a means of applying the results of already available ablation data
 
in air to the Venus entry problem. Parametric variation of C02 concentration
 
will show the relative performance of materials in the 90% C02 concentration
 
range compared to the C02 concentration representative of air equivalence. The
 
actua test conditions selected will, of course, depend on the results of the
 
air equivalence runs and the maximum C02 capability of the facility. The
 
concentrations suggested in Table 4.29 are preliminary estimates intended to
 
indicate scope rather than tie down specific run conditions.
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TABLE 4.29 
VENUS ADDENDUM - DEVELOPMENT TEST PLAN - PHASE I 
FACILITY CONVECTIVE RADIATIVE LPY PRESSURE SHEAR MODEL TEST NO. OF 
DESCRIPTION HEATING 
RATE 
HEATING 
PATE 
(Btu/ib) (Atmos) STRESS 
(PSF) 
GEOMETRY FLUID 
(¢ C02 ) 
TESTS TEST OBJECTIVE 
(Btu/ft 2-sec) (Btu/ft 2 -sec) 
1. AMES Combined 0 500 0.2,1.0 --- Sphere VariablE 12 1. Effects of mode of 
Heating Facil-
ity - Stagna-
tion Tests 
0 
1000 
1000 
1000 
500 
1000 
---
23,800 
23,800 
0.2,1.0 
0.2 
0.2 
---
---
---
Segment-
Cylinder 
Variable 
Maximur1 
Variabl 
12 
3 
6 
heating and facility 
cross checks with 
ROVERS, SwEI, BASTA 
(Thermocouples 
in depth) 
2000 
2000 
500 
1000 
47,500 
47,500 
0.15 
0.15 
---
---
Maxinur 3 
3 
2. Define Transition 
regime between diffu­
3000 500 47,500 0.3 --- 3 sion and sublimation 
4000 0 47,500 0.5 --- 3 controlled ablation. 
4000 500 47,500 0.5 --- 3 Enthalpy effects at 
4000 1000 47,500 0.5 --- 3 constant heat transfer 
1650 
1500 
1250 
0 
0 
0 
36,000 
31,000 
25,700 
0.2 
0,2 
0.2 
---
---
--- Variable 
3 
3 
6 
coefficient and pres­
sure. 
3. Check pressure 
690 0 14,300 0.2 --- Variable 6 effects with Model 500. 
o 
200 
800 
0 
0 
6,000 
6,00 
0.2 
o.4 
--­
---
Variable 
Maximun 
6 
3 
2. AVCO BASTA 0 1O,000 -- 0.1,5,10 --- Sphere Variable 18 1. High velocity entry 
Radiation 0 6,000 --- 0.1,5,10 --- Segment- Variable 18 simulation-sublimation 
Facility 
Stagnation 
Tests (Thermo-
couples in depth 
0 
0 
0 
0 
4,500 
8,000 
3,000 
2,000
01,00 
---
---
---
---
---
0.1,5 
0.1,5,10 
).1,l, 5,10, 
14 
1.0 
0.1,1.0 
--- Cylinder 
---
---
-riable 
' 
90 
90 
90 
903 
6 
9 
12 
data. 
2. Intermediate veloci­
ty entry simulation 
3. Low velocity entry 
simulation plus facil­
ity cross check con­
0 500 --- 0.1,1.0 Variable 12 ditions. 
3. Southwest 0 509 --- 1.0 Sphere 90 3 1. Facility cross 
Research 0 1,000 --- 1.0 Segment- Variable 6 checkAMES, ROVERS, 
Institute Are 0 1,500 --- 0.1,5,10 --- Cylinder 90 9 ASTA 
Image Furnace-
Radiation Only 
0 
0 
2,000 
3,000 
---
---
1.0 
0.41.O --
90 
Variable 
3 
24 
2. Intermediate-high 
velocity simulation 
(Thermocouples 5,10 
in-depth) 
TABLE 4.29 Cont. 
FACILITY CONVECTIVE RADIATIVE ENTHALPY PRESSURE SHEAR MODEL. TEST NO. OF 
DESCRIPTION HEATING HEATING (Btu/lb) (Atmos) STRESS GEOMETRY FLUID TESTS TEST OBJECTIVE 
PATE 
(Btu/ft 2 
-sec) 
RATE 
(Btu/ft 2 
-sec) 
(PSF) (% 002) 
4. LoRho Pilot 1130 --- 5,000 1.0 --- Sphere Air' 6 1. Best simulation 
Facility-Stag- 1398 --- 8,420 1.82 --- Segment- 3 enthalpy-heat rate 
nation Tests(Thermoco uples 25703550 ------ i1,82014y720 3.03.72 --- Cylinder . 33 for intermediateocity. vel­
in-depth) 1150 --- 6,000 1.3 --- 3 2. Facility cross 
check Model 500 
5. AVCO ROVERS 0 500 -.. 1.0 --- Sphere Maximum 3 1. Cross Check Ames, -
Facility-Stag- 0 1000 --- 1.0 --- Segment- Variable 6 RASTA, SwRI. 
nation Tests 
(Thermocouples 
500 
500 
500 
0 
20,000 
20,o00 
.08 
.08 
---
--
CylinderI Variable Variable 6 6 2. Cross Check AMES 
in depth) 
6. AVCO Model 500 800 0 6)000 1.1 --- Flat Faced Variabl 6 1. Pressure Effects 
Facility-Stag- 600 0 2,000 1.5 --- Cylinder 90 3 with AMES. 
nation Splash 
,Tests 1,150 0 6,000 1.3 ---,\/with Air 3 2. Pressure Effects CWSH. 
r(Thermocouples 3. Check Effect of 
in depth) Model size on ablation 
data- cf. LoRho Data. 
7. Cornell Wave 
Superheater-
600 0 1500 6.0 --- Sphere 
Segment-
Variable 6 1. Pressure Effects 
zith Model 500. 
Stagnation Tests Cylinder 
(Thermocouples 
in depth) 
TABLE 4.Z9 Cont. 
FACILITY 
DESCRIPImON 
CONVECTIVE 
HEATING 
RADIATIVE 
HEATING 
EETALPY 
(Btu/lb) 
PRESSURE 
(Atmos) 
SHEAR 
STRESS 
MODEL 
GEOMETRY 
TEST 
FLUID 
0. OF 
TESTS TEST OBJECTIVE 
RATP 
(Btu/ft -see) 
RATE 
(Btu/ft -see) 
(PSF) (% Co 
2) 
8. 10 Megawatt 
Facility-Pipe 
Tests (Thermo-
couples in depth) 
700 
700 
700 
700 
665 
0 
0 
0 
0 
0 
5100 
5100 
5100 
5100 
5100 
2 
2 
2.5 
5.0 
2.0 
2.5 
5.0 
7.5 
13.0 
15.0 
Subsonic 
Pie 
90 
90 
90 
90 
90 
3 
3 
3 
3 
3 
1. Effects of shear 
on ablation in tur­
bulent flow field. 
2. Check internal vs. 
external surface. 
665 
866 
1100 
0 
0 
0 
3400 
5100 
6800 
2.8 
2.8 
2.8 
20.0 
20.0 
20.0 
Supersonic 
Pipe 
90 
90 
90 
3 
3 
3 
1150 
1300 
0 
0 
5100 
5100 
3.7 
4.8 
25 
30 
/ 90 
90 
3 
3 
1550 
750 
0 
0 
5100 
7200 
5.6 
2.0 
35 
4 
' 
Variabl 
90 
6 
3 
750 
800 
2350 
1200 
0 
0 
0 
0 
7800 
6800 
6800 
68o0 
2.0 
5.0, 
10.0 
7.0 
7.5 
15 
56 
30 
Subsonic 
Pipe 
Sonic 
ipe 
90 
90 
90 
90 
3 
3 
3 
3 
800 0 6800 1.3 33 Wedge 90 3 
9. NASA-Houston 
Constricted Are 
Facility-Stag­
nation Tests (Ther-
mocouples in depth) 
650 
1000 
400 
1600 
0 
0 
0 
0 
20,000 
20,000 
10,000 
36,000 
.003 
.011 
.003 
.02 
---
-- -
---
---. 
Sphere 
Segment 
Cylinder 
Vrariabl 
Variabl 
Maximu 
Maximu 
6 
6 
3 
3 
1. Facility Cross 
checks AMESROVERS. 
4.6.3.4 	Aerodynamic Shear Effects
 
Figure 4.107 shows the magnitude of the maximum shear
 
stress encountered for the three selected Venus entry trajectories. The
 
faired line between the three points of interest represents an approximate
 
representation of the heat transfer coefficient-shear relationship. The plotted
 
points in Figure 4.107 represent the test matrix to be used in establishing the
 
effects or lack thereof of aerodynamic shear on the ablation performance of the 
materials. The range of test conditions available below 35 psf affords the 
flexibility of parametric variations such that shear effects can be quantitatively 
established. The point shown at 56 psf, however, is accomplished in a 10 MW (78) 
sonic pipe in which the given test condition represents the nominal initial
 
test condition prior to any significant ablation in the pipe. The conditions
 
change rapidly as the pipe ablates resulting in a transient, decreasing shear
 
level during the run. This type of test is qualitative and yields useful go no-go
 
results for a particular material or comparative results for screening various
 
materials. If the ablators perform well up to 35 psf the sonic pipe will be
 
utilized to determine their gross failure limit.
 
The 10 MW wedge point shown is from a recently developed test
 
technique and will run to verify that the internal pipe configuration and an
 
externally ablating model yield essentially the same results at similar
 
conditions. The internal pipe configuration has two features which could result
 
in misinterpretation of results. -The first is its geometry which causes the
 
char layer to form in a hoop in the internal surface of the pipe. Virgin
 
material supports the char "hoop" which is probably in compression during the
 
heating pulse. It is conceivable that char formed in this manner with its
 
unique structural support would exhibit different mechanical integrity and
 
resistance to erosion from the char formed on an external surface. Although
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there is no real evidence that there is a significant difference between the
 
two types of char, it is worthwhile to verify this now that the wedge test
 
technique is available.
 
The s~cond potential problem with the ten megawatt pipe is its
 
inability to re-radiate energy to cold surroundings. The hot surfaces are
 
driven to higher temperatures that would normally be experienced for a quoted
 
cold wall heat flux. This is due to the fact that normally re-radiated flux is
 
trapped within the pipe. This effect is easily compensated for by correlating
 
the pipe surface temperature with the net heat flux, accounting for the the
 
re-radiation peculiarity. Surface temperature measurements are accomplished
 
for all supersonic pipe runs and the results are applicable to subsonic and
 
sonic pipes.
 
4.6.4 Ground Test Limitations
 
4.6.4.1 	Model Scale
 
Many of the problems associated with interpretation and
 
correlation of ground test data can be avoided if the limitations of the
 
instrumentation, equipment, and techniques are recognized and factored into
 
the test planning.
 
A brief review of some of the problems associated with
 
laboratory testing of heat shield materials as described in References 75 and
 
77 iill serve as useful background for the succeeding discussion. Consider
 
first, laminar heat transfer in the stagnation region (eq. 32) of a vehicle
 
and the flat plate relationships for laminar heating (eq. 33) and shear (eq. 34).
 
(32)
qL 	 H 

qLA 2 H 	 (33) 
'VL u 	 (34) 
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where P denoted pressure, e (density), H (enthalpy) Rn (nose radius), 
u (velocity), X (wetted length), q (heating rate), and 'L (shear). 
Fluid properties are taken at the boundary layer edge. Due to both 
technical and economical reasons, it is necessary to scale down test model
 
sizes in ground test such effective nose radius of a test specimen is often
 
as much as two orders of magnitude smaller than the flight article.
 
It can be seen that for laminar heating and shear the scale effect imposed 
by the necessity of testing small ablation models can be compensated for by
 
adjusting pressure (or density) at a given enthalpy to achieve the proper
 
simulation level. The small size of the test model, however, results in a 
relatively thin boundary layer with very little mass addition due to upstream 
ablation products. The cumulative effects of the upstream mass addition to
 
the boundary layer are to cool the surface by means of convection, and reduce 
the net heat transfer to the surface by thickening of the boundary layer which 
reduces the boundary layer velocity gradient and thus results in a lower heat
 
transfer coefficient. At a station remote from the stagnation point on a
 
blunt body these effects can be considerable. 
For turbulent heating and shear, 
qT -­ IfuH/(/ne>kl') 0.2 
0.2 
t2^P2/ CR) (36) 
where Re denotes Reynolds number at the boundary layer edge, it is evident 
that the levels are only weakly dependent on scale, and unlike the laminar 
case, flight conditions are not easily duplicated by adjusting the density 
or pressure. Therefore, in order to achieve good simulation in turbulent
 
flow., it is necessary to duplicate very nearly the flight ressure and 
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enthalpy. Unfortunately, for most of the pressure-enthalpy map of interest
 
(Figure 4.108) simultaneous simulation of pressure and enthalpy is (for higher
 
velocities) beyond the current state-of-the-art.
 
The radiative heating emanating from the plasma sheath is a strong
 
function of pressure, enthalpy, and shock detachment distance. This can be
 
represented approximately for thin isothermal layers as,
 
= ° 4r B- )~ (37)
~ (1 - e-2.MAL )d~(r 
where:
 
B-X = blackbody function
 
= spectral absorption coefficient
 
= shock stand off distance.
 
Since the shock standoff distance is a function of the effective nose radius
 
of the test model, attainment of a representative level of the plasma sheath
 
radiation, which is proportional to shock layer thickness, is possible on small
 
test models only if the absorption coefficient is very large. Thus, for the
 
missions of interest, the radiant flux levels desired require external sources
 
such as arc lamps which are irradiated through the relatively thin shock layer;
 
the extent to which the radiant energy is dissipated by means of scattering or
 
absorption in the shock layer and boundary layer is not accurately simulated in
 
the ground test.
 
4.6.4.2 Enthalpy Uncertainties
 
Reference 80 indicates the lack of correlation of ablation
 
data among several selected facilities throughout the country. It appears from
 
the data presented that the most doubtful measurement made, and, therefore,
 
the greatest source of error is correlating data is that of the effluent enthalpy.
 
Because of the possible inaccuracies involved in this measurement, it becomes
 
difficult to correlate the data from even a single facility whose capability
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extends over a large enthalpy range.
 
4.6.4.2.1 Arc-Heat Balance Enthalpy
 
In the majority of plasma arc facilities,
 
the effluent enthalpy is determined by performing a heat balance at the arc
 
head. Power to the arc is calculated from voltage and current measurements
 
and net power to the air is obtained indirectly by measuring cooling losses
 
from the arc head.- (Measured mass flow rate and temperature rise of coolant
 
fluid.) There are two major problems associated with this type of enthalpy
 
determination. Frequently the power loss to the cooling fluid is of the same
 
magnitude as the power to the arc. The power to the air, then, is determined
 
by subtracting two large numbers to obtain a small number representing the net
 
power to the air, i.e., enthalpy. Small percentage errors in the rower in and
 
power loss measurements result in large errors in calculated enthalpy. This
 
effect is more significant at low enthalpies and lower pressures. For illustra­
tion, two typical ROVERS arc test conditions are shown where for the same nominal
 
moderate enthalpy, power losses are in one case equal to and in the other 2.6
 
times net power to the air.
 
Test Condition Enthalpy Power to Arc Power 
(btu
Losses 
/sec) 
Net Power to Air 
(btu/sec) 
1 
2 
10,000 
10,000 
57.1 
116.0 
41.Zc 
58.8 
15.9 
57.2 
A ten percent error in power loss measurement would bias the first test point
 
enthalpy by 25% and the second by 10%. Even if the error were made in the
 
same direction, a 15% discrepancy would be evidenced in a correlation of the
 
two test points providing all other parameters were correct.
 
The sec6nd weakness in the heat balance technique
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is 	that it yields a simple mass enthalpy which does not account for the spatial
 
distribution of enthalpy in the jet or at the model surface. Thus, this
 
enthalpy in many cases is not really compatible with the center line heating
 
rate and pressure measurements which are localized measurements made with
 
probes or small sensors located on non-ablating mockups of the ablation specimen.
 
4.6.4.2.2 Sonic Flow Enthalpy
 
The sonic flow measurement for evaluating
 
enthalpy is described in Reference 81. This technique relies upon the measure­
ments of plenum stagnation pressure and mass flow rate to calculate the enthalpy.
 
It assumes that air flow up to the sonic point in the discharge nozzle can be
 
represented by an isentropic expansion under equilibrium conditions. With
 
certain limitations, the flow rate and plenum pressure uniquely describe
 
enthalpy. The assumption of dissociation equilibrium introduces an error 
in the calculation where the flow at the throat is chemically frozen. The 
total enthalpy of air deduced from equilibrium sonic flow relations (81) will 
be low by about 7% at H = 2000 Btu/lb and 13% at H = 10,000 Btu/lb. These 
results cannot be extrapolated to higher enthalpies because the reaction studied 
considered oxygen dissociation only. Above 10,000 Btu/lb nitrogen begins to 
dissociate appreciably and would have to be factored in to yield accurate 
results. 
The main limitations of the sonic throat
 
technique are that
 
1. 	the extent of departure from dissociation equilibrium must
 
be established and factored into the calculation, and
 
2. 	like the arc heat balance technique, the calculated enthalpy
 
is a gross or average value that does not account for spatial
 
distribution in the jet.
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Although it would appear that this method should be more reliable than the 
arc head balance technique by virtue of its dependerce on two presumably
 
measurable parameters, it is concluded in Reference 80 that the sonic throat
 
technique is a less suitable method of obtaining enthalpy insofar as it compares
 
with the calculated enthalpy based on facility measurements. of stagnation heat­
ing rate and pressure, which leads to a third technique of obtaining enthalpy.
 
4.6.4.2.3 Enthalpy from Fay-Riddell Relationship
 
The stagnation point enthalpy for a supersonic 
jet can be determined from the stagnation pressure and measured stagnation 
heating rate using the Fay-Riddell equation (82). This technique has the 
advantage of evaluating the enthalpy based on local measurements of heating, 
and pressure at the point where ablation data (surface temperature, recession,
 
etc.) is to be obtained. The accuracy of the calculation is affected significantly
 
by the geometry and relative size of the calorimeter used for the heat flux
 
measurement. Ideally, the calorimeter used to calculate enthalpy should be a 
hemispherical tip much smaller than the jet diameter such that the radial 
distribution of enthalpy in the immediate vicinity of the probe is essentially 
flat. The actual size of the calorimeter depends on the particular facility 
but based on typical jet distributions such as those shown in References 80 anrl 
83, it isrecommended that the ratio of the calorimeter nose radius to jet 
radius be no greater than 1/3. The calorimeter ucled for enthalpy determination 
should be used in addition to a separate calorimeter to determine heat flux
 
to the test specimen. This heat flux calorimeter should be contained in a
 
non-ablating shroud with the identical size and shape of the test part. 
In a supersonic plasma jet, great care muss be taken 
in the heat flux and pressure measurements if the Fay-niddell relationship is 
to be proven valid. It is extremely likely that one will find the constant 
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of proportionally between heatingrate and enthalpy for measured values will be
 
somewhat different than that given by the equation. If sufficient care has
 
been taken in establishing the enthalpy, pressure, and heat rate measurements
 
by using the proper instruments and techniques, the discrepancies have to be
 
rationalized by other means. Low Reynolds number effects resulting from
 
11viscous or merged shock layer" phenomena (84) and the possible influence of
 
free-stream jet turbulence on the stagnation zone heating (85) are possible
 
explanations for measured heating values exceeding theoretical values.
 
4.6.4.3 Stagnation Point Heating Rate-Calorimeters
 
Various facilities employ a variety of calorimeter types
 
and designs. Reference 80 discusses the effects of shape, size of sensing area,
 
and surface material on the indicateda-heating rate. Briefly, the shape and
 
diameter of a calorimeter determine the velocity gradient over the surface and
 
thereby the heat transfer to the surface. The size of the sensing area is
 
important in that when a sensor is placed in a jet with a non-uniform enthalpy
 
distribution, it tends to integrate or average the effect over the entire sens­
ing surface. Thus, a very small sensor head will give an essentially point
 
measurement while a large sensor head will average the flux over the sensing
 
area. Two calorimeters of identical shape. but with different sized sensor
 
heads, will give seemingly different results in the same environment.
 
Several different priciples of operation are employed in
 
calorimeters used in various facilities. Basically, they can be divided into
 
two categories employing one of two fundamental concepts; thermal capacity,
 
and thermal gradient. The former includes the absolute water cooled calori­
meter and the slug or slope calorimeter and the latter includes the uncooled
 
transient and the asymptotic rapid response type calorimeters. (86) All of
 
these different types of calorimeters are used in the facilities recommended
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for these test programs. Since the principle of operation of the calorimeter
 
sensor governs to a large extent its shape and size, comparison of results
 
requires careful interpretation.
 
The foregoing is further justification for utilizing in
 
this development test program a particular calorimeter design to make measure­
ments in all facilities (in addition to the conventional facility heat rate
 
measurement) so as to provide a common basis for comparison of data.
 
4.6.4.4 Specimen Geometry
 
The heat flux to an ablating surface in a ground test
 
is largely dependent upon the type of specimen and particular geometry selected.
 
In reviewing data from the various facilities mentioned in this program, the
 
following types of geometries were encountered.
 
1. Stagnation Type
 
a. Hemispherical tip
 
b. Flat-faced cylinder
 
c. Constant heat flux (Iso &-surface (87))
 
d. Pointed cone
 
2. Non-Stagnation Type
 
a. Flat plate
 
b. Wedge
 
c. Pipe
 
To correlate data from a variety of model shapes-is a
 
difficult task, but is complicated to a much greater extent when the stagnation
 
type models are different sizes with respect to the various plasma jet diameters.
 
For instance, a flat-faced cylindrical specimen which is small with respect to
 
a supersonic jet diameter will receive a stagnation heating rate level equivalent
 
to approximately one half the heating rate to a hemispherical specimen (at
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the 	same tunnel location) with a nose radius equal to the base radius of the
 
flat-faced cylinder. (80,88) This "effective nose radius" effect holds only
 
if 	the diameter of the specimen is not greater than the flat portion of the 
jet 	enthalpy "core". Increases in size beyond this relative dimension result
 
in 	a decrease in heat rate until the flat-face diameter approaches a value
 
equal to or greater than the jet diameter where it begins to respond as an
 
infinite flat plate or "splash" configuration. Because of the uncertainties
 
in 	enthalpy and pressure distributions in the various facilities studied,
 
Reference 80 recommends that for a standard ablation test procedure the test 
jet 	be at least 50% greater diameter than the outer diameter of the test part.
 
Selection of stagnation specimen nose radius is a problem
 
because of the shape change inherent in any stagnation heating test. Generally
 
speaking, a blunt shape will become more blunt during the test, thus continually
 
reducing the heating rate to the surface. Experimental work has been accomp­
lished on the measurement of heating rate to spherical segment (convex and
 
concave) and flat-faced cylinders (88,89). Unpublished data (90) is available
 
at Avco showing the effects of various spherically concave configurations in
 
the ROVERS test facility. Examination of these data and experience with various
 
degrees of stagnation model bluntness ratio has indicated the following:
 
a. 	Extremely sharp models (sphere cones) are to be avoided since the
 
rapid blunting of the nose and irregularities on the cone surface
 
cause transient test conditions which are difficult, if not impossible,
 
to define.
 
b. 	Concave and convex surfaces produce repeatable data which can be
 
correlated to hemispherical or flat-faced values.
 
c. 	It is desirable to keep the blunted shape reasonably close the
 
the flat-faced configuration since the heating rate is much less
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sensitive to shape change in the -0.2 cRBASE + 0.2
 
RNOSE
 
region than from the RB/RN = 1.0 hemisphere to RB/RW = +0.6 region.
 
A spherical segment-cylinder with a bluntness ratio near zero, then, seems
 
desirable for stagnation testing. The test condition changes very little
 
during test and can easily be bracketed by making measurements in-the initial
 
spherical segment and the limiting flat face configuration.
 
The question of the validity of the test data obtained in an internal
 
pipe geometry was discussed earlier. The argument is based on the concept that
 
mechanical integrity of the supported char in the internal configuration is
 
different than that of the external configuration and therefore ablates differ­
ently for nominally similar conditions. Until recently, no good means of
 
evaluating the worth of this argument has been available. It appears now that
 
tests can be made to resolve this question and are shown in the test program.
 
The specimen nose radius and diameter relative to the jet should
 
be selected based on previously discussed considerations, and performance of
 
the particular shapes should be interpreted through data from imbedded thermo­
couple instrumentation. The instrumentation of "calibration" or "pilot" models
 
should be carried out if the test part to be used does not require temperature
 
instrumentation as an integral part of the test. This instrumentation is used
 
to determine time resolved.temperature gradients through the material for the
 
following reasons:
 
a. 	provide basis for calculating heat flow through the material
 
(conduction);
 
b. 	establish one-dimensionality of heat flow through a particular
 
shape at various required test conditions; and
 
c. 	measure temperatures of various ablation zones (virgin, pyrolysis,
 
char) throughout heating pulse.
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The actual installation of thermocouples in ablation samples requires consider­
able care and certain techniques which are discussed in some detail in Reference
 
91.
 
4.6.4.5 Test Fluid 
In order to simulate accurately the Venus entry environment,
 
it is desirable to use a test gas mixture representative of the Venus atmosphere.
 
Various personnel (92),were contacted in order to determine the established
 
capability of each of the facilities to handle high mass fractions of C02 gas
 
in the test fluid. Unfortunately, none of the facilities have been run with
 
pure C02 and apparently there is no valid rule of thumb available to ascertain 
how much C02 a particular arc head configuration can handle before serious 
electrode deterioration occurs. Besides oxidation of electrode material,
 
basic problems such as C02 gas storage and supply hardware exist for most 
facilities. The estimates of facility capability in this area, tabulated
 
in Table 4.29, are engineering guesses made by the people contacted and by no
 
means constitute a guarantee of any kind. 
Because of the uncertainty in the amount of C02 concentra­
tion allowable in the various facilities, no attempt has been made to present
 
the operating capabilities of the various facilities in a C02 environment.
 
All enthalpy, pressure, and heating rate capabilities shown are accepted
 
operating parameters of the various facilities in air. For purposes of these 
test plans, it is felt that the basic logic of the plans or even facility
 
selection would not be significantly affected by the revised test conditions
 
attainable in a C02 environment.
 
It is recognized that considerable work may have to be
 
done in the area of C02 concentration effects in order to correlate data from
 
facilities with grossly different capability in this area. However, it seems
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unreasonable at this time to significantly perturb the test plans based on
 
"best guess" information on untried procedures in (in some cases) as yet
 
inoperable facilities. Trajectory information presented here is for AV-4
 
atmosphere (75% C02 - 25% N2) and facility capabilities are based on air.
 
4.6.4.6 Recommended Procedures
 
Experience has shown that in rar too many cases, the
 
ablation test technology has been developed on a go no-go or simple comparative
 
performance approach in a given test environment. The difficulties involved in
 
correlation of data from various facilities are derived mainly from non-standard­
ization of measurement devices and calibration techniques.
 
The stringent design requirements associated with the
 
Venus entry problem require that the ablation data cover a wide range of
 
environments and that quantitative results be obtained suitable for use in
 
analytical models to predict ablation and thermal response with a relatively
 
high confidence level.
 
In order to minimize the number and magnitude of the test­
ing difficulties discussed earlier, the following recommendations are deemed
 
important to the successful completion of the development test programs.
 
1. For each facility, all test procedures, measurement devices and
 
techniques, and data reduction methods be well defined and identified
 
prior to test. Specific areas of interest involve enthalpy deter­
mination techniques, data reduction programs for heating rate
 
determinations, pressure measurement calibrations and any other
 
particular test calibration that is carried out in test. Physical
 
description of probes, sensors, and other measuring devices should
 
be complete in detail.
 
2. All facility raw operating data should be reported along with
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test performance results. For example, in the arc-head heat
 
balance, power in, power loss, water and gas mass flow rates
 
should be reported so that relative magnitudes and degree of
 
uncertainty in the data can be established.
 
3. Wherever possible, a standard test geometry should be employed
 
for all facilities. A spherical segment-cylinder is recommended
 
with a nose radius of no less than one inch and a base radius no
 
greater than 2/3 the jet radius.
 
4. 	Heating rate sensors used for performance data should be mounted
 
in a non-ablating shroud with the exact external dimensions of the
 
test article. The calorimeter measurements should be made prior to
 
each individual test. "Bracketing" of spherical segment and flat­
faced heating rates is recommended.
 
5. 	In addition to the normal performance heating rate and enthalpy
 
determination, a jet center line measurement of impact pressure and 
hemisphere heating rate should be made for each test. The calori­
meter used should be a hemisphere cylinder with a nose radius no
 
greater than one third of the jet diameter. These -measurements 
are made with the same calorimeter, pressure probe type and will 
provide measurements common to all facilities. This information will
 
be used to resolve expected discrepancies in quoted test parameters.
 
6. 	 All facilities should provide axial and radial jet heating rate 
and 	pressure distributions covering the range of influence.on an 
ablating specimen. (Axial measurements sufficient to cover degree
 
of surface recession of specimen surface is required.) 
7. 	All ablation tests should be accomplished on instrumented (thermo­
couples in-depth) specimens and surface temperature (pyrometer) and 
emitted radiation (total radiometer) from the specimen should be
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measured on all tests. These measurements are invaluable in provid­
ing quantitative cross-checks on measured test conditions with the
 
surface boundary phenomena and internal temperature response.
 
4.6.5 	Selection of Test Facilities - Phase.I
 
Several test facilities have been chosen to accomplish the
 
objectives of the Phase I test program. These facilities represent the most
 
sophisticated and up-to-date developments in ablation testing technology. Many
 
other facilities throughout the country have comparable capabilities but we are
 
not cognizant of any facilities which extend the testing ranges beyond those
 
represented by the facilities shown.
 
4.6.5.1 	Lo Rho Pilot Facility (AEDC)
 
A BSD sponsored program is currently being carried out at
 
Arnold Engineering Development Center, Tullahoma, Tennessee to develop a
 
600 megawatt Lo Rho facility (93). This facility is still in the planning
 
stages, but presently work is being concentrated on a 40 megawatt pilot facility
 
which is large enough to accomodate amply sized ablation test models. This
 
facility consists of an kID electrical generator, a conventional air arc
 
heater, and an MHD channel which provides an energy "boost" to the test fluid.
 
This boost consists essentially of a constant temperature acceleration of the
 
plasma through the boost channel. Thus, kinetic energy in the gas exiting the
 
accelerator is such that its "effective" total pressure and enthalpy are far
 
beyond the capabilities of current arc heaters to develop in a true static
 
plenum condition. Table 4.30 indicates estimated magnitudes of parameters
 
that can be realized in this type of facility.
 
These 	conditions are based on an are efficiency of 40%
 
and an accelerator efficiency of 78%. This facility is actually a 0.1 scale
 
-versionof the large facility whose power supply alone will cost $25,000,000
 
and hose arc system will consist of 5 or 6 fifty megawatt arc heads operating
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TABLE 4.30
 
Lo Rho MHD Boost Performance 
Arc Nozzle Exit MHD Accelerator Exit 
Mach No. Z.0 7.4 
H/RTo 150 435 
4000 0 K 30000KT s 
U 4000 FPS 25000 FPS 
2.5PTeffective Z 3900 ATMOS. 
in parallel. The size of the pilot accelerator is 2.5 meters long with an
 
inlet section of 7.5cm x 7.5 cm and an exit section of 12 cm x 12 cm
 
In order for the accelerator to be effective, the test gas must be seeded with
 
from 0.1 to 0.5% mole fraction of potassium metal. The effect of the seed
 
material on ablation performance of test materials will have to be proven
 
negligible or somehow accounted for if the data is to be considered valid.
 
A calculated curve of operation for the Lo Rho pilot is shown on
 
Figure 4.108. Notice that the Lo Rho pilot curve extends beyond the curve
 
indicating the practical limit for arc heaters. Theoretically, there is no
 
reason why this type of energy transfer cannot be utilized to obtain conditions
 
much further into the previously unattainable regime. It is expected that
 
this facility will be operational in the first half of 1968 and will be ready
 
for test in the late summer of 1968.
 
4.6.5.2 Avco RASTA Facility
 
Figures 4.105 and 4.109 shows estimated maximum perform­
ance of the RASTA facility whidh will be operational at Avco in 1968. It is 
unnecessary at this time to describe this facility except that it will allow 
to drive the surface of the test material to a very high temperature andus 
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very likely obtain sublimation controlled ablation. The surface pressure and 
gas chemistry will be maintained by blowing cold gas over the surface of the model
 
while irradiating the surface with the high radiant heat flux. It is clear 
from the 	figures that if it is possible to decouple the radiative and convective
 
heating 	effects and if a large portion of the convective heating is blocked)­
then this facility affords us a means of getting meaningful ablation data for
 
a wide range of conditions.
 
4.6.5.3 	AMES Combined Heating Facility
 
Proposed operating conditions of the AMES Combined Heating
 
Facility 	are described in Reference 77. In order to achieve the full range of
 
test conditions indicated, the facility will employ a high pressure Linde
 
type heater (94,95,96) and a high enthalpy constricted arc type heater (97,98,
 
99,100). Radiative heating will be provided by means of 14 radiation modules, 
each of which consist of an AMES 125 Kw radiation source (101) with associated
 
equipment. The convective system will employ various arc heaters with a super­
sonic nozzle exhausting into a pressure cabin. The radiation sources are
 
mounted 	external to the test cabin and although simultaneous operation of 
convective and radiative systems will be accomplished they will be controlled
 
independently.
 
4.6.5.4 	Aveo Radiation Orbital Vehicle Re-entry Simulator (ROVERS)
 
The ROVERS facility is described in detail in Reference 78.
 
Briefly, it consists of an electric arc gas heater supplying a supersonic
 
nozzle for convective heating, a bank of four argon-arc imaging lamps for
 
radiative heating, a 33,000 ft3/min. (10-1 torr) three stage vacuum pumping
 
system, and a remotely controlled mechanism for positioning specimen, calori­
meter, and a probe in the jet stream.
 
The convective system employs a thoriated tungsten cathode,
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a copper water cooled anode, and a series of supersonic nozzles of various
 
sizes. The design of the unit is based on a constricted arc configuration (102).
 
Nitrogen is used for arc operation to hold electrode oxidation (and thus jet
 
contamination) down to a minimum. Oxygen can be injected into the constricted
 
section allowing controlled changes of the chemical composition of the test
 
-fluid. A variety of test gases, including CO2 have been used in this facility.
 
ROVERS will be utilized in Phase I mainly as a cross check for the combined
 
heating and pure radiation tests recommended in the AMES, SWRI, and RASTA
 
facilities.
 
4.6.5.5 	Aveo Model 500 Facility
 
The Avco model 500 plasma generator utilizes a subsonic
 
jet from i/" to 3/4" diameter exhausting directly into the laboratory atmo­
sphere. Air, N2Y C02, Argon, and 02 have all been utilized as the working 
fluid in this facility. The electrode configurations used are either carbon­
carbon or water cooled tungsten-copper. 
The standard test specimen in the Model 500 test is a
 
3/4" diameter cylinder which violates the recommended test procedure number 3
 
in Section 4.6.4.6. Because of'the backlog of available data in the Model 500
 
facility, tests are recommended in the Lo Rho facility at essentially the same
 
test conditions as the Model 500 but with a larger size model with a model
 
diameter to jet diameter ratio of 2:3. These data will be used for verification
 
of the applicability of the Model 500 data.
 
4.6.5.6 	Cornell Wave Superheater - Mach 3.0 Tunnel
 
The Wave Superheater (103) is a device that controls a
 
direct transmission of energy from a high pressure gas to a low pressure gas.
 
The energy exchange process is accomplished in a series of long narrow tubes
 
mounted side by side in a rotating drum. The tubes, which are in reality
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shock tubes, are progressively activated and discharged by rotating the drum 
at high speeds and exposing the ends of the tubes to fixed nozzles at the 
ends of the drum. During the cycle, each tube is filled with a low pressure 
charge gas (normally pure air) and then exposed to the high pressure driven gas 
Just as in a shock tube, the action of the driven gas creates a(helium). 

shock wave in the charge gas which compresses and heats the gas and drives it
 
out of the tube at high velocity, where it is collected and expanded to a specific
 
test condition.
 
The type of test condition achieved in the test cabin is controlled
 
by the contour and size of the expansion nozzle which directs the test jet.
 
The Mach 3.0 tunnel, of interest in this program, consists of a jet collector,
 
throat, and contoured nozzle with a 2.45" exit diameter. This nozzle operates
 
at approximately one atmosphere static pressure at the exit and functions as
 
an open jet wind tunnel. Test models of up to 1.5" diameter can be accommodated
 
in this test setup.
 
4.6.5.7 NASA MSC 1-MW High Enthalpy Constricted Arc Heater
 
This facility (104) has a very high enthalpy capability
 
(40o,000 Btu/lb mass averaged enthalpy at 1.2 atmosphere pressure). It has a
 
single upstream cathode, a segmented 2-cm diameter constrictor, and 30 anode
 
pins located in the supersonic nozzle which directs the test jet. Its function
 
in this program will be to provide cross check data for the high enthalpy tests
 
in the AMES Combined Heating Facility and low and intermediate checks of AMES
 
CHF and Avco ROVERS facilities.
 
4.6.5.8 SWRI Are-Image Thermal Flux Test Facility
 
The arc-image furnace (79) located at Southwest Research
 
Institute utilizes twin parabolic mirrors to collect thermal radiation from a
 
direct-current arc, and focus it on a test specimen held in a controlled environ­
ment. The arc is formed between a carbon cathode and an anode having a
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misch-metal core. It is continuously blown by converging streams of sonic
 
velocity air to oxidize and cool ionized matter. The air stream also serves
 
the purpose of removing flame, ionized gas layers, and smoke from the area of
 
the arc.
 
A set of 36" twin parabolic mirrors is-used to collect and trans­
mit the thermal radiation. The optical system is designed so the two mirrors
 
are in perfect coaxial alignment with the rear mirror focused on the arc and
 
the front mirror on the specimen. Since the magnification ratio of the optical
 
system is unity, the image on the specimen is approximately 5/8" in diameter,
 
the same cross section as the arc.
 
The arc and optical system are contained within a vessel designed
 
to withstand internal pressures of 10 atmospheres. Running the arc under
 
increased pressure helps to establish, maintain, and stabilize the high current
 
arc. The specimen to be irradiated is housed in an independent pressure/vacuum
 
tight chamber. An optically clear, hemispherical quartz dome forms the front
 
of the housing so that the thermal radiation from the front mirror may focus
 
on the specimen. Since the specimen chamber is remote from the pressurized arc
 
chamber, it is possible to conttol the specimen environment without affecting
 
or being affected by the arc chamber condition. This facility will be utilized
 
to compare its wide emission spectrum data with the results of RASTA which
 
generates monochromatic radiant energy. The SWRI facility is the only facility
 
available to check to the readonably high level radiant fluxes obtainable in
 
RASTA. Fluxes up to 3000 Btu/ft2-sec are available.
 
4.6.5.9 Ten Megawatt Facility
 
The 10 MW facility (78) consists of a four-inch diameter
 
spherical plenum chamber into which flows plasma generated by the electric
 
arcs of four carbon-copper electrodes systems. The plasma inlets are spaced
 
at 900 intervals around the plenum in a central plane. A fifth aperture
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(exhaust) in the plenum is located such that its axis of symmetry is perpend­
icular to the electrode plane and passes through the center of the plenum.
 
The plasma, after having mixed in the plenum, flows through this exhaust aperture
 
into the test section which consists of a short water-cooled copper pipe
 
(transition section), an ablating pipe (test specimen), and finally a nozzle
 
section at which the flow becomes "choked" (i.e., sonic velocity is obtained).
 
The flow in the cylindrical test specimen creates a high pressure, high shear,
 
turbulent heating environment at the ablating surface.
 
Several types of pipe configurations are utilized to cover the
 
full range of simulated flight environments possible in this facility.
 
The subsonic pipe test is accomplished by placing a water-cooled
 
copper sonic nozzle downstream of the ablating pipe section. Since the flow is
 
"choked" (sonic) downstream of the ablating pipe section, the flow in the ablat­
ing pipe remains subsonic throughout the run. The maximum attainable aero­
.
 
dynamic shear stress obtainable in the subsonic configuration 
is 18 lb/ft2
 
By eliminating the water-cooled sonic nozzle and substituting the
 
material to be tested in the sonic section, shear values in excess 
of 100 lb/ft2
 
can be realized. The sonic configuration also affords the opportunity to view
 
the ablating surface directly, making direct measurement of surface brightness
 
It is also possible to photograph
temperature and emitted radiation possible. 

the ablating surface during the test with high speed color movies.
 
The supersonic pipe is located downstream of the transition section
 
and water-cooled sonic nozzle. The plasma flow is choked at the nozzle and
 
continues in a short supersonic expansion where a normal shock stands at the
 
ablating pipe inlet. This configuration, like the sonic pipe, offers the
 
advantage of direct viewing of the ablating surface and shear stress levels
 
up to 35 psf are attained.
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4.6.6 	Phase I Test Program - Summary
 
The test conditions chosen for the evaluation of carbon phenolic
 
and 5026.-39/HC-G are summarized in Table 4.29. These recommended tests are
 
To summarize, the
based on considerations discussed in previous paragraphs. 

bases for selection of test points are:
 
Simulation of nominal flight conditions for a representative
1. 

range of entry velocities.
 
2. 	Parametric variations to determine the nature of ablation
 
phenomena within the environmental limits set by the range of
 
flight conditions. This includes defining ablation modes, combus­
tion effects, shear effects, pressure effects, and response to mode
 
of heating.
 
3. 	Tests required to resolve data uncertainties due to physical
 
peculiarities of the various facilities.
 
4. 	Limited tests to verify the .applicability of data generated
 
for the Apollo program in the Avco 10 megawatt, ROVERS, and
 
Model 500 facilities. The effects of these Apollo tests which
 
are in question are associated with the test model geometries.
 
The test conditions outlined in Table 4.29 are considered desirable test "points."
 
Each test point is developed from a sufficient number of test runs to establish
 
confidence in the validity of the data.
 
For instance, in order to adequately establish whether or not a
 
flat pulse test at a particular test condition displays steady state ablation
 
(i.e., surface recession rate equal to char interface velocity) it might be
 
necessary to run three tests at successively increasing durations in order to
 
separate the induction period from the steady state portion of the test.
 
Another factor which effects the number of tests required is test failure due
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to mechanical difficulty. Provision must be made to retest in certain areas
 
to identify or verify "fliers", data points which do not make apparent sense
 
in relation to other data. This type of problem will be more serious for the
 
carbon phenolic as opposed to 5026-39/HC-G tests since the backlog of previous
 
data is very sparse and provides a limited basis for extrapolating, inter­
polating, and, in general, predicting results of various tests.
 
Because of'the uncertainties that exist in the gas composition of
 
the Venus atmosphere and the lack of definition of facility capability to use
 
C02 gas, parametric variation of gas composition are a necessary part of the
 
test plans, and are defined in Table 4.29 in terms of C02 content by weight
 
in the test gas. -The 90% C02 concentration is considered nominal for the Venus
 
atmosphere, but in many cases the variation of C02 concentration for various
 
tests in a facility are necessary for two reasons. First, the C02 concentration
 
equivalence of air for ablation performance must be established. Secondly,
 
many of the facilities cannot handle large concentrations of C02 in the test
 
fluid because of electrode oxidation problems and parametric variations in C02
 
concentration must be accomplished to provide a basis for extrapolation to the
 
90% C02 case. The notation in Table 4.29 indicates the need for this varia­
tion with the word "variable" - "maximum" indicates that the facility maximum
 
capability is considered somewhat below the 90% C02 concentration desired.
 
Although the general model geometry is indicated in Table 4.29, the
 
size is not defined since this will depend on jet size. All specimens will
 
have a minimum frontal span of one inch. For consistency, all convective heat­
ing rates have been calculated based on a 1" nose radius except in the Model
 
500 facility (flat faced cylinder) and the 10 MW pipes and wedge.
 
The number of replicates of test runs to obtain a particular test 
point is arbitrarily set at 3. This number allows for uncertainties associated 
with steady state ablation and facility malfunctions. Where variable C02 
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concentrations are required, the number of runs per point has been doubled to
 
six to account for the extra variable. The total numbers of tests shown in
 
Table 4.29 are considered sufficient to accomplish the objectives stated for
 
Phase I testing; however, this program shouid be considered a minifnum effort.
 
No contingency has been factored in for major program re-direction due to
 
technical or other reasons.
 
4.6.7 Phase II - Characterization of Material for Design
 
4.6.7.1 Ablation Tests
 
The study of ablation phenomenology and facility limitations
 
in Phase I forms the basis for a more specific Phase II effort which is design
 
oriented to particular missions to be flown utilizing the carbon phenolic or
 
5026-39/HC-G material. The low and intermediate velocity missions described in
 
Phase I are taken as examples of how the Phase II program will be developed.
 
Figures 4.110 through 4.121 present the basis for the ablation testing portion
 
of the Phase II program. The key features of the figures are tabulated below:
 
Figure Number­
M/c A .475 M/CO = .2 
Description 	 Ve= 38,250 FPS Ve= 35,600 FPS 
1. 	 Trajectory requirements and 
available ground test data. 
(a) Convective heat flux and 4.110 4.113
 
enthalpy.
 
(b) Convective heat flux and 4.111 	 4.114
 
pressure. 
(c) Convective and radiative 4.112 4.115
 
heat flux.
 
2. 	Trajectory requirements and
 
available ground test facil­
ity capabilities
 
(a) Convective heat flux and 4.116 4.119
 
enthalpy.
 
(b) Convective heat flux and 4.117 	 4.120
 
pressure. 
(c) Convective and radiative 4.118 4.121
 
heat flux.
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The first six figures (4.110 through 4.115) compare the trajectory parameters
 
with presently available ground test data. All available data shown were
 
It is assumed that the carbon phenolic
conducted with air as the test gas. 

material is used for the high M/CDA application and 5026-39/HC-G for the low
 
M/CDA application. These graphs aid in determination of requirement for
 
additional data to clearly define performance in critical design environments.
 
The last six figures.(4.116 through 4.121) show the same trajectory information
 
with superimposed facility maps representing the possible ranges of parameter
 
combinations that can be simulated in presently available test facilities.
 
Note that the trajectory profiles are common to all twelve figures and specific
 
points (solid circle symbols) have been selected as the conditions most likely
 
to control the designs of the heat shields. These "critical environments"
 
have been tabulated in Tables 4.31 and 4.32 for the M/CDA = 0.2 and M/CDA=
 
.475 capsules, respectively.
 
From the information represented in the previously discussed figures
 
and tables, Tables 4.33 and 4.34 were developed which show the best simulation
 
possibility for each critical design point and the main limitation of the test.
 
Even though there is a lack of complete simulation, the Phase I results should
 
allow proper interpretation of ablation tests at the critical conditions.
 
Comparison of the Phase II critical environments for ablative testing and the
 
Phase I program shows that all required test points indicated in 4.33 and 4.34
 
have been fairly adequately covered in the Phase I program. Thus, ablation
 
testing for these particular trajectories can be limited to design verification
 
tests to check the analytical methods and material design properties.
 
4.6.7.2 Thermal Design Properties
 
Basic thermal properties tests on Avcoat 5026-39 such as
 
thermal conductivity, specific heat and thermogravimetric analysis are not
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SIMUTATION REQUREMENTS V, = 35,600 fps, W F,= -600 
TRAJECTORY LOCAflON-BOUN AXY 
POIN'T LAYER STATE 
_________ ______________ 
CONVCTIVE 
REATIS 
Ctu/ft -sec) 
RADIATIVE 
MEATINr 
(jtu/tt -see) 
EITHALPY 
(Btu/lb) 
____ 
PRESSURE 
(Atmos.) 
____ 
__________ 
LOGIC 
I Cone-Turbulent 720 900 16o00 1.1 Peak turbulent heating 
2 Stagnation-
Laminar 
500 850' 26500 0.3 Peak enthalpy 
3 Stagnation-
Laminar 
500 360 8000 2.3 Enchalpy variation at 
constant heat rate-of. 
point 2-also peak press. 
4-
,
0 
4 " Cone-laminar 660 900- 6ooo 1.1 Heat flux variation with 
constant enthalpy-of. 
point 5. 
5 Stagnation-
Laminar 
810 l100 i6000 2.0 Essentially peak con­
vective heating for stag­
nation point-also peak 
radiative heating. 
WSLE 4.32 
SIMULATION REQUIREENS VE = 38,250 fps, ' E=- 6 00 
TRAJECTORY POINTW LOCAWION-BGUINhAEY 
 CONVECTIVE RADIATIVE ENTH{ALPY PRESSURE 
 LOGIC
NO. LAYER 	STATE 
 HEATING HEATING (Btu/lb) (Atmos.)
 
(Btu/ft 2 -sec) (Btu/m 2 -sec) 
Cone-Turbulent i400 250 '0,000 3.0 	 Essentially peak turbulent 
heating on end of cone. 
2 	 Stagnation-Laminar 14c 1950 31,000 0.5 Peak enthalpy for stagnation 
(peak) point-enthalpy and pressure 
variation compared with 
point 5. 
3 Stagnation-Laminar 3200 
2425 22,000 4.0 Peak convective heating for 
stagnation point. 
4 Cone-Laminar 800 1150 22,000 2.0 
 Heat flux variation at con­
stant enthalpy cf. point 
No. 3. 
5 	 Stagnation-Laminar 1400 300 	 6,ooo 5.8 Peak pressure 
-pressure 
variation at constant 	heat
 
flux with point 2. Turbu­
lent-Laminar heating compari­
son with point 1.
 
6. bTagnat:on-Laminar 
 2600 3650* 2 8. 000 1.5 Peak radiative heating and 
peak combined heating.
 
0 
Trajectory Point 
Nunber 
Facility 
I 

AMES CIF-1968 
1OMW Subsonic 
Pipe-AVCO 

2 
ROVERS-AVCO 
AMES Cerr-1968 
3 
Model 500-AVCO 
ROVERS-AVCO 

4 

ROVERS-AVCO 

AMES cr -1968 
AMES caw -1968 
AVCO-RASTA 
10 MW Subsonic 
COMPARISON OF GROUND TEST CAPABILITIES 
VE = 35,600 fps, 
Boundary Convective Radiative 
Layer Heating Heating 
Btu/ t 2 -sec) (Bt-/ft2 -seo) 
Turbulent 720 900 
aminar 720 900 
Turbulent 720 
Laminar 500 850 

Laminar 500 500 
Laminar 500 850 
Laminar 500 360 

Laminar 500 
laminar 500 360 

Laminar 660 900 
Laminar 660 500 

Laminar 66o 900 
Lamin11 800 1100 

Laminar 810 1100 
Laminar. 1100 
Turbulent 810 
AND SIMULATION REQUIEMENTS,
 
E -600 
Enthalpy Pressure 
(Btu/ib) (Atmos.) 
16,000 1.1 
16,000 .05 
1O,000 3.0 
26,500 0.3 

20,000 .08 
'26,500r .1 
8,000 2.3 
2,500 1.5 
8,000 .08 

16,000 1.1 
16,000 0.1 
16,ooo .05 
16,000 2.0 
5 laminar 
16,000 .04 
. 2.0 
0,000 
Remarks 
Peak turbulent heating 
Low pressure-laminar 
boundary layer 
No radiant flux-high 
pressure
 
Peak enthalpy
 
Low Pressure 
Low Pressure 
Peak pressure
 
No radiant flux, low en­
thalpy 
Low pressure
 
Heat flux variation
 
Low pressure
 
Low pressure 
Peak radiative and co­
bined heating 
Low pressure 
No convective flux 
No radiant flux-turbulent 
boundary layer 
5 
TABLE 4.34
 
COMPARISON OF GROUND TEST CAPABILITIES AND SIMULATION REQUIREMENTS,
 
VE = 38,250 fps, gE 
= 
-60o 
Trajectory Point 
NumberFacility 
Boundary 
Layer 
Convective 
Heating(Btu/ft2-sec) 
Radiative 
Heatin( Iu/ft_se) ) 
Enthalpy 
(,Btu/ib) 
Pressure 
(Atmos.) 
Remarks 
I Turbulent 1400 250 10,000 3.0 Near peak turbulent heating on 
cone 
10 MW Subsonic 
Pipe - AVCO 
Turbulent 1400 1OO00 9.0 Internal pipe geometry. 
LO-RHO Pilot 
Facility-AEDC 
Laminar 1400 8,oo 1.8 External specimen geometry but 
laminar flow 
AMES 
o0o 
2 
cBF-1968 
Laminar 
Laminar 
1400 
1400 
1950 
1100 
31,000 
28,500 
0.5 
22 
Peak enthalpy 
Low level of radiant heating 
RASTA-AVCO Laminar . 1950 0°5 No convective flux 
3 Laminar 3200 2425 22,000 4.0 Peak convective heating 
LO-RHO Pilot 
Facility -AEDC Laminar 3200 - 13,000 3.5 Low enthalpy-no radiant flux 
RASTA-AVCO aminar . 2425 r 4.0 No convective fI ux 
4 
AMES ChF-1968 
Laminar 
Laminar 
800 
800 
1150 
1100 
22,000 
22,000 j 2.0 0.12 1 Heat flux variation with point 2 Low pressure 
TABLE 4.34 Cont. 
Trajectory Point 
Nuber 
Facility 
Boundary 
Layer 
Convective Radiative 
Heating Heating 
(Mu/ft 2 ,-sec) (Btu/ft -sec) 
Enthalpy 
(Btu/lb) 
Pressure 
(Atmos.) 
Remarks 
5 aminar 1400 300 6000 5.8 Peak pressure 
C14H Mach 3.0 Laminar 6o 1900 6.0 Low convective flux and low 
enthalpy 
LOIRHO Pilot Laminar 1400 8000 1.8 Low pressure 
0S1 
C 
\o 
6 
AmS C1F 168 
Laminar 
Laminar 
2600 
1300 
3650 
1100 
28,000 1.5 
.25 
Peak radiative and combined 
heating. 
Low radiative convective'fluxes and low pressure 
RASTA.-AVCO Laminar 3650 1.5 No convective flux 
LO-RHO Pilot Laminar 2600 12,000 3.0 No radiative flux 
required since sufficient data has been accumulated on the Apollo program and
 
is available. 
Limited data is available on carbon phenolic materials (see Section
 
4.5.1) including thermogravimetric analysis, specific heat data on virgin
 
material, and thermal conductivity measurements on virgin and charred material
 
(20000 char) up to temperatures of 10000F.' The amount of available specific
 
heat and thermal conductivity data will have to be augmented to establish
 
statistical confidence in the numbers, and the range of test conditions expanded
 
to more completely over the range of interest.
 
Utilizing the method of mixtures for specific heat and a cut-bar
 
conductivity apparatus as described in reference 105, data will be obtained
 
on virgin and pre-charred material to at least 30000F. The material will be
 
intervals and tested under equilibrium temperatures up
pre-charred in 500OF 
to the pre-char temperature. 
It is possible to extend the testing beyond 30000F but the problems 
introduced by the use of graphite standards and optical pyrometry in lieu of 
Data above 30000F is recommendedthermocouples impair the accuracy of the data. 

only if proven apparatus capabilities permit and a limited amount is required
 
to aid extrapolation of other results. 
No tests are recommended in the area of optical properties in either
 
of the materials in these programs. Data on the Apollo materials (106) and
 
carbon phenolic material (107) indicate that in the spectral area of interest,
 
(46 )) the absorptance of the charred materials is extremely high (c77.9)
 
at low temperatures. It seems unlikely that at higher temperatures and/or
 
shorter wave lengths that the change in absorptivity would be significantly
 
different and more than likely would be an approach to O = 1.0. Development
 
of sophisticated equipment to measure high temperature absorptance at short
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( ;,.2 p) wave lengths does not seem warranted from both techanical and 
economic standpoints. 
4.6.7.3 Test Program - Phase II Summary 
The test conditions selected for the characterization for 
design of carbon phenolic and 5026-39/HC-G are summarized in Tables 4.35 through 
4.38. The bases for selection of test points are:
 
1. 	Accumulation of thermal design properties for use in an
 
analytical model predicting required design thicknesses.
 
2. 	Verification of design properties and analytical predictions
 
through tests run as close to critical design conditions as
 
possible.
 
The tests outlined in Tables 4.35 and 4.36 axe at required
 
test points. Each test point is developed from a sufficient number of test
 
runs to establish confidence in the accuracy of the data. Three replicates per
 
test point were required in the Phase I testing. The philosophy for the design
 
verification tests (Phase II) is to run a limited number of test points at key
 
conditions but allow for sufficient numbers of runs to provide statistical
 
confidence in the results. For this reason, five replicates for each test point
 
is required.
 
On Tables 4.35 and 4.36, the test points indicated with
 
variable enthalpy and pressure are trajectory simulation tests. This type of 
test', a variable heat pulse (or pulses) simulating the transients experienced 
in 	 the actual entry~is imposed on the model. This test technique has been 
developed on the Apollo test program to provide a means of evaluating the
 
ability of the analytical model to predict the performance of the ablator
 
undergoing time-temperature dependent phenomena. Since most of the thermal
 
properties are generated in steady-state or equilibrium conditions, the 
trajectory simulation technique is an important part of the design verification 
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TABLE 4.35
 
VENUS ADDENDUM - DEVELOPMENT TEST PLAN
 
AVCOAT 5026-39/HC-G, M/CDA = 0.2, Ve = 35,6oo Fps
 
FACILITY CONVECTIVE RADIATIVE E NTHALPY PRESSURE MODEL TEST NUMBER
 
HEATING HEATING 
(Btu/ft 2 -sec)(Btu/ft 2 -sec) 
(Btu/lb) (Atmos.) GEOMETRY FLUID 
(%CO 
OF TESTS TEST' OBJECTIVE 
1. AleS Com- -
bined Heating 
Facility (Stag-
nation Tests-
Thermocouples 
in-depth) 
900 
720 
500 
560 
850 
5 
1100 
900 
850 
900 
il10 
16,000 
16,000I 26,500 
16,000 
Variable 
i .2 
.05 
0.1 
.05 
Variable 
Sphere-
Segment 
Cylinder 
Maxiumi 5 
5 
5 
5 
1. Verification of design 
properties and analytical 
model at critical condi­
tions. QPoints 1,2,4,& 5) 
2. Trajectory Simulation.2 
2. AVCO 10 MW 
Arc Facility 
Pipe tests-thermo-
couples in-depth) 
p 
800 --- 8,000 2.5 Subsonic 
Pipe 
90 5. 1. Verification of design 
at peak turbulent heating. 
(Point 1) 
3. AVCO ROVERS 
Combined Heating 
Facility-Stagna-
tion Tests-Ther­
mocouples in-
500 
500 
660 
500 
360 
500 
20,000 
8,ood 
16,000 
.08 
.08 
0.1 
Sphere-
Segment 
;Cylinder 
Maximun 5 
5 
5 
1. Verification of design 
at peak enthalpy3 peak 
pressure, heat flux 
variation (Points 2,3,4) 
depth) 
4. AVCO Model 
500 Facility 
Splash Tests-
Thermocouples 
in-depth) 
500 0 2,500 1.5 Flat-
faced 
cylinder 
90 5 
1. Verification of de­
sign at peak pressure. 
(Point 5) 
5. AVCO RASTA 
Pure Radiant 
Facility-
Tests-Thermo-
couples in depth. 
1100 0.2, 2.0 Sphere-
Segment 
Cylinder 
90 10 1. Verification of de­
sign at peak radiant 
heating level. 
(Point 5) 
TASK 4.36 
VENUS ADDENDUM - DEVELOPMENT TEST PLAN 
CARB0N PHENoLIC - M/t -- 0.475, Ve = 38,250 FPS 
uuijvBUTAV hAwIATIVE ENTHALPY PRESSURE MODEL TEST Number 
FACILITY 
HEATINg_ 
(Btu/ft -see) 
HEATI 
(Btulft-see) 
(Btu/lb) (Atmos) GEOMETRY FLUID 
% C02 
of 
Tests TEST OBJECTIVES 
l.Verification of design 
1. AVCO ICMW 
Arc Pipe Tests-
1400 -10000 9.0 Subsonic 
pipe 
90 5 at peak turbulent heating 
(Point No. ±) 
Thermocouples in 
depth. 
2. Lo Rho Pilot 
Feility-Stag-
14o0 
2600 
8, 000 
12,000 
1.8. 
3.0 
Sphere-
Segment 
Aix 5 
5 
i.Verification of design at 
(a)peak turbulent heating­
nation Tests-
Thermocouples in 
3200 13,000 3.5 Cylinder '5 (point 1),(b) convective 
heating (point 3),(c) peak 
-depth. pressure (point 5),(d)peak
combined heating (p6int 6). 
l. Verification of design 
3. AMES Com-
bined Heating 
Facility-Stagna-
1400 
800 
2250 
1100 
1100 
1100 
28,000 
22,000 
Variable 
.22 
2 
Variable 
Sphere 
Segment 
Cylinder 
4aximum 5 
5 
5 
at (a)peak enthalpy (point 
2), (b) heat flux variation 
(point 4)(c) peak combined 
tion Tests-Ther- heating(point 6). 
mocodples in depth 
4. AVCO RA.STA' 
Pure Radiant 
2000 
2425 
0.5,1.0 
1.0,4.0 
Sphere, 
Segment 
90 
90 
10 
10 
1. Verification of design 
at (a) peak enthlpy 
Facility-Stagna- 3650 1.0,1.5 Cylinde 90 10 (point 2),(B) Ponvective 
tion Tests-Ther- heating (point 3), (c)peak 
mocouples in combined heating (point 6) 
depth 
5. Cornell WSH 600 ---- 1900 6.o Sphere 90 5 1. Verification of design 
Mach 3.0 Tun- 'Segment at peak pressure (point 5) 
nel-Stagnation Cylindei 
Tests-Thermocou­
ples in depth 
program.
 
Tables 4.37 and 4.38 contain standard properties data
 
required for design. The degree to which material is degraded has a significant
 
effect on 	its thermal properties; therefore, it is desirable to obtain thermal
 
properties 	data for as wide a temperature range as possible within the limits
 
of current 	laboratory apparatus.
 
4.6.8 Phase III - Materials Screening
 
Various materials currently available,.and others in planning and
 
development phases, offer possible significant improvements over the Phase I
 
and II reference materials for particular mission requirements. It would be
 
prohibitive, from economic and schedule considerations, to include all of these
 
materials in the Phase I and II studies. Results of the earlier work, however.
 
is expected to form a sound basis for selection of key tests which will allow
 
efficient screening and ranking of various materials for the Venus entry
 
application.
 
Currently, several candidates from both the high and low density
 
ablator classes are under consideration. Each of these offers a reasonable
 
prospect of improved performance over the reference materials.
 
4.6.8.1 Low Density Ablator Candidates
 
4.6.8.1.1 	Avcoat 5026-00
 
Low density (25 lb/ft3 ) version of the present
 
Apollo heat shield material possessing improved mechanical and thermal properties.
 
4.6.8.1.2 	Low Density Ablator (16-20 lb/ft3)
 
A new low density carbonaceous heat shield
 
composition will be selected from the materials presently being developed
 
under Contract AF 33(615)-3481, Ablative Composites for Lifting Re-entry
 
Thermal Protection. Preliminary results of tests performed on the materials
 
indicate they have excellent thermal properties and have performed well in
 
ablative tests prescribed for the above program.
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No. Tests 

6 
6 
6 
6 
6 

6 

6 

TABLE .3
 
CUT BAR TIURMAL CONDUCTIVITY MEASURRE'TS
 
Carbon Phenolic
 
Pre-Char Temperature -Measurement Temperature 

(OF) Range (OF) 

Virgin' Room Temperature-430 

1000 F R.T. - 1000 

1500 R.T. - 1500 

2000 R.T. - 2000 

2500 R.T. - 2500 

3000 R.T. - 3000 

4ooo R.T. - 4ooo 

Data 
Availability
 
Yes
 
Yes
 
No
 
Partial
 
No
 
No
 
No,
 
TABLE 4.38 
METHOD OF MIXTURES SPECIFIC HEAT MEASUMENTS CARBON PHENOLIC 
No. Tests Pre-Char Temperature Measurement Data 
(OF) Temperature Range Availability 
Virgin Room Temperature -130 Yes 
6 1000 RT - 1000 Yes 
4= 6 1500 RT - 1500 No 
H 6 2000 RT - 2000 Partial 
6 2500 RT - 2500 No 
6 3000 RT - 3000 No 
6 4000 RT - 4oO No 
4.6.8.1.3 Low Density Prechar 
Low density prechars (18-20 lb/ft3 ) have been 
made from composites produced for Contract AF33(615)-3481. These chars 
-possess excel-lent thermal properties and are expected to have good dim­
ensional stability during ablation. One of the composites developed
 
under the contract will be.selected for evaluation.
 
4.6.8.1.4 	 Low Density Composite with Improved
 
Filler
 
The continued development of new fillers for low 
density composites has resulted in new materials that should improve 
the thermal performance of present state-of-the-art low density abla­
tors. The reference material for the ablative screening program will
 
be reformulated to contain one of these new fillers (i.e. polyimide
 
microballoons) and tested under this phase of the program.
 
4.6.8.1.5 Low Density Composite with Additives 
Preliminary testing on AF33(615)-3923, Are-Heater 
Characterization of Ablative Plastics and Composites has indicated that
 
additives are available that will improve the radiative heat of ablation 
of low density ablators. The results of this program will be utilized 
to select additives and a composite formulation as a candidate material. 
- 4.6.8.2, 	 High Density Ablator Candidates 
The reference material, RAD 6300, is a carbon/phenolic devel­
oped under the REST program (Contract AF04(694)-687). A complete des­
cription of 	this material along with fabrication techniques reported 
(Reentry Environment and Systems Technology (REST) Semi-Annual Progress 
Report, I January - 31 July 1965, Vol. IV, Materials (Task 4.0), Part 1 
and Part 2, 	 BSD-TR-65-406, Contract AFOk(694)-687, 1 November 1965). 
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Modifications of this basic material would be made in an attempt to
 
achieve improved ablative performance. These modifications would in­
clude:
 
4.6.8.2.1 Improved Resins
 
Several high char yield, thermally stable resins
 
are available for this application. These include such resins as poly­
imides, polybenzimidazoles, and pyrrones. A resin of this type will
 
be substituted for the phenolic in BAD 6300. 
4.6.8.2.2 Graphite Fabric
 
RAD 6300 contains Pluton B carbon fabric. Graphit(
 
fabric has a higher thermal conductivity but may give better ablative 
performance at high heat fluxes.
 
4.6.8.2.3 Precharred Carbon or Graphite Phenolic 
All of the above materials could be pyrolyzed 
prior to use to achieve dimensional stability and more shear resistant 
char layers. If this charring process is carried out at a low tem­
perature (10000 F), thermal conductivity will not be adversely affected. 
Ablative efficiency can be improved by impregnating the -precharredmat­
erial with resin.
 
4.6.8.2.4 Reinforced Graphite
 
Fiber reinforced graphite in conjunction with
 
insulation may offer a promising approach to a structural-ablative 
heat shield. To accomplish this two-dimensional (laminated) or three­
dimensional reinforced graphite materials can be prepared with high 
modulus graphite reinforcements. This class of materials is currently
 
under development and evaluation at AVC0.
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4.6.8.2.5 	 High Performance Heat Shields with 
Additives 
As with the 	low density materials, preliminary 
testing on AF33(615)-3923, Arc-Heater Characterization of Ablative
 
Plastics and Composites, has indicated that additives can be used to
 
improve the performance of high performance heat shield materials
 
under radiative heating conditions. The results of this program will
 
indicate which additives should be evaluated in one or more of the above
 
concepts.
 
4.6.9 Evaluation of Flight Test Simulation
 
4.6.9.1 	Objectives of Flight Test Simulation
 
Before discussing the details of the merits or lack of
 
merits associated with flight simulation into the earth's atmosphere, it is
 
necessary to establish those thermal objectives toward which such a program
 
would be directed. For the current program, the flight simulation is a go no-go
 
indicator relative to those parameters which are being simulated and does not
 
serve any other real function. This fact is a direct consequence of such a
 
test probably occurring well after the design has been frozen, and, therefore,
 
irrespective of sophistication could not be used as the basis of a heat shield
 
re-design. Needless to say, more than one flight test would be required to
 
produce the confidence necessary for a re-design.
 
4.6.9.2 	Flight Test Simulation Capabilities
 
It is likely that a flight test could reasonably simulate
 
the cold wall convective heating, the unreduced (for absorbing and/or scatter­
ing) radiant flux, the pressure, the cold wall shear stress, and the enthalpy
 
histories on the vehicle.
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Although it may be possible to simulate the above para­
meters, the usefulness of an earth entry flight test becomes questionable when
 
the following items are considered:
 
1. the 	difference of atmospheric composition
 
2. the 	current interest in lower entry velocities, and
 
3. available flight test data.
 
4.6.9.3 Effects.of Atmospheric Composition on Simulation
 
Since both the carbon phenolic and the Avcoat 5026 produce
 
highly carbonaceous chars, the mass injection rates into the boundary layer
 
are governed by the free stream oxygen content. Therefore, the inability
 
to simulate the oxygen mass fraction means that char formation and removal
 
rates will not be simulated. This, in turn. means that boundary layer profiles 
cannot be simulated nor can the net convective heat flux, the shear stress at 
the wall, and the net radiant flux. Basically, the final result of all these 
non-simulated interactions is that the surface energy and mass balances will 
not be simulated and, hence, ablator performance will not be simulated. 
4.6.9.4 	Interest in Lower Entry Velocities
 
As the program proceeds, the initial interest in entry
 
velocities exceeding 40,000 ft/sec has diminished and the current missions
 
(with one exception) employ entry velocities at or below 36,000 ft/sec. This
 
reduction greatly facilitates the abilities of ground tests to achieve over­
test conditions on individual parameters and to approach more closely some of
 
the combined parameters while using the correct atmospheric composition.
 
r.6.9.5- Available Flight Test Data
 
As indicated above, the principal thermal objective of
 
a flight test simulation is to obtain go no-go information on the heat shield
 
material. Both the carbon phenolic and the Avcoat 5026 have been subjected
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to flight test programs. The carbon phenolic, neglecting the atmospheric
 
composition and radiant heating, has survived environments far more severe than
 
those anticipated for the Venus-probe. On this basis, and, again, because
 
composition cannot be simulated anyway, there seems to be no significant
 
benefit to a flight test using carbon phenolic. Flight test data on Avcoat
 
5026 have included significant radiant heating but do notreflect the levels
 
of all parameters expected for the Venus probe entry. However, extrapolation
 
to these conditions is not ektreme and, c6mbined with over-tests on the ground,
 
it is considered that this ablator is adequate for the low performance Venus
 
entry probe.
 
4.6.9.6 Conclusion
 
Based uporr the above discussion, it is concluded that a
 
flight test simulation of the Venus probe into the earth's atmosphere is not
 
justifiable from a thermal viewpoint. It is noted that other disciplines
 
(e.g., structures or dynamics) may affect the overall significance of such a
 
test. This conclusion is based upon data which are available and because of
 
the inherent difficulty of extrapolating flight data to foreign atmosphere
 
conditions.
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V. FLYBY PROBE SYNTHESIS
 
5.0 FLYBY PROBE SYSTHESIS
 
In consonance with the study guidelines (Section 1.2.0) the flyby probe study 
was aimed at defining the essential modifications to a Mariner Mars 1969 spacecraft 
in order for it to be usable for the 1972 Venus mission.- Many of the-mission and 
study constraints have already been discussed in Sections 1.0, 2.0, 3.0 and only a 
brief recapitualtion is given here. Furthermore as detailed descriptions of the 
basic flyby subsystems are documented in -the Mariner Mars 1969 Functional Require­
ments Document, the presentation here is given in a summary manner. Supporting
 
analyses of the flyby probe system and subsystems definition are contained in the
 
Flyby Probe.Synthesis Supplement.
 
5.1 System Requirements and Constraints
 
5.1.1 Mission Invariant Requiremdnts and Constraints
 
Table -5.1 lists those requirements and constraints which the flyby
 
probe.must adhere to regardless of the trajectory and scientific experiments on­
board.
 
Table 5.1
 
Invariant Requirements and Constraints
 
Requirements 	 Constraints
 
o Utilize.MM '69 basic spacecraft system o Retention of MM '69 design concepts
 
where possible.
 
o-Atlas/Centaur SLV-3C launch capability o Experiment view angles, weight volume
 
and data rate requirements
 
o Carry one or more atmospheric entry
 
probes o Atlas/Centaur-Surveyor shroud
 
o 	Uplink commuication required through o Entry probe functional and physical
 
low gain antenna during -all mission phases requirements
 
o 	 Provide engineering data during cruise o Thermal control adequate for Venus
 
environment
 
o 	Provide science data during encounter 
o Venus quarantine requirements
 
o 	Two launches during the opportunity 
o 	Utilize DSN for command, control,
 
communications, and tracking
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S-51.2 Best RF Occultation (Baseline) Mission Requirements and Constraints
 
In addition to the mission invariant requirements and constraints,
 
those associated with the baseline system are summarized in Table 5.2.
 
Table 5.2
 
Best F dccultation Mission
 
Requirements and Constraints
 
Requirements- Constraints
 
Mount single 54" diameter entry o Magnetically clean S/C 
probe under octagon 
Encounter geometry compatible- o Maxituam separation weight of 
with both entry probe-release 1665 lb. 
and RF occultation 
Provide cruise and science data; o Entry probe @ of 1350 requires 
Trapped Radiation Detector and OP 
Magnetometer additional low gain antenna 
Attidue change maneuver at en- o Far side flyby with nominal
 
counterminus 12 days for probe 16 July 1972 arrival
 
deployment
 
o 	Maintain Sun and Canopus lock
 
while pointing spacecraft
 
experiments to desired look
 
angles
 
*Includes additional adapter weight also
 
5.1.3 Alternate-Mission Requirements and Constraints
 
Table 5.3 summarizes the alternate mission requirements and con­
straints. The alternates in general have less requirements than the baseline
 
system.
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Table 5.3 
Alternate Mission .Requirements and Constraints
 
Requirements 	 Constraints
 
Common to Both Alternates
 
o 	 Mount single entry probe oNear side flyby 3 August 
under octagon arrival geometry 
o 	 Entry probe diameter: o Body fixed experiments 
Minimum Flyby/Entry Mission 43" 
Best Entry Probe Mission 48" oMaintain Sun and Canopus 
lock 	during encounter
 
o Maximum separation S/C + 
probe weight of 1245 lb. 
Alternate 1
 
o 	Support baseline science
 
complement less magnetometer
 
and trapped radiation detector
 
(RF 	occultation experiment optional)
 
Alternate 2
 
o Support wide angle TV, periapsis
 
on light side of Venus
 
*Includes additional adapter weight also.
 
5.2 	System and Configuration Design
 
5.2.1 Best RF Occultation Mission
 
From a Mariner Venus 1972 spacecraft system standpoint, the two main
 
influences on spacecraft design are:
 
1. Total spacecraft weight at launch
 
2. 	Conditions at Venus encounter
 
Maximum spacecraft weight is dictated by booster capability to insert
 
a given payload into the proper trajectory to intercept Venus. The basic mission
 
allows a maximum approach velocity (V. ) to Venus of 6.22 km/sec. This results in
 
5-3
 
a booster energy requirement of C3 = 14.7 kn2/sec2 or a maximum injected payload
 
weight of 1665 pounds. Lower planet approach velocities require higher C3 values
 
which in turn reduce total injected weight. (See Section 2.9 for mission selection
 
rationale).
 
5.2.1.1.. Alternate Configuration Approaches and Selection
 
Twenty-three basic spacecraft configurations have been
 
developed and studied to determine their degree of applicability in supporting a
 
Mariner Venus 1972 flyby mission. The basic Mariner Venus 1972 mission provides
 
for cruise science as well as planet encounter science along with one or two
 
Venus atmospheric entry probes released from the flyby several days before encounter.
 
All of the basic configurations that were analyzed are discussed 
in detail in the Flyby Probe Synthesis Supplement. Table 5.4, showing ten repre­
sentative configurations, is presented as a summary of the results of this study. 
The configuration study was accomplished within the framework of the following 
constraints:
 
1. 	 The flyby/en try probe package must fit inside the existing Atlas/
 
Centaur-Surveyor shroud.
 
2. 	 Maximum payload weight at liftoff = 1665 pounds. 
3. 	 Science experiment view angle requirements must be met. 
4. 	 Antenna view angle and placement requirements must be met. 
5. Entry probe functional and physical requirements must be met. 
In addition, flyby probe solar panel, propulsion and attitude control system 
physical and functional requirements were taken into account. 
Of the configurations studied, two (Figs. 5.1 and 5.2) were selected as being 
most suitable to fulfill mission requirements and still require a minimum of 
modification to the basic Mariner Mars 1969 spacecraft design. Each mounted a
 
single entry probe below the basic structure and a two position high gain antenna. 
Both configurations utilize one fixed low gain antenna, and one articulated low 
gain antenna. The second (articulated) low gain antenna is used during the entry probe 
Table 5.4 
CONFIGURATION TRADE ANALYSIS
 
REPRESENTATIVE CONFIGURATIONS
 
DESCRIPTION ADVANTAGES DISADVANTAGES 
No. 
NO. OF 
ENTRY PROBES 
LOCA-
TTON 
LOW GAIN 
ANTENNA 
HIGH GAIN 
ANTENNA 
SCAN 
PLAT-
FORM OTHF 
1 One Below (35" Dia. 
26" Deep) 
Mtd on 
Scan Plat-
form 
Mtd on 
Scan Plat-
form 
Yes Near Side 
Flyby 
No View Angle
Constraints 
Reduced Reliability,
Temporary Loss of 
Down Link 
5 One Above (35" Dia. 
26" Deep), 
Articu-
lated 
Articu-
lated 
Yes Microwave 
Antenna 
Articulated 
Increased Capsule
Depth Available 
Reduced Reliability,
High Cost, Compromised 
Performance 
7 Two One 
(35" Dia. Above 
26" Deep) One 
Below 
Articu-
lated 
(-r1700) 
Two 
Position 
No Near Side 
Flyby 
Two Capsules Very Marginal on 
Weight, Articulated 
Low Gain 
8 
10 
Two Below 
(35" Dia. 
26" Deep 
One Below 
Artibu-
lated 
'(300) 
Fixed 
Two 
Position 
Two 
Yes 
(Offset 
Exp.) 
Yes 
Far Side 
Flyby 
Platform 
Two Capsules, High 
Performance 
Increased Reliability, 
Weight Marginal, 
Articulated Low 
Gain 
Small Microwave 
(35" Dia. Position Cantilevered.High Performance Antenna (36 x 36), 
26" Deep) Far-Side 
Flyby 
View Angle Interference 
10a One Below 
(43" Dia. 
36" Deep) 
One Fixed 
One Art-
iculated 
Articulated 
Two 
Position 
Yes Platform Increased Reliability 
Cantilevered.High Performance 
Far-Side 
Flyby 
Microwave Antenna 
View Angle Interference, 
Articulated Low'Gain 
Table 5.4 cont. 
NO. 
NO. OF LOCA-
ENTRY PROBES TION 
DESCRIPTION 
LOW GAIN HIGH GAIN 
ANTENNA ANTENNA 
SCAN 
PLAT-
FORM OTHER 
ADVANTAGES DISADVANTAGES 
14 One Below 
(78" Max. 
Dia. 39.5" 
Deep. 600 
Half Cone) 
Articu-, 
lated 
Two 
Position 
Yes Shortened 
Solar Pan-
els, Far-
Side Flyby 
Large Capsule, Simple 
Scan Platform 
Microwave Antenna View 
Angle Interference. 
Articulated Low Gain 
18 One (63" Below 
Max.Dia. 
42.5" Deep 
45°Half 
Cone) 
Fixed Two 
Position 
No Shortened 
Solar Pan-
els, Far-
Side Flyby 
Large Capsule, 
Decreased Complexity, 
High Reliability 
Reduced Performance 
20 One (43" Below 
Dia. 26" 
Deep 600 
Half Cone) 
Fixed Two 
Position 
Solar Panel 
Mounted 
Yes 
(Offset 
Exp.) 
Far-Side 
Flyby 
High Performance, 
Increased High Gain 
Antenna View Angle 
Clearance' 
One Solar Paddle has 
Unique Assy. Redundant 
Solar Panel Deployment 
for Equal Reliability. 
20a One (43" Below 
Dia. 26" 
Deep 600 
Half Cone) 
One Fixed 
One Art-
iculated 
Two 
Position 
Solar Panel 
Mounted 
Yes Platform High Performance, 
Cantilevered,Increased High Gain 
Far Side Antenna View Angle 
Flyby Clearance 
One Solar Paddle has 
Unique Assy. Redundant 
Solar Panel Deployment 
for Equal Reliability. 
ART/CUlAMT Z Oll'6AIA1ALA11- STOWED 
sIC AIRCOAJ~r1,OAI f/APkIRAM (prrI 
ycm uS CAPSULr 
AVCO AkSSSI 
-CA Ti741 ADAPTIR (Rrr) 
45TATIC EAII/POPP (REF)<I' 
CEaZOAIR FAIRIA16 WFc)---
-
+7
 
x/
 
AICIZO WALE IW~E 
775873?PT~tE6 ..ZM PLATFOKMA 
156,45 (CEATAIR~ 
Figur6 5.1a: Flyby Configuration 10a, Stowed 
ARTICULATED LOW 6A/. A7TZA1AA' Dt0Ln'pp 
If 
& A :IAIRA roA II //ii,).v.I SprffrIamgraQ 
a . l .. . . . .. . . . -
CAAOPYS TRACKER 
(e CLQCKjAA&Zf.J 
SCIAA PAViz 
775872P L 
Fb i 
Figure 5.1b: Flyby Configuration 10a, Deployed
 
S/C AIRCOAJOT/OA DIAP/RAM (REF) 
-SECOAJO LOW GA/l Aii AA/A (ACE) 
(DeFPZOys 7o CO/is t44/6Ls en 
CEA17TAR ADAPTER (Are) 
STATIC LA/VEL Opt (sic) 
1/APAin-CA) 7AR (AIr) 
I~n 
YEA/OS CAPSULE 
43.0 DIA. fl3r,ODt4W 
-SOLAR PAnELS 
(A.R oAklez CM/Trig) 
Z IW6AIAAJJTE AA (FIXED)--
SCANV PLATFORM WITh BSiTClii SCIAJCE 
16/1 C41A Al/TEAlA (srotrD) SM /S 45 (CFA/TAUR) 
775871P 
S.T /3Soo (cnrAup) 
•SrA, 0oo SPACECRAFT 
Figure 5.2a: Flyby Configuration 20a, Stowed
 
SOLAR PAAJLS DEPLOYED (REF) I'J 
•LOW 6All/ AA.G'EAA5 ,F. 
_-______MAPP ADIATIOO DETECTOWA 
-, __.. .__.. _ ",_ U Se ADIETER 
Lflf 
Iq SPECTROMETA 
~i, 
R/69 GAIA/ MAA / 
CIOCK1AA/6LS /r Wi 
COAE AA1LE/19 i CiI 
(DEPLOYED) (Ras, 
-CM/IOPUS TRACK(ER 
00 CLOCK AA161E 
775870P L­
+X 
Figure 5.2b: Flyby Configuration 20a, Deployed 
deployment maneuver. The fixed antenna view angle to earth is zero (0) degrees 
(very deep Null) during entry probe separation necessitating use of the second 
low gain antenna. 
Configuration number 20a is the selected baseline. This is the only con­
figuration that meets all of the science and communications view angle requirements
 
completely and does not violate physical or weight constraints and affect a
 
practicable structural arrangement. In addition, configuration number 20a utilizes 
a maximal number of Mariner 1969 structure assemblies. The scan platform of con­
figuration number 20 mounts close to the flyby probe octagon which provides benefits 
in structure rigidity not available with the competing configurations. 
5.2.1.2 Description of Entry Probe Configuration (No. 20A) 
A single (43 inch diameter by 36 inch deep) is mounted under ­
the Mariner Mars 1969 spacecraft octagon. The baseline science is on the scan 
platform; mounted above -the spacecraft octagon. The 40 inch (major axis) by 23 
inch high gain antenna is mounted on one of the solar panels. The flyby probe 
attitude maneuver during entry probe deployment requires two low gain antennas in 
order to maintain communications. The primary low-gain antenna is fixed on the 
upper side of the octagon while the back-up low gain is articulated about a hinge 
mounted on the side of the octagon to point at a cone angle of 45 degrees and a 
clock angle of 270 degrees. The Mariner Mars 1969 solar panel design (solar cell 
area reduced to 44.8 ft 2 ), is applicable to this configuration with minimal 
modification. The major portion of the scan platform is cantilevered from its
 
supporting structure. Figure 5.2 depicts two-views of this configuration. 
5.2.1.3 Best RF Occultation Mission Configuration Selection
 
The entry probe for the Best EF Occultation Mission has a nose
 
mounted rocket to satisfy encounter trajectory requirements, and is 54" in diameter
 
t o ease heat shield development. Followimg the approach of configuration 20a,
 
the articulated high gain and low gain antennas are retained. As a resultof the 
larger adapter and increased requirements of the entry probe, the solar panel 
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hinge points are moved to the base of the octagon and both low gain antennas 
must be articulated to stay within the dynamic launch envelope. The launch 
configuration is shown in Figure 5.3. 
The increased adapter size adds 4b lbs to the spacecraft, so 
that the total separated weight is 1235 lbs. The spacecraft weight summary is 
shown in Table 5.5 
5.2.2 'AlternateMissions
 
Alternate missions, embodying later arrival type I trajectories were 
considered to effect a low Venus approach velocity. The low Venus approach 
velocities ( 4.5 km/sec) are desired to confine the entry probe heating to vali 
not exceeding that demonstrated with Apollo technology. Trajectories having lov 
approach velocities at Venus have relatively high injection energy requirements 
(C-1f8.8 km2/sec2 ) and, correspondingly lower available spacecraft injected 
weight capabilities. The late (August 3, 1972) arrival trajectory selected for
 
the alternate missions restricts the maximum combined flyby and entry probe 
weights to 1245 pounds. The change is maximum permissible spacecraft weight 
(from 1665 to 1245 lbs) and changes in encounter trajectory geometry (from far 
side to near side encounter),were reflected in configuration studies described i 
the following paragraphs. 
5.2.2.1 Configuration Approaches and Selection
 
The approach used in selection of alternate mission con­
figuration consisted of selecting a configuration from the twenty-two studied
 
during the baseline mission analysis and then modifying this design to fulfill
 
the requirements and constraints of the alternate mission. The basic alternate
 
mission constraint of a 1245 lb flyby/entry probe launch weight and the desire
 
to reduce mission costs dictated that the flyby science complement be reduced
 
and simplified. The approach taken to meet these revised objectives, was to
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Baseline Mariner 72 Weight Table
 
SUBSYSTEM 
001 Structure 

002 Radio Frequency 

003 Command 

004 Power 

005 Central Computer and Sequencer 

006 	 Flight Telemetry 

007 Attitude Control 

008 Pyrotechnics 

009 Cabling 

010 Propulsion 

O11 Temperature Control 

012 Devices 

014 Approach Guidance
 
016 Data Storage 

020 Data Automation 

S/C Weight Less Science 

031 Scan Control 

034 Ultraviolet Spectrometer 

036 Television 

037 	 Infrared Spectrometer 

038 	 Infrared Radiometer 
Magnetometer . 
Trapped Radiation 
Microwave Spectrometer/Imager 
Body Fixed Structure 
Total System Weight 

S/C Adapter Increase 

Probe 

TOTAL SEPARATED WEIGHT 

MM '69 
ACTUAL 
WEIGHT, LBS. 
BASELINE 
MV 72 
WEIGHT LBS 
200.00 
48.73 
9.50 
118.10 
18.00 
23.80 
62.00 
13.00 
58.80 
50.00 
29.11 
43.50 
205.00 
49.00 
9.50 
94.00 
18.00 
23.80 
62.00 
13.00 
68.50 
50.00 
29.00 
27.30 
42.00 
23.00 
739.54 
14.50 
30.00 
47.00 
31.00 
5.00 
22.00 
23.00 
89.00 
24.50 
30.00 
31.00 
5.00 
6.25 
2.15 
36.00 
867.40 829.00 
48.00 
358.00 
867.4o 1235.00 
constrain the selected science complement to operate and deliver useful scientific
 
information while mounted, body fixed, to flyby probe. In addition, the selected
 
configuration must accommodate an entry probe below the flyby probe octagon and
 
provide the proper probe release environment several days before planet encounter.
 
A trade off study analysis of the various baseline spacecraft configurations resulted
 
in the selection of Number 20a, as now the entry probe diameter was constrained to
 
avoid adapter modifications. This configuration was selected as the alternate
 
mission starting point because it required the least number of changes. Configuration 
20a features a basic Mariner Mars 1969 octagon structure along with Mariner Mars 1969 
solar panel structures reduced in size for the Venus mission. A single 43 inch 
diameter entry probe is located below the, octagon, and a scan platform with 
associated baseline science is positioned above the octagon. A 40 inch high gain 
antenna is attached to one of the solar panel structural beams and is deployed 
when the solar panels are deployed. A low gain antenna is fixed to one of the 
top corners of the octagon and a second low gain antenna is articulated from a 
mounting structure attached.to the side of the octagon. 
Based on the starting point configuration Number 20a and a late 
arrival (August 3, 1972) near side flyby trajectory, a basic baseline science 
experiment complement was selected for a Minimum Mission and considered as Alternate
 
No. 1. The changes to the baseline science complement consisted of:
 
1. 	Omitting the cruise science (Magnetometer and Trapped
 
Radiation Detector).
 
2. 	 Spacecraft body mounting the planet encounter science 
complement (IR and UV Spectrometers, IR Radiometer and 
Microwave Spectrometer/Imager). 
Omitting the cruise science instruments and removing the scan
 
platform in favor of spacecraft body fixing the planet encounter science instruments 
resulted in a flyby probe launch weight of 790.5 lbs and a flyby/entry probe launch 
weight of 931 lbs. The subsystem weights are summarized in Table 5.6. The decision 
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Table 5-b 
Minimum Mission
 
Weight Table
 
(Alternate 1)
 
Subsystem Weight, lbs. 
Structure 205.00 
Radio Frequency 50.00 
Command 9.50 
Power 94.O0 
Central Computer & Sequencer 18.00 
Flight Telemetry 25.00 
Attitude Control 62.00 
Pyrotechnics 13.00 
Cabling 60.00 
Propulsion 50.00 
Temperature Control 30.00 
Devices 12.50 
Data Storage 22.00 
Data Automation 23.00 
S/C Weight Less Science 674.00 
Ultraviolet Spectrometer 30.00-
Infrared Spectrometer 31.00 
Infrared Radiometer 5.00 
Microwave Spectrometer/Imager 36.00 
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Table 5.6 (cont.)
 
Subsytems Weight 
Body Fixed Structure 14.50 
Total System Weight 79b.50 
Minimum Probe 141.0 
Total Separated Weight 931.50 lbs. 
Table 5.7 
Minimum Mission Weight Table 
(Alternate 2) 
SUBSYSTEM WEIGHT, LBS. 
Structure 205.00 
Radio Frequency 49.00 
Command 9.50 
Power 94.00 
Central Computer and Sequencer 18.00 
Flight Telemetry 25.00 
Attitude Control 64.00 
Pyrotechnics 12.00 
Cabling 58.50 
Propulsion 50.00 
Temperature Control 29.00 
Devices 27.30 
Data Storage 42.00 
Spacecraft Weight Less Science 683.30 
Television 17.00 
Total System Weight 700.30 
Probe 141.00 
TOTAL 841.20 LBS. 
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to omit the Trapped Radiation Detector and Magnetometer was based on:
 
1. 	The reduced effectiveness of these experiments 
from the early (baseline) arrivai trajectory to 
the late arrival'mission (70% to 40% for the 
magnetometer and 50% to 25% for the trapped 
radiation detector). 
2. 	The relatively small loss of total scientific
 
data obtained from the mission. 
In addition, inclusion of a magnetometer would have required
 
a magnetically clean flyby/entry probe resulting in additional expense for little 
additional scientific data return.
 
A second alternate configuration Minimum Mission Alternate 
No. 2, was also analyzed. This configuration consisted of a modified baseline 
Number 20a with the entire science complement and the scan platform removed and 
a single flyby probe body fixed wide angle television experiment installed on 
the 	top of the octagon. This flyby television configuration would weigh 700.3 lbs 
at. launch, while total launch weight (flyby, television and entry probe assembly 
would weigh 841 lbs.). The subsystem weights are summarized in Table 5.7. 
5.2.2.2 Description of Selected Configurations
 
Two 	Minimum Mission flyby probe configurations have been 
selected as follows:
 
1. 	Alternate No. 1 - body fixed encounter science only 
and one atmospheric entry probe. 
2. 	Alternate No. 2 - body fixed television experiment 
and one atmospheric entry probe. 
Both of these alternate configurations are based on a Mariner Mars 1969 spacecraft
 
structure, a Mariner Mars 1969 solar panel design (solar cell area reduced to 
44'8 ft 2 ) and a single 43 inch-diameter atmospheric entry probe mounted below 
the 	octagon.
 
However, both of the alternate configurations differ from the
 
baseline in the following areas:
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1. The high gain antenna was moved from one of the 
solar panel support beams to a fixed position on
 
top of the octagon.
 
2. The science scan platform was omitted.
 
3. The articulated low gain antenna was omitted.
 
Moving the high gain antenna to a fixed position above the
 
octagon was made possible by omission of the scan platform. For the baseline
 
mission, the high gain antenna and the scan platform along with the science
 
instruments all require nearly the same cone angle, approximately 900. This
 
required a physical separation of the two assemblies (Configuration 20a,
 
Figure 5.2). For the alternate mission trajectory, the science instruments as
 
well as the T.V. experiment require approximately a 1640 cone angle, while the 
high gain antenna only requires a 1100 cone angle. The combination of body fixing 
the science complement (Alternate No. 1) and the T.V. (Alternate No. 2), resulting
 
in a lower height for these devices along with the more favorable cone angle
 
requirements, allowed the high gain antenna relocation.
 
In the case of the articulated low gain antenna, the Best RF
 
Occultation Mission trajectory (far side flyby) required a 1350 cone angle change
 
for entry probe deployment resulting in the need for a second low gain antenna in
 
order-to maintain communication links. The Minimum Mission trajectory (near side 
flyby) only required a cone angle change of approximately 450, a value capable of
 
being handled by-a single low gain antenna.
 
5.2.2.2.1 Minimum Mission Flyby Probe Alternate No. 1
 
Flyby Alternate No. 1 (Configuration No. 21, Figure 5.4) 
carries four body fixed science experiments for use at Venus encounter in addition 
to a 43 inch diameter entry probe mounted under the basic octagonal structure. Th 
and Uv spectrometers, and IR radiometer and microwave spectrometer/imager make up 
the science complement. The low gain antenna is mounted rigidly to a top corner 
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of the octagon, and the high gain antenna is fixed to the upper surface of the 
octagon but above the two spectrometers and below the microwave antenna. The 
microwave antenna is trunnion mounted to permit stowing for launch and is deployed 
to a 1640 encounter cone angle after launch. The radiometer is fixed to one 
aide of 	the microwave antenna trunnion where a simple cam drive mechanism induces
 
it to scan limb to limb. The IR radiometer, the IR spectrometer, and the micro­
wave spectrometer/imager all require view angles along the nadir at periapsis-­
0 
a cone 	 angle of approximately 164 . The UV spectrometer requires a view angle 
along the 	negative of the velocity vector at periapsis--a cone angle of approxi­
mately 	770 . The instrument slit is oriented normal to the trajectory plane--a 
.
cone angle of approximately 990

5.2.2.2.2 	 Minimum Mission Flyby Alternate 
Flyby Alternate No. 2 (Configuration No. 22, Figure 5.5) 
is identical to Configuration No. 21 except that a single wide angle television 
experiment is carried in place of the planet encounter science complement. The 
camera and associated electronics are located at the same position on the octa­
- gon top as are the spectrometers carried on Configuration No. 21 in order to pro­
vide the 	camera with thessame 164 cone viewing angle. Body fixing the camera 
at this position allows 17 pictures -to be taken over a period of 20 minutes at 
Venus encounter (10 minutes before and 10 minutes after periapsis).
 
5.3 Subsystem Design 
5.3.1 	 Structure and Mechanical Subsystem 
In accordance with study guidelines, all Mariner Mars 1969 structure 
was used 	where practical.
 
The interplanetary and encounter trajectory differences between the 
Mars and 	Venus missions causes the communications antennas and the scan platform
 
to require 	mounting on the same side of the fylby probe. As a consequence of 
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these requriements, the majo3Z structural modifications to Mariner 1969 for ef­
fecting the Mariner 1972 system are (1) relocating the scan platform and its 
supporting structure to the top of the octagon, (2) providing a structural inter­
face for the capsule on the lower side of the octagon, and (3) providing struc­
ture to support and position both low gain and the high gain antennas. All 
Mariner Mars 1969 mechanical devices are usable and required by the Mariner 
1972 Venus configuration with the exception of the scan platfoim latch. The 
latch for the Mariner 1972 need not be as sophisticated due to the scan platform 
taking the -launch loads in compression. In addition, two new devices are re­
quired, one to position the high gain antenna (RF occultation experiment) and 
the second to-deploy and latch the second low gain antenna. 
5.3.1.1 	Functional Requirements
 
The structure subsystem supports all the other subsystems 
throughout-the life of the flyby probe; before, during, and after launch. 
The mechanical subsystem functionally provide all necessary 
mechanical motions which separate flyby/entry probe from booster, deploy all 
articulated equipments and position all mechanical devices such as the positional 
scan platform. 
5.3.1.2 	Functional Description
 
The principal structure is the Mariner Mars 1969 octagon
 
with provisions to accommodate the solar panels, capsule, scan platform, and
 
communications antennas geometrically arranged to provide the required functional
 
interactions between subsystems for the Venus mission. Mariner Mars 1969 elec­
tronic packaging, cabling and other internal subsystems are duplicated in the
 
Venus 1972 spacecraft to the maximum extent practicable.
 
The mechanical subsystem consists of all pin pullers,
 
thrusters, spring devices, and their associated mechanical latches, locks, and
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dampers required to deploy, position, release, and perform such other movements­
necessary to accomplish the spacecaft mission.
 
5.3.1.3 Functional Modifications from Mariner Mars 1969 
The 	structure and mechanical subsystems of the baseline
 
Mariner Venus 1972 spacecraft differ functionally from Mariner Mars 1969 in that 
(1) the high gain antenna is positionable for RF occultation, (2) a second, arti­
'culated low gain antenna is added to maintain communications during capsule 
deployment, and (3) the atmospheric entry capsule is added. The modifications 
to the Mariner 1969 which result in the Mariner Venus 1972 are graphically shown 
in Figures 5.2 and 5.3. The rearrangement of the Mariner 1969 scan platform at­
tachment spider to act as the capsule attachment is shown in Figure 5.6. 
Modifications of the Mariner 1969 structure to serve th 
functional requirements of the Venus 1972 alternate missions are similar to 
those for the baseline mission with the following exceptions: 
a. 	The scan platform and its structural support are 
deleted, and the flyby probe experiments are af­
fixed to the primary and superstructure elements;
 
b. 	 The articulated (second) low gain antenna, its sup­
port trunnion and deployment mechanisms are deleted. 
5.3.2 	Scan Platform Subsystem
 
5.3.2.1 Functional Requirements
 
The scan platform enables the flyby probe to maintain Sun-

Canopus lock while pointing the experiment sensors in the desired direction
 
during the encounter phase of the mission. The scan platform control electronics 
must have the capability to update the platform cone and clock angles through 
the flight command system (FCS). The scan platform positions are derived from
 
the following lok angle requirements.
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a) 	Position the UV spectrometer slit parallel (+3° ) along 
its length to the tangent to the planet at the sub­
image point. 
b) Erect the scan platform perpendicular to the trajectory
 
at periapsis.
 
c) Position the microwave imager-spectrometer to view
 
along the nadir. 
5.3.2.2 Functional Description
 
The scan platform converts stored information which is in 
the form of electrical signals, into angular positions on command. The electri­
cal signals are entered into storage prior to launch by blockhouse command (BH) 
and updated during the course of the mission via the FCS by quantitative command 
(QC). The platform is commanded to the near encounter position either by direct 
command or by the commands stored in the central computer and sequencer (CC&S). 
The commands to slew the platform to the remaining two positions are originated 
in the CC&S. Figure 5.7 presents the scan platform functional block diagram. 
5.3.2.3 Functional Modification from Mariner 1969 
The major change in the scan platform subsystem is the del( 
tion of the far encounter control circuitry required for planet tracking by the 
Mariner 1969 television subsystem. The Mariner Venus 1972 -scan platform control 
circuitry is, therefore.-a simplified version of that used on Mariner 1969. 
Baseline Mariner Venus 1972 cone and clock scanning angle 
requirements; which differ from those of Mariner 1969, are accommodated with 
minor modifications. The clock angle capability of 250 through 1450 is require 
for Mariner Venus 1972; the Mariner 1969 capability is 90 to 305 . The cone 
angle capability of Mariner 1972 is 680 to 1670; the Mariner 1969 capabilities 
are 1010 to 1650. The scan platform and its associated control electronics are 
deleted for the alternate missions. 
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5.3.3 Attitude Control Subsystem
 
The attitude control subsystem orientes the spacecraft during all
 
portions of the Mariner Venus 1972 mission. It provides stellar reference orien­
tation during the cruise portion of the mission. Prior to midcourse propulsion 
and probe deployment maneuvers, the attitude control system provides previously 
calibrated commanded turns. During midcourse propulsion phases and during flyby 
separation sequence, the attitude control system maintains a constant orientation 
of the spacecraft. The attitude control system provides control torques, control 
logic, and attitude sensing during cruise, commanded turn, and probe deployment 
modes. During the midcourse maneuver, the jet vanes on the midcourse maneuver 
engine provides the necessary control torques.
 
5.3.3.1 Functional Requirements
 
Functional requirements of the attitude control subsystem
 
are a direct function of the Mariner Venus 1972 mission profile. This is illus­
trated in Figure 5.8. The release of one or more entry probes and the resultant 
variations in slyby probe mass proprties strongly affect.attitude control re­
quirements.
 
During the cruise limit cycle mode, the attitude control
 
,system is required to keep the roll, pitch, and yaw axes alinged to the steller 
reference axes within 8 milliradians. Following separation from the launch vehicl 
the attitude control system is required to stabilize in a limit cycle mode from 
any orientation within a peiiod of thirty (30) minutes and from an initial 
tumbling rate of up to 50 milliradians per second. The attitude control system 
must also acquire the primary stellar references following all midcourse and entry 
probe deployment manuevers or disturbances such as meteoric impacts.
 
Midcourse propulsion maneuvers are carried out at two (2)
 
to ten (10) days following launch and again approximately midway along the Earth
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Venus heliocentric trajectory (approximately 50 days after launch). The mid­
course maneuvers are preceded by a sequential commanded turn which is implemented 
by the attitude control system.
 
The attitude change sequence is a calibrated pitch maneuver
 
followed by a calibrated roll maneuver. The turn command is transmitted to the 
spacecraft from earth with CC & S backup stored command provided. During com­
manded turns, the three axis gyro system becomes the primary reference, and the 
rotational rate is constant at 3.1416 + .155 milliradians per second. Gyro 
drift is limited to no greater than .003 ti milliradian; where t I is the time 
for the mideourse propulsion maneuver. The attitude control system must control
 
the jet vanes on the midcourse engine in order to hold the flyby/entry probe at­
titude during the midcourse propulsion sequence. Attitude control torques are
 
to be provided by the proportional deflection of the midcourse propulsion engine 
jet vanes. 
The entry probe deployment maneuver is initiated approxi­
mately six (6) days prior to encounter (nominally 116 days for encounter). Com­
manded turns are accomplished by the attitude control system similar to that for 
a midcourse propulsion maneuver. The attitude control then must hold the flyby 
0probe attitude within 1 for the period required for each entry probe deployment. 
5.3.3.2 Functional Description
 
Attitude control subsystem mechanization is illustrated in 
Figure 5.9. The limit cycle is acquired by means of cold gas nitrogen jets sized 
to the inertial requirements of the Mariner Venus 1972 mission. The attitude 
control jets produce angular accelerations of .83 milliradian/second2 aboht the 
pitch and yaw axes and .91 milliradian/second2 about the roll axis'. The Mariner 
Venus 1972 attitude control subsystem utilizes derived rate feed back to provide 
stable limit cycle acquisitionsand to inhibit spurious signals from causing 
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unnecessary opening of the gas jets. The flyby probe rotational drift velocity 
is predicted and the gas valves receive a signal to close early. During cruise 
the limit cycle is maintained at + 4 milliradian with the Sun and the star Cano­
pus as references. 
The nitrogen gas for the attitude control system is contained
 
in- two tanks. The tanks are connected to the gas jets to create two parallel 
systems working together. Failure of a single gas system resuits in thrust 
being applied by a single jet instead of two jets. A slight translational motion
 
is imposed on the spacecraft when single jet operation occurs. Either tank has
 
sufficient gas to complete the mission.
 
Flyby/entry probe moments of inertia were estimated for sev­
eral configurations. These are tabulated in Table 5.8 and and a direct function 
of capsule configuration. 
Table 5.8 
Principal Inertial Characteristics of Mariner Venus 1972 Spacecraft 
Principal Moments 2 Baseline Configuration No Probe Two Probes 
of Inertia slug ft and Probe (1350 lbs.) (956 ibs) (1200 lbs) 
Izz 160 140 82 
Ixx 100 80 155 
Iyy 100 80 73
 
The baseline attitude control gas system weighs 64 pounds; 
and has a volume of 2500
.
cu inches. Five (5) -pounds of pure N2 gas are stored 
within the two nitrogen tanks. 
Commanded turns for midcourse and entry probe deployment 
maneuvers are accomplished at constant rotational rate; first about the pitch
 
axis, and then about the roll axis. The fixed rotational rate of 3.1416 + 0.155 
milliradian per second is reached'within 4 seconds. Primary reference for com­
manded turns is the three axis gyro system. 
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Flyby/entry probe attitude is controlled by the midcourse 
propulsion unit jet vanes during midcourse engine firing. The primary reference 
is the three axis gyro system. Attitude control gas jets remain active during
 
midcourse propulsion operation. This has an advantage of supplying additional 
control torques about the engine thrust axis. It is, however, somewhat wasteful 
of attitude gas. 
Flyby/entry probe attitude is controlled by the gas jets 
during entry probe deployment phases. The allowable uncertainty in attitude is 
+ 10. The primary reference during capsule deployment is the three axis gyro 
system up to entry probe separation. This is 12 minutes after completion of the 
required commanded turns. 
The single probe baseline configuration is devoid of attitude 
control problems. Configurations with two probes and asymetric loading of the 
spacecraft exhibit tip off rates that require an increase in attitude control 
thrust level for proper control. The effects of asymetry result in gas volume 
increases to 2400 cubic inches. 
Attitude 	control gas system size increases cor­
respondingly, from 2500 cubic inches and 64 pounds to 3700 	 and 72cubic inches 
pounds.
 
5.3.3.3 	 Functional Modifications from Mariner 1969 
The Mariner Mars 1969 exhibits a lower moment inertia than 
is estimated for the Mariner Venus 1972 spacecraft. The Mariner Venus 1972 gas 
jets have, therefore, increased thrust level to compensate for the higher moments 
of inertia. The Mariner Venus 1972 mission profile is of shorter duration than 
Mariner 1969 mission compensating for the increased thrust or sizes. As a con­
sequence, propellant loadings and nitrogen gas system component sizes and design 
are the same for Mariner 1972 as for Mariner 1969. 
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The Mariner Venus 1972 mission has the +Z axis towards the 
Sun as contrasted to Mariner Mars 1969 with the -Z axis toward the Sun. The sola 
sensors and Sun gates are located on the opposite side of the spacecraft octagon 
as compared to Mariner 1969. 
The Mariner Venus 1972 attitude control system must have a 
provision for a third commanded turn prior to entry probe separation and must 
control flyby probe attitude during entry probe deployment. This is not required 
by the Mariner Mars 1969 mission. 
For a trajectory that results in Canopus occultation, pro­
vision must be made to provide gyro redundancy during the occultation period. 
This is accomplished by:
 
Having the gyro slaved to the Canopus sensor prior to
 
occultation to compensate for gyro drift.
 
Providing for a gyro error signal during occultation
 
for roll control.
 
The above functions can be accomplished in the manner depicted in the functional 
block diagram presented as Figure 5.10.
 
5.3.4 Thermal Control Subsystem
 
The thermal control subsystem maintains flyby probe temperature with­
in the acceptable operational and survival limits established for experiments 
and spacecraft components. The flyby probe is isolated from solar and planetary
 
inputs by means of thermal insulation blankets as required to maintain the re­
quisite thermal balance. Heat generated internal to the flyby probe is trans­
ferred along transfer paths to radiating surfaces that are decoupled as much as 
possible from solar inputs. Temperatures are regulated by modulating radiator 
emissive characteristics with temperature controlled louvers. The temperature
 
control system maintains flyby probe temperature relatively constant with the
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variable heat rejection rate and changing solar distances associated with the
 
Mariner Venus 1972 mission.
 
5.3.4.1 Functional Requirements
 
The Mariner Venus 1972 flyby probe will carry an entry probe 
to the planet Venus. The presence of the probe's biological shield modifies 
heat transfer paths within the spacecraft structure. For the Mariner Venus 1972 
mission, the flyby probe attitude is oriented with the +Z axis facing the Sun.
 
Figure 5.11 illustrates the significant thermal requirements that evolve as a
 
result of the Mariner Venus 1972 mission profile.
 
Following entry probe deployment, the flyby probe must re­
main isolated from the entry probe biological shield. Excessive heating of the 
flyby probe by conductance of the heat flux from the capsule shield could other­
vse occur. 
The relatively small amount of heat generated within the 
entry probe during heliocentric transfer must be radiated to space. Only a small 
amount of heat can be permitted to leak through the biological shield into the 
flyby probe structure. 
The louvers must be isolated from direct solar inputs as 
well as reflected and re-radiated inputs from adjacent solar panels. The panels 
are a particularly significant heat source at Venus distancpq Ihee they reach 
° 
temperatures of 250 F. 
During the mission, wide variations in heat load occur on 
bays V, VI, and VII. The highest heat dissipation rate occurs on bay VI during 
post encounter transmission of data to Earth. At Venus encounter, the insolation 
and reflection from the planet are both high. This represents the most severe
 
Hr Ft 2 , thermal environment of the mission. Solar irradiation is 840 BTU/ and 
because planetary abbedo of Venus is high, a large quantity of heat is reflected 
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back to 	the flyby probe (640 BTU/Hr Ft2). Planetary emission is expected to be 
relatively small (50 BTU/Hr Ft2 .). 
During all portions of the mission, the temperature of the
 
0flyby probe must never go below 400 F nor -above 125 °F. The battery temperature 
must remain above 400 F. The propulsion system monoprepellant should be kept
 
below 125 F. The only exception to these temperature limits is the radio trans­
mitter bay (Bay VI). The temperature of the TWT must be kept below 1680 F. 
5.3.4.2 	Functional Description
 
The Mariner Venus 1972 flyby probe thermal control subsysten
 
is designed to use the techniques used for thermal control of earlier Mariner 
spacecraft to a maximum extent. The solar and planetary heating inputs are mini­
mized to a maximum extent by coatings and insulation so .as to permit louvers 
mounted 	 to electrical/electronics equipment bays to regulate the flyby probe 
temperatures within narrow limits. The louvers compensate for variations in
 
electrical power losses. Thermal blankets completely enclose the lower and
 
upper portions of the flyby probe. The lower thermal shield on the +Z side of 
the flyby probe is extended over the edge of the octagon. This prevents solar 
irradiation inputs to radiating surfaces when the solar cone angle is off zero. 
Thermal blanket performance is expected to be at least as good as that for Marine 
Mars 1969 and Mariner Venus 1967 blankets. The latter is equivalent to a black 
body radiator with an area of 0.7 square feet. 
The effect of thermal blanket performance upon flyby probe 
temperature is illustrated in Figure 5.12. Normally with the louvers closed
 
flyby probe temperatures increase until a pre-adjusted temperature is reached. 
The louvers then open, maintaining a relatively constant temperature until the 
louvers are wide open. Increase in I2R power loss beyond the condition where 
louvers 	are fully open will result in an increase in flyby probe temperature. 
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For example, if C(A = E A = 0.716 ft2, the louvers will begin to open at Point 
A and will be completely open at Point B. Increasing 6 and decreasing cC will
 
increase the range-of allowable heat dissipation for which the louvers can con­
trol flyby probe temperatures. This is done by using a thin plastic (Teflon)
 
coating for the outside layer of the thermal blanket..
 
The presence of the solar arrays interferes with the perfor­
mance of the louvers particularly during periods when the flyby probe is close 
to Venus. During the encounter and post-encounter phases, the flyby probe must 
reject the largest quantity of heat. At this time, the solar panels are at 
0
their highest temperature of 250 F and are an additional heat source to adjacent 
louvered radiator surfaces. Figure 5.13 illustrates the influence of solar array 
heat inputs upon flyby probe temperature at Venus encounter. In order for flyby 
0 
probe temperatures to remain below 80 F with the louvers wide open, the solar
 
arrays must be 19-inches or more from the nearest louvered radiator surface.
 
During the playback mode, following planetary encounter, the 
RF transmitter will be operating at 20 watts of radiated power. This results in 
a total heat loss of 83 watts from the TWT amplifier and its power supply. When 
this is added to the rest of the RFS losses, just under 120 watts of heat energy 
must be removed from Bay VI and radiated to space. The temperature of the TWT 
collector is only a few degrees less than its upper limit at this time. In 
order to maintain BFS temperatures within acceptable levels, it is necessary to 
improve the shear plate design, increase contact resistance between the heat 
dissipation elements, and provide adequate heat paths behind the radiator and 
within the flyby probe. Bay VI temperatures are shown in Figure 5.14. 
The most significant features of the Mariner Venus 1972 ther­
mal control subsystem design are illustrated in Figure 5.15. The therimal blanket 
will be modified to accommodate the entry probe and biological shield. The 
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biological shield will be insulated from the flyby probe and will be restricted
 
to penetration depths of less than 9-inches into the flyby probe structute. The 
solar panels will be kept an adequate distance from the louvered bays to prevent
 
heat input into the louvers. By means of improved shear plate design, improved
 
contact resistance and by providing adequate heat paths from the shear plate to
 
the rest of the flyby probe,- the TWT temperature at the collector will be held 
below 1630 F at 117 watts of dissipated power. By improving contact resistance 
between the shear plate and major heat capacity elements of the RFS system, the 
midcourse maneuver in excess of two hours (at Earth) without excessive tempera­
ture rise.
 
5.3.4.3 Functional Modifications from Mariner Mars 1969 
The Mariner Venus 1972 thermal control system differs from 
the Mariner Mars 1969 in the range of planetary and solar irradiation experienced 
and by the inclusion of a entry probe in 1972. The larger solar irradiation of 
the Venus 1972 mission permits use of smaller solar arrays. To insure these do 
not interfere with heat rejection from the louvers, the solar arrays are displaced 
out from the octagon structure to the same distance as those of Mariner 1969. 
The RFS system bay is somewhat improved for the 1972 Venus mission. Thermal 
blanket performance is expected to be improved for the Mariner 1969 mission and 
= E = .7 will be attained in lieu of the Mariner 1969 value of 1.0. The mid­
course and entry probe deployment manuever is limited to one hour -for the Mariner 
Venus mission to preclude excessive thermal control problems at the relatively 
close-to-sun distance of capsule deployment. The Mariner Mars 1969 midcourse man­
euver duration is not limited by thermal considerations. 
Power Subsystem
 
5.3.5.1 	Functional Requirements 
- The power subsystem provides a central supply for the 
lyby/entry probe. It conditions the raw power from the solar array-battery 
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source and distributes this conditioned power to the subsystem. Flyby probe
 
central timing is derived from the closely controlled frequency of the 2.4 KHz
 
main inverter.
 
Battery chargers are required in the power subsystem to 
maintain the flyby probe and entry probe batteries fully charged. 
5.3.5.2 	Functional Description
 
The Mariner Venus 1972 Power Subsystem is functionally il­
lustrated in Figure 5.16. The basic source of power is solar panels. A silver 
zinc battery augments the solar panels. The solar panels have an area of 44.8 
ft 2 and provide 400 watts of power near earth and 524 watts of power at Venus 
encounter. The battery is maintained fully charged for use during launch mid­
course and entry probe deployment manuevers, and exigencies. 
The raw DC power is regulated in the booster-regulator and 
fed to the inverters. There are four inverters; a 2.4 KHz main inverter, a 
400 Hz-l inverter, a 400 Hz-30 inverter, and a 2.4 KHz maneuver inverter. The 
main inverter powers most of the subsystems and provides the timing function. 
The 400 Hz-3$ and maneuver inverters power the attitude control subsystem. The 
400 Hz-l inverter provides power to the DSS, scan and IRS subsystems. 
5.3.5.3 	Functional Modifications from the Mariner Mars 1969
 
The power subsystem conditioning components for the baseline
 
mission are identical to those of Mariner Mars 1969 with the exception of the 2.4 
KHz main inverter. The power output of the main inverter has been increased io 
175 watts (Mariner Mars 1969 main inverter power output = 155 w) due to the in­
creased 	science load.
 
The magnetometer and trapped radiation detector experiments are not
 
included in the Alternate No. 1 configuration. Consequently, the main inverter load is
 
less than for the baseline. The main inverter output for the Alternate No. 1.
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FIGURE 5.16 MARINER VENUS 1972 POWER SUBSYSTEM FUNCTIONAL BLOCK DIAGRAM
 
configuration is 165 watts. The Alternate No. 2 configuration substitutes a T.V. 
experiment for the baseline science experiment complement. The power requirement 
of the T.V. system-is less than that of the baseline science (20 watts vs. 67 
watts). Therefore, the Alternate No. 2 main inverter power output is identical to 
Mariner Mars 1969. 
The flyby probe battery is unchanged (capacity 1200 wt­
hr). 
The Mariner Venus 1972 solar panel area is approximately 
one-half that of Mariner Mars 1969. The panel area reduction is made possible 
by the increase in solar panel power as the flyby probe approaches Venus. The 
Mariner Venus 1972 solar array will have an output of approximately 400 watts 
near Earth and 524 watts at encounter. 
An entry probe battery capable 	of two charging rates-­
180 ma and 40 ma (trickle) has been added to the flyby probe power subsystem.
 
For the post encounter phase, the silicon cells will 
provide sufficient power margin. For this Venus mission, tilting the solar pad­
dles or utilization of gallium arsenide cells is not required. 
5.3.6 Midcourse Propulsion Subsystem 
The Mariner Venus 1972 Midcourse Maneuver Propulsion subsystem supplies 
one or two corrective velocity increments in order to remove trajectory errors 
and satisfy entry probe deployment and planetary flyby experiment requirements. 
The 	propulsion thrust level is fixed. The duration and direction of firing are 
& S to obtain the desired trajectory at Venusaccurately controlled by the CC 
encounter.
 
5.3.6.1 Functional Requirements 
The Mariner Venus 1972 midcourse propulsion subsystem
 
supplied a first midcourse maneuver velocity increment of 26.1 meter/second
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(maximum) (see section 2.8.3 for requirement) several days after launch in order 
to remove the injection aim point bias (for planetary quarantine) and injection 
errors. 	Entry probe deployment and flyby experiments encounter trajectory ac­
curacy requirements can impose the requirement for a second midcourse maneuver
 
of 0.9 meters/second (maximum) approximately'midway along the heliocentric .tra-­
jectory. The resulting total maximum velocity increment is 27 meter/second.
 
The Mariner Venus 1972 flyby/entr'y probe may have a mass 
ranging between 841 pounds (Minimum mission) and 1750 pounds, the maximum 
launch mass for acceptable Type I trajectories. The baseline configuration, 
having a 	 single probe with flyby and cruise experiments has an estimated mass of 
1235 pounds. The heavier flyby/entry probe require additional total impulse 
capability for achieving a fixed velocity increment of 27 meters per second. 
The impulse imparted by the midcourse propulsion system 
must be accurately directed through the spacecraft mass center to avoid rotation 
of the flyby/entry probe. 
5.3.6.2 	 Functional Description 
The Mariner Venus 1972 midcourse propulsion system is a 
monopropellant bydrazine unit sized to-supply 27 meter per second velocity incre­
ment. The propellant requirements of the heavier Venus 1972 Mission flyby/entry 
probe satisfied by using the Mariner Mars 1969 fuel tank and nitrogen pressurant 
tank. A nitrogen gas pressure regulator reduces the nitrogen pressure from 
3300 psiato 300 psia upstream of the pyrotechnic squib actuated valves and 
propellant. The 300 psia nitrogen is fed to the propellant tank and, by ex­
-erting pressure through a bladder, expells the propellants. 
The velocity increments obtainable with the existing Mariner 
1969 propulsion subsystem are shown for the baseline and alternate missions in 
Table 5.9. 
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MARINER VENUS 1972 VELOCITY INCREMENT WITH MARINER 1969 SUBSYSTEM 
Mariner Venus 1972 Flyby/Entry Probe Velocity Increment Margin abo,XV 

Configuration Mass pounds Meters/Second 27m/sec 
Baseline Mission 1350- 35.4 max. 8.4
 
0.059 min. 
Alternate Mission 1o64 
­
36.8 max. 9.8 
One 0.062 rain. 
Alternate Mission 
 956 50.2 max. 13.2 
Two 0.084 Tin. 
Maximum Possible 1750 27.4 max. 0.4 
Injected Mass 0.046 min. 
(C3 = 13.4) 
Mariner 1969 800 60.0 max. 33.0 
0.100 mil. 
The Mariner 1969 subsystem provides adequate velocity increments for all Mariner 
flyby/entry probe Venus 1972 Missions, more than satisfying the 27 meter/second 
required to achieve accurate flight path control and satisfy the l0-5 probability 
of Venus contamination (see Sections 2.64 and 2.83 for details).
 
5.3.6.3 Functional Modifications from Mariner 1969
 
The existing Mariner 1969 subsystem hardware can be used for 
the baseline or alternate missions. The velocity increment available to the Venus 
1972 flyby/entry probe with use of the Mariner 1969 subsystem is previously pre­
sented in Table 5.9. 
.5,3.7 Flight Telemetry S _tem. 
5.3.7.1 Functional Requirements
 
Functional requirements for the Mariner Venus 1972, flight 
telemetry subsystem (FTS) are similar to those on the Mariner Mars 1969 and are: 
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o 	 Accept analog and digital measurement signals from the spacecraft 
o 	 Accept and keep a cumulative count of event pulses from the space" 
craft 
o 	Condition and encode the preceding signals into a seven-bit
 
digital word format
 
o 	 Insert unique codes into the data to identify the beginning of 
sequential frames and subframes of conmmtated data 
o 	 Accept serial digital data from other flyby probe subsystems for 
transmission to earth during the appropriate data modes 
o 	 Provide change of data rate to make use of available bandwidth in 
the radio frequency communications system to planetary distances;
 
and amplify, during the launch phase, signals from two accele­
rometers mounted on the spacecraft. The amplified signals will
 
be rounted across the spacecraft-launch vehicle interface to the
 
Centaur telemetry unit. 
The baseline and alternate missions contain the same functions with
 
minor mechanization alternations.
 
5.3.7.2 Functional Description
 
Figure 5.17 presents a functional block diagram of the FTS 
for the Mariner Venus 1972 missions. The system will generate a baseband consistin, 
of one or two subcarriers. During cruise where data rates are relatively low, a 
mixture of scientific and engineering data will be multiplexed and encoded in a 
PCM format on a single subcarrier. At encounter, or when a greater transmission 
capability is required, one subcarrier will be reserved for scientific data and
 
the other for engineering data. Table 5.10presents anticipated data rates for
 
baseline and alternate Venus mission.
 
5.3.7.3 Functional Modifications from Mariner Mars 1969
 
The changes in multiplexing schedules and data rates shown
 
in Table 5.10.can be mechanized using modules and packaging techniques that are
 
being used on the Mariner Mars 1969 mission. It is anticipated that the physical
 
parameters will change slightly from Mariner 1969. Maximum weight is anticipated
 
to 	be 25 pounds, volume 1100 cubic inches, and power 10 watts of 2.4 KHz power.
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Table 5.10
 
FUNCTIONAL MODIFICATIONS FROM
 
MARINER 1969 FLIGHT TELEMETRY SUBSYSTEM
 
MARINER MARINER VENUS - 1972
 
OPERATING MODE BIT RATES 1969 Baseline Alternate #1 Alternate #2
 
I. Cruise 	 8-1/3 33-1/3 8-1/3 8-1/3 
2. 	Encounter CH #1 33-1/3 Oh #1 8-1/3 - Oh #1 8-1/3 Ch #1'8-1/3
 
OH #2 270 Oh #2 133-1/3 Oh #2 133-1/3 Oh #2 270
 
3. 	Post Encounter OH #1 8-1/3 OH #1 8-1/3 Oh #1 8-1/3 Oh #1 8-1/3
 
CH #2 270 CH #2 133-1/3 Ch#2 133-1/3 Ch #2 2T0.
 
4. CC&S Memory Readout 	 8-1/3 33-1/3 33-1/3 33-1/3
 
Note: Channel #1 Engineering & Minimal Science
 
#2 Science Only
 
5.3.8 Flight Command Subsystem
 
5.3.8.1 	Functional Requirements
 
The Flight Command Subsystem (FCS) acquires phase coherence
 
with the synchronization information from the Radio Frequency Subsystem and
 
demodulates the command word information from which the command word data bits
 
are detected and reconstructed. Direct,. quantitative and coded commands are
 
decoded from the command word bits. The decoded commands are then routed by the
 
FCS to the appropriate subsystem.
 
5.3.8.2 	Functional Description 
The FCS has two major functional elements are shown in 
Figure 5.18. These elements are the command detector and the command decoder. 
The command detector receives the command signals from the
 
Radio Frequency Subsystem. The command word information is demodulated and de­
tected and the command word bits are reconstructed. The command word data bits 
are fed to the decoder where discrete momentary switch closures are provided to
 
the proper user subsystem (direct command channel). The coded command channel 
directs coded command data to the CC&S to update event timing and enter -maneuver 
data int the CC&S. The quantative command channel provides a variable length 
pulse train to the scan subsystem which contains scan platform cone and clock 
angle data. The detector lock status signal indicates whether or not detector 
synchronization with the received signal has been established.
 
5.3.8.3 	Functional Modifications from Mariner 1969
 
The command detector unit will be identical to that of
 
Mariner 1969.
 
The command decoder will require minor modification to
 
accommodate changes made in command outputs. These changes will consist of adding
 
isolated switches to increase the command output capability and reassignment of
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existing isolated switches. Table 5.11 lists the number of commands required by
 
the baseline, alternate configurations and Mariner Mars 1969 missions.
 
Table 5.11
 
Command, Requirement Comparison
 
Mission Direct Commands Quantitative Commands Coded Commands 
Mariner Mars 1969 52 4 1 
Mariner Venus 
Baseline 
57 4 1 
Mariner Venus 
Alt. #1 
1972 55- 0 2 
Mariner Venus 1972 53 0 1 
Alt. #2
 
5.3.9 Radio Frequency and Antenna Subsystem
 
5.3.9.1 	Functional Requirements
 
The Radio Frequency Subsystem (RFS) functional requirements
 
are summarized as follows:
 
Receive radio frequency signals from the DSIF
 
Coherently translate the frequency by a ratio compatible 
with the DSIF 
Demodulate and separate command signals from the up-link 
baseband 
Send command signals to the FCS
 
Detect ranging signal from the DSIF 
Modulate 	telemetry data stream(s)
 
Modulate 	detected ranging signals
 
Transmit a modulated radio frequency signal that is
 
phase coherent with either received signal or an internal
 
frequency source
 
Transmit 	signals to the DSIF with proper polarization
 
characteristics and have nearly isotropic pattern
 
coverage 	with low gain antenna system
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5.3.9.2 Functional Description
 
The functional description of the baseline system is shown 
in Figure 5.19 in block diagram form. The ability to automatically switch be­
tween two low gain antennas during entry probe deployment is required to perform 
the baseline mission. Since transmission time is significant at this part of the 
mission, the switching function receives its stimuli from the receiver AGC level. 
In the event that the AGC level is below an acceptable threshold on either antenna, 
the switching unit will search by switching between the two antennas one time each 
second until a suitable signal is received from the DSIF. The function is backed 
up by both the CC&S and the FCS. This capability is only required in missions 
where the cone angle changes more than 90 degrees. 
5.3.9.3 Functional Modifications from Mariner Mars 1969 
The high gain antenna configuration for the baseline mission
 
is similar to the Mariner Venus 1967 with two boresight positions. The antenna
 
gain is +23.5 db above a circular polarized isotropic reference source. The' 
baseline mission involves flyby probe cone angle changes over 90 degrees for 
capsule deployment, resulting in use of a second low gain antenna. The addition
 
of the second low gain antenna, its switching circuitry, and logic requires a new
 
design for the baseline mission. The low gain antennas will be
 
similar to the Mariner Mars 1969 configuration with modified mounting fittings. 
The alternate Mariner Venus 1972 missions do not require
 
a movable high gain antenna, since the R.F. occultation experiment is not
 
conducted. The second low gain antenna is also not required on the alternate
 
missions since the flyby probe cone angle does not exceed 90 degrees
 
during entry probe deployment.
 
5.3.9.4 PerXorman-e Of Radio Frequency Subsystem 
The normalized receiver carrier power 
levels throughout the mission using a transmitter power of 20 watts nominal and 
both high and low gain antennas is shown in Figure 5.20. The computed signal margins 
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for the single channel cruise case is shown in Figure 5.21. A recommended mission
 
profile is shown in Figure 5.22.- Design control tables for two periods in the
 
mission are given in.Tables 5.12 and 5.13.
 
The "far side" trajectory has cone angles approaching zero 
degrees at the time of entry probe deployment. Preliminary-data indicates that 
a very severe antenna pattern null exists in this area and prevents satisfactory
 
reception of commands from the Deep Space Network; and prevents satisfactory
 
signals to be transmitted to the Deep Space Network using either the primary low
 
or high gain antennas. To overcome this problem it is necessary to include a
 
second low gain antenna which has maximum gain at a zero degree cone angle and 
at least isotropic gain at cone angles .of ninety degrees. Antenna testing would 
be required to optimize the pattern.
 
Recent information obtained in EPD 283, Revision 2. dated
 
1 January 1967 and performance data of the Mariner 1969 traveling wave tube
 
amplifiers indicates that DSN antenna gains are 0.3 db higher than shown on the 
design control tables and the system noise temperatures have been reduced from
 
nominal 55 °K to 420 K. Transmitting circuit losses presented on the design 
control tables are 1.3 db as compared to 1.990 on the Mariner 1969. Assumptions 
made that the ground antenna losses are 0.5 db were proven to be overly conservative.
 
The net effect of these changes indicate that the performance of the Mariner Venus
 
1972 will be approximately 0.4 db better than indicated on the previously referenced
 
figures insofar as total received power at the DSN is indicated.
 
The most critical part of the mission, considering the RFS, 
will occur at entry probe separation. If antenna gains of the low gain antennas 
never exceed isotropic level adequate system margins are possible. Command margins 
are slightly better but timely switching between the two low gain antennas will be 
of paramount importance. 
If the "far side" trajectory (Type I with hominal July 16, 
1972 -arrival) is flown, it is necessary to have a second low gain antenna which has 
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TABLE 5.12 
Design Control Table
 
Day 104 - Entry Probe Deploymen
 
Mariner Venus 1972
 
Entry Probe Deployment, Day 104, 33-1/3 BPS Single Ch. Low Gain #2 20 watts
 
PARAMETER 
I Total Transmitter Power 20 watts 
2 Transmitting Circuit'Loss 
3 Transmitting Antenna Gain lo gain #2 
4 Transmitting Antenna Pointing Loss 
5 Space Loss 
@ 2298 MC, R =44 x 106 KM 
6 Polarization Loss 
7 Receiving Antenna Gain 
8 Receiving Aitenna Pointing Loss 
9 Receiving Circuit Loss 
10 Net Circuit Loss 
11 Total Received Power 
12 Receiver Noise Spectral Density (N/B) 
T System = 55 + 10'K 
13 Carrier Modulation Loss 
14 Received Carrier Power 
15 Carrier APC Noise BW (2BL= 12 HZ) 
CARRIER PERFORMANCE-TRACKING (one-way) 
16 Threshold SNR in 2BLO 
17 Threshold-Carrier Power 
18 Performance Margin 
CARRIER PERFORMANCE-TRACKING (two-way) 
19 Threshold SNR in 2BoL 
20 Threshold Carrier Power 
21 Performance Margin 
22 Threshold SNR in 2BLO 
23 Threshold Carrier Power 
24 Performance Margin 
DATA CHANNEL Q- 1.45 rad 
25 Modulation Loss 
VALUE. 
+43 dbm 
-1.3 db 
0 
TOLERANCE 
+0.5 
+0.2 
-0.5 
-0.3 
-252.5 db 
-3 db 
+53 db 
+3 
11.0 
.-0 
-0.5 
-0.5 db 
-204.3 db 
-161.3 dbm 
-181.2 dbm 
*0.2 
4.4 
14.9 
19 
-0.2 
-1.5 
-2.0 
+0.7­
-5.0 db 
-166.3 dbm 
+10.8 
*0.6 
4-5.5 
-0.5 
-0.6 
-2.6 
+0.0 
0.0 db 
-170.4 dbm 
+4.1 db 
-0.0 
1.4 
+6.9 
0.0 
+0.7 
-3.3 
2.0 db 
-168.4 dbm 
+2.1 db 
6.0 db 
-164.4 dbm 
-1.9 
-1.0 
-2.4 
+7.9 
-1.5 
-2.9 
+8.4 
+1.0 
+1.7 
-4.3 
+1.5 
+2.2 
-4;8 
-2.0 db +0.3 -0.3 
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TABLE 5.12 (cont'd)
 
Mariner Venus 1972
 
.Entry Probe Deployment, Day 104, 33-1/3 BPS Single Ch. Low Gain #2 20 watts
 
PARAMETER 	 VALUE TOLERANCE 
DATA CHANNEL 
26 Received Data Subcarrier Power -161.3 dbm +5.2 -2.3 
27 Bit Rate (lI/T) 33-1/3 +15.2 db +0.0 -0.0 
28 Required ST/N/B 5.6 db -0.2 +0.2 
29 Threshold Subtarrier Power -160.4 dbm -1.1 +0.9 
30 Performance Margin -0.9 db +6.3 -3.2 
COMMENTS:
 
+3.7 	db additional gain is required.
 
(1) 	The 210' dish antenna must be used during time of maneuver.
 
(2) 	A second low gain antenna similar to existing one must be installed
 
with correct polarization.
 
TABLE 5.13 
Design Control Table
 
Post Encounter
 
Mariner Venus 1972
 
Past Encounter 133-1/2 + 8-1/3 BPS + 10 days - 20 watts - +10 days
 
High Gain Position #2 
PARAMETER 
1 Total Transmitter Power 20 watts 
2 Transmitting Circuit Loss 
3 Transmitting Antenna Gain 
4 Transmitting Antenna Pointing Loss 
5 Space Loss 
@ 2298 MC, R= 73 x IO6 IM 
6 Polarization Loss 
7 Receiving Antenna Gain 
8 Receiving Antenffa Pointing Loss 
9 Receiving Circuit Loss 
10 Net Circuit Loss 
11 Total Received Power 
12 Receiver Noise Spectral Density (N/B) 
T System = 550K + 10°K 
13 Carrier Modulation Loss 
14 Received Carrier Power 
15 Carrier APC Noise BW (2BLo = 12 HZ) 
CARRIER PERFORMANCE-TRACKING (one-way) 
16 Threshold SNR in 2BLO 
17 Threshold Carrier Power 
18 Performance Margin 
CARRIER PERFORMANCE-TRACKING (two-way) 
19 Threshold SNR in 2BLO 
20 Threshold Carrier Power 
21 Performance Margin 
22 Threshold SNR in 2BLO 
23 Threshold Carrier Power 
24 Performance Margin 
DATA CHANNEL A SCIENCE 
25 Modulation Loss 0 = 1.38 rad 
26 Received Data Subcarrier Power 
27 Bit Rate (l/T) 133-1/3 BPS 
28 Required ST/N/B 
VALUE 
+43.0 dbm 
-1.3 db 
+22 db 
-1.0.db 
-262.9 db 
TOLERANCE 
+0;5 
+0.2 
+1.0 
+0.0 
-0.5 
-0.3 
-1.0 
-1.0 
+53.0 db +1.0 -0.5 
-0.5 db 
7190.7 db 
-i47.7 dbm 
-181.2 dbm 
+2.2 
42.7 
-0.9 
-2.8 
-3.3 
+0.7 
-5 db 
-152.7 dbm 
10.8 db 
+0.6 
+3.3 
-0.5 
-0.6 
-3.9 
+0.0 
0.0 db 
-170.4 dbm 
+17.7 db 
-0.0 
-1.4 
+4.7 
+0.0 
+0.7 
-4.6 
2.0 db 
-168.4 dbm 
+15.7 db 
6.0 db 
-164.4 dbm 
+11.7 db 
-1.0 
-2.4 
+5.7 
-1.5 
-2.9 
+6.2 
+1.0 
+1.7 
-5.6 
+1.5 
+2.2 
-6.1 
-2.5 db 
-150.2 dbm 
+21.2 db 
+5.6 db 
+0.3 
+3.0 
+0.0 
-0.2 
-0.3 
-3.6 
-0.0 
+0.2 
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TABLE 5.13 (Cont'd)
 
Design Control Table
 
Post Encounter
 
Mariner Venus 1972 
Past Encounter 133-1/2 + 8-1/3 BPS + 10 days - 20 watts -
High Gain Position #2 
PARAMETER 
29 Threshold Subcarrier Power 
30 Performance Margin 
SYNC CHANNEL ENGINEERING 
31 Modulation Loss 9 = 0.46 r~d 
32 Receiver data Subcarrier Power 
33 Bit Rate (I/T) 8-1/3 BPS 
34 Required ST/N/B-
35 Threshold Subcarrier Power 
36 Performance Margin 
VALUE 

-154.4 dbm 

+4.2 db 

-14.6 db 

-162.3 dbm 

9.2 db 

5.6 db 

-166.4 dbm 

+4.1 db 

+10 days
 
TOLERANCE 
-1.1 +0.9 
+4.1 -4.5 
+0.3 
-0.3
 
+3.0 -3.6
 
+0.0 -0.0
 
-0.2 +0.2
 
-1.1 +0.9
 
+4.1 -4.4
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maximum gain at a cone angle of from zero to forty-five degrees and is equal to 
or above isotropic at a cone angle of ninety degrees. 
Since the cruise mode science and engineering data rates 
are low, they should be multiplexed upon a single subcarrier and transmitted at 
a rate of 33 1/3 bits per second. Encounter science and engineering data would 
be transmitted on separate subarriers.-
The following radio frequency subsystem transmitter modes 
are recommended for the nominal baseline mission: 
0 to 90 days into the mission - 10 watts: and low gain antenna 
25 days prior to encounter - *20 watts and low gain antenna 
20 days prior to encounter - 10 watts and high gain anntena 
in position one
 
12 days prior to encounter at capsule separation - 20 watts and 
second low gain antenna thence back to high gain antenna configubati( 
1 day after encounter - high gain antenna in position two and 10 watl 
5.3.10 Central Computer and Sequencer Subsystem 
5.3.10.1 Functional Requirements
 
The Mariner Venus 1972 Central Computer and Sequencer (CC&S) 
is required to provide timing and sequencing of flyby probe events. The CC&S issue 
discrete commands to sequence the flyby probe subsystems. Programming of the mid­
course maneuver and attitude change maneuver for entry probe deployment is 
achieved via the FCS by coded command. CC&S provides redundant control of flyby 
maneuvers to minimize the :probability of a catastrophic mission failure. 
5.3.10.2 Functional Description 
.The major portion of the CC8S consists of a programmable 
special purpose computer and a maneuver fixed sequencer. Three modes of maneuver 
sequencing are possible; the tandem mode (normal), the fixed sequencer mode1 and 
the progranmable sequencer mode. The computer and fixed sequencer are operated in 
parallel during fhvbv nrobe maneuvers. Figure 5.23 is a functional block diagram 
of the CC & S.
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The CC & S has the capability to automatically control all 
spacecraft events except those involving spacecraft maneuvers. Iii the event that 
the mission deviates from the nominal, midcourse correction information in the 
form of attitude contol and propulsion parameters are entered into the CC & S 
by coded command. The flyby probe executes the maneuver under control of the CC & S 
Subsystem timing and sequencing information is derived,from the CC & S.
 
The -computer-controls flyby probe event times which can be 
updated by coded command.-if the mission deviates from the nominal. As presantly 
conceived, the sequencer-program on the entry probe is fixed, assuming that the 
time o'f arrival, and.the entry probe separation event are adjusted (if necessary) 
by a midcourse propulsive maneuver. If detailed trajectory perturbation and failure 
mode studies show that a fixed entry probe sequencer program is- inadequate, then
 
the flyby computer program will have to update the separation event for both the
 
flyby and entry probe by means of coded commands. 
5.3.10.3 Functional Modifications From Mariner Mars 1969 
The changes required to the Mariner Mars 1969 CC & S are 
minor. The Mariner Mars 1961 CC & S presently has the capability to store and 
control 40 events excluding the maneuver .events. Additional relays are required 
to interface with the increased command outputs to the subsystems for the baseline 
mission which has 41 CC & S-commands. 
The Mariner Venus 1972 mission differs from the Mariner 
Mars 1969 mission in that'a flyby probe maneuver is a part of the nominal mission
 
(entry probe release maneuver). A nominal mission is herein defined as one which
 
does not require any maneuvers for the purpose of using the propulsion subsystem
 
to make a trajectory correction. In view of this definition, two non-nominal
 
maneuvers, first and second midcourse corrections, are possible, however the
 
likelihood of these are anticipated before launch and the program contains pro­
vision for both the maneuvers. The Mariner Mars 1969 fixed sequencer mode must 
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be modified to inhibit the propulsion burn logic during the entry probe deploy­
ment maneuver.
 
The Alternate No. 1 configuration requires 32 CC & S commands 
(Mariner Mars 1969 has 32 CC & S commands) and requires the reassignment of some 
CC & S output relays with associated changes in the CC & S logic circuitry. No 
additional relays are required. 
The Alternate No. 2 configuration requires 31 CC & S commands. 
CC & S changes similar to those of Alternate No. 1 are -required. 
5.3.11 	Data Automation Subsystem
 
5.3.ll.1 Functional Requirements
 
The Mariner Venus 1972 Data Automation Subsystem (DAS) is 
required to sample, time multiplex, encode and process scientific data from the 
flyby probe science subsystem. 
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Data from the magnetometer and trapped radia ...........
 
is processed ruing cruise to the planet Venus in the baseline mission. During 
encounter additional scientific instruments are active; the microwave imager, 
the ultraviolet spectrometer, infrared spectrbmeter-, and infrared radiometer. 
During cruise the DAS transfers the data to the Flight Telemetry Subsystem; 
during encounter DAS processed data is stored in the digital tape recorder. The 
data, rates to the DAS during encounter are summarized below; 
Table 5.14 
DATA RATE SUMMARY 
Experiment Data Rate (Bits/Sec)
 
UV Spec. 3200 
IR Spec. 1330 
TED 8 
Meg. 30 
IR Radio 9.5 
Microwave Image 60 
Delection of the magnetometer and trapped radiation
 
detector experiments for alternate mission number one removes the requirement 
that the data output of these experiments be processed. Alternate Venus 1972 
mission number two provides television data only. All other spacecraft science 
is deleted; leaving data coding as the only requirement on the DAB.
 
5.3.11.2 Functional Description
 
A functional block diagram of the DAS is shown in Figure 5.24. 
Data from the science instruments flows through the interface to the analog-to­
digital counters whereupon it is selected by the dump matrix for transfer through 
the output shift registers. The output shift registers control the data flows
 
to either the flight telemetry system interface for real time transmission or to
 
the buffer system for storage in the digital tape recorder 
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Figure 5.24VPAS -- Functional Block Diagram 
and real time telemetry through the dump matrix and elements following it. The 
shifting and transfer of information through the DAS is controlled by the timing 
matrix and command matrix, which in turn are controlled by the master oscillator 
'and timing generator chain. The near encounter interface determines the start of 
the near encounter eequence and notifies the command matrix.and the CC&S inter­
face of the event. The real time output of the DAS is synchronized to the tele­
metry bit rate by bit sync from the flight telemetry system through the sync 
interface. Control inputs from other flyby probe susbsystems are handled through 
the master controller. The digital tape recorder will be commanded to start 
recording by the command matrix and will also be commanded to change its speed 
at different times. The 2.4 KHz power will be received by the power converter
 
and will be converted to DC voltages and distributed throughout-the system. The 
KHz voltage will also be reduced in amplitude and used as one of the sync sources 
of the DAS. At power turn on, a power-on-reset circuit will initialize all of 
the pertinent logic.
 
5.3.11.3 Functional Modifications from Mariner 1969
 
A review-of the 1969 DAS functional capability and the base­
line 1972 requirements indicated that the 1969 subsystem mechanization was adequate 
for use in the 1972 mission. Modification of the DAS is required to handle the 
increased number of scientific data channels and perform the time multiplexing 
required by the experiment sampling rates. Modifications in data format are also 
required as indicated by the changes in data channels and multiplex.
 
The Alternate configuration No. 1 also is accomodated by 
the Mariner 1969 DAS with the same modifications employed for the baseline mission.
 
The DAS console can be deleted for Alternate conafiguration No.2 where flyby probe 
science consists of the television only. The data coding function required by
 
the television can be embodied in the T.V. subsystem.
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5.3.12 Data Storage Subsystem
 
5.3.12.1 Data Storage Subsystem Functional Requirements 
The Mariner Venus 1972 data storage subsystem (DSS) per­
forms the functions called out under the following mission phases in the baseline 
mission 
(a) Flyrby-Science 
- Store data from the Data Automation 
System at 4500 bits per second for 50 minutes. At the completion of this re­
cording sequence the recorder will contain the required 1.8 x 107 bits of science 
data.
 
(b) Playback Phase - The playback sequence shall begin
 
after flyby. This sequence consists of the following: reproduce all stored
 
data from the digital recorder and send it to the flight telemetry subsystem
 
(FTS). Playback of the data shall be at 133-1/3 bits/see synchronously with
 
the FTS. 	 The digital recorder data stored shall be played back until the tele­
metry link performance falls below threshold. 
The DAS requirements for Alternate configuration.No. 1 
the same 	as those for the baseline mission but without the magnetometer and
 
trapped radiation detector data storage requirements. Alternate configuration
 
No.2,-which carries only a television 
aboard the flyby produces a requirement for
 
storage of analog data at a rate of 18.9 KHz and storage of 10.6 x 108 data bits.
 
Additionally, the television data should be played back at a rate of 270 bits/sec
 
after Venus encounter. 
5.3.12.2 	 Functional Description 
The baseline mission Mariner 1972 flyby probe data storage 
subsystem 	will consist of one digital tape recorder, power conditioner and con­
troller. The bit error probability will be 1 in l05 bits. One major record mode 
will be required; the flyby-science mode. The record bit rate for the flyby science 
mode is 4500 bits/sec. The required storage capacity for the baseline and alternate 
mission unumber one flyby science is 1.8 x 107 bits.
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The television experiment of alternate cnfiguration No. 2 
requires data storage at a rate of 18.9 KEHz and storage of analog data equivalent 
to 1.6 x 108 data bits. The high data rate and storage requirements is accommodated 
with use of both an analog and a digital tape recorder. The functional block dia­
gram of Figure 5.25 presents the configuration of the DSS for alternate configura­
tion No. 2; the most complex DSS of' the three alternatives. All video 
data are stored in the analog tape recorder during data acquisition. Subsequent 
to encounter the analog data are transferred to the digital tape recorder via
 
the analog-to-digital converter until capacity of the digital recorder is reached.
 
The digital recorder, when filled, plays back the data to the F.T.S. When
 
emptied, 	the digital recorder is reloaded from the analog tape recorder. The
 
cycle is 	 repeated until all analog data are transmitted to earth. 
5.3.12.3 	 Functional Modifications from 1969 
The Mariner Mars 1969 Data Storage system was studied for 
compatibility with the Mariner Venus 1972 mission requirements. The general
 
characteristics of the 1969 data storage system are the presence of two tape 
recorders; one analog and one digital, with analog to digital conversion equip­
ment for 	transfer of data from the analog tape recorder to the digital tape 
recorder. The large data storage capacity of both tape recorders was demanded 
by the TV 	experiment, which stored 1.57 x 108 bits in the analog tape recorder.
 
The playback speed of the Mariner 1969 tape recorder is 
270 bits/sec. The record and playback speed of the Mariner Mars 1969 digital 
tape recorder must be modified to 133-1/3 bits/sec for the 1972 baseline and 
alternate configuration No. 1. The analog tape recorder used in the 1969 mission 
may be deleted for the baseline and alternate No. I configurations. 
Alternate 	configuration No.2 uses the Mariner 1969 DSS 
unaltered, and at less than its maximum capacity.
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MARINER VENUS 1972 DATA STORAGE SUBSYSTEM FUNCTIONAL BLOCK DIAGRAM 
(Alternate No. 2) 
5.3.13 Cabling Subsystem
 
5.3.13.1 Functional Requirements
 
The cabling subsystem is the electrical interface between 
the spacecraft subsystems. Hence, it must transfer electrical signals throughout 
the spacecraft with minimum degradation by minimizing magnetic and electrostatic 
-interference, IR drop in conductors, power-losses, and cross coupling between
 
conductors.
 
5.3.13.2 Functional Description 
.The major portion of the cabling subsystem consists of the 
upper and lower ring harnesses. Extending radially from the ring harnesses are 
assembly harnesses which interconnect the flyby probe subsystems. The entry 
probe/flyby-probe cabling interface will be through an in flight separation 
connector. 
5.3.13.3 Functional Modifications From Mariner Mars 1969 
The basic ring harness design philosophy used on Mariner
 
Mars 1969 will be retained for Mariner Venus 1972. Changes in the location of 
subsystem assemblies on the flyby probe together with the inclusion of the probe 
at the bottom of the octagonal structure dictate that a new cabling detail design 
be accomplished forMariner Venus 1972. 
5.3;14 Pyrotechnic Subsystem
 
5.3.14.1 Functional Requirements
 
The pyrotechnic subsystem (PCU) is required to remotely 
activate electro-explosive devices required for the performance of various mission 
events as tabulated in Table 5.15 below for the baseline and alternate missions. 
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Table 5.15 
Pyrotechnic Subsystem Functional Requirements
 
Functional Requirement Baseline Alt. #1 Alt. #2
 
o Spacecraft separation 	 X X IX 
o Solar panel deployment 	 X X X 
o Science (or TV) cover deployment X 	 X 
o Midcourse propulsion start & shutoff 
o IRS cooldown and motor start 	 X XI 
o High gain antenna pointing angle change X 
o Articulated low gain antenna deployment X 
o Scan platform unlatching 	 X 
o Canister cover deployment 	 -X - I X 
o Probe 	Separation X X X 
The functional requirements on the pyrotechnic subsystem 
of the Mariner Venus 1972 are more numerous than on Mariner 1969 as a result of 
antenna pointing and entry probe release events. 
5.3.14.2 	Functional Description
 
Two identical pyro control units perform the function of 
energy storage, command control and power switching to initiate pyro events. The 
PCU's are armed via a mechanically actuated switch which closes upon flyby/entry 
probe separation. The PCU's receive input commands from the CC&S. FCS or separation 
initiated timer. Upon receipt of a command, the PCU's momentarily,switch energy 
storage capacitors to the proper pyrotechnic device for firing. Telemetry con­
firmation of firing current is provided to the FTS. The functional block diagram 
of the pyrotechnic subsystem is shown in Figure 5.26. 
5.3.14.3 	 Functional Modification from Mariner Mars 1969 
The basic Mariner 1969 PCU can be retained for the Mariner 
1972 mission with only minor modifications required to increase the input/output 
function capability. Proven pyrotechnic actuators used on Mariner 1969 for solar 
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FIGURE 5.26 - PYROTECHNIC SUBSYSTEMS 
- FUNCTIONAL BLOCK DIAGRAM 
panel deployment, S/C separation, propulsion control, and IRS cooldown, etc. will 
be retained for the Mariner 1972 missions. A summary of-the variations from 
Mariner 1969 pyrotechnic subsystem, to accommodate the Mariner 1972 Venus missions, 
are presented below in Table 5.16. 
Table 5.16 
Pyrotechnic Subsystem Variation from MM '69 
Functions Baseline Alt. #1 A 
High gain antenna pointing 
angle change 
X 
Articulated low gain antenna 
deployment 
X X X 
Canister cover deployment X X X 
Probe separation X X X 
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VI. PROGRAM SCHEDULE, COST, EFFECTIVENESS 
AND RISK SUMMARY 
6.0 PROGRAM SCHEDULE, COST,
 
EFFECTIVENESS AND RISK SUMMARY
 
6.1 Introduction
 
The mission analyses resulted in three alternatives; however, from the
 
point of view of program costs the Best RF Occultation Probe Mission is
 
considered the Baseline Mission, using the baseline science experiments.
 
The differences between the entry probes for the Best RF Occultation
 
Probe Mission and Best Entry Probe Mission are relatively minor and
 
offsetting factors between the two concepts result in comparable costs
 
for the two. For the cost analysis, therefore, only the Baseline Mission
 
and Minimum Flyby/Entry Probe Missions are considered; they being repre­
sentative cost-wise of the mission alternatives considered.
 
The Best RF Occultation Probe'Mission (Baseline Mission) utilizes two
 
launches to achieve the program goal of'i0% risk, whereas the Minimum
 
Flyby/Entry Probe Mission and Best Entry Probe Mission consider either a
 
dual or a single launch with an associated increased risk of 30% for the
 
dual launch. Schedule, cost, effectiveness, and risk analyses are herein
 
presented covering the alternative systems commensurate with the missions.
 
6.2 Work Breakdown Structure
 
To develop the Flyby Probe System and Entry Probe System portion of the
 
overall program schedule and cost, the first step was to identify the
 
Venus 1972 Project activities in a Work Breakdown Structure (WBS). The
 
WBS, shown in Figure 6.1, presents an example of some of the various
 
primary activity areas which were considered in the definition of the
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Entry Probe System as a part of the overall project. A more detailed
 
WBS which includes lower level subsystem breakdowns for both the flyby
 
probes and the entry probes tas the basis for-the actual cost and schedule
 
analyses. It was assumed that the Launch Vehicle System, the Flyby Probe
 
System and the Entry Probe System would each be a separately contracted
 
package to be integrated by a NASA selected agency. The Mission Opera­
tions System (MOS), the Tracking and Data System (TDS) and the Launch
 
Operations System (LOS) would be funded and coordinated according to
 
existing procedures. Separate tasks are expected to be defined, funded,
 
and coordinated within the Launch Vehicle.System, Flyby Probe System, and
 
Entry Probe System contracts for the integration with the MO, TDS and
 
LOS. Sterilization of the Entry Probe Element would be accomplished at the
 
JPL Experimental Assembly Sterilization Laboratory (EASL) and Sterilization
 
Assembly Development Laboratory (SADL) facilities. Planned integration
 
and operations tasks to accomplish this sterilization are to be included
 
in an activity area of the Entry Probe System contract.
 
Each of the primary activities areas are further divided into subtasks to
 
define work packages in sufficient detail to identify levels of manpower
 
required and subcontract hardware requirements. These work packages are
 
then-time phased with an anticipated schedule for a 1972 launch opportunity
 
and an estimate of breadboard, engineering development, prototype test and
 
flight hardware, to result in an estimated Entry Probe System cost.
 
6.3 Schedule Ground Rules
 
Schedule analyses were performed on both the flyby probe and the entry
 
probe systems using recent programs as a basis for comparison and
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judgement wherever possible. It was assumed that, although program
 
element time spans have varied between programs, the present Mariner
 
Mars 1969 program schedule is the composite of experience gained on all
 
Mariner programs and, as such, it provides the most meaningful basis
 
for the Mariner Venus 1972 flyby probe schedule analysis. Departures
 
from this Mariner baseline were made only where analyses disclosed a
 
significant program element difference. For the Entry Probe System
 
the schedule was based on the feasibility studies of a Mars Atmospheric
 
Probe reported in NASA CR530 dated 1 September 1966 (NASA Contract
 
NAS2-2970) and updated as a Mars Atmospheric Probe for 1971 reported in
 
NORT 67-242 dated September 1967.
 
Schedule time elements were started from the 1972 launch opportunity and
 
worked backwards without consideration of premium time for development.
 
It was assumed that each subsystem design will be able to take maximum
 
advantage of space qualified hardware. Where this availability is not
 
possible, modifications to space qualified hardware or the selection of
 
components which can be qualified by virtue of their similarity to space
 
qualified hardware was assumed.
 
The Science Subsystems on both the entry and flyby probes are expected
 
to be long lead items. To avoid any potential problem, firm specifi­
cations must be finalized and issued as early as possible, together
 
with the application of careful vendor selection procedures, to main­
tain tight subsystem integration and control resulting in maximum
 
overall system compatibility.
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6.4 Program Schedule
 
6.4.1 Total Program Considerations
 
The Venus 1972 Project Flyby/Entry Probe Schedule shown in Figure 6.2 is
 
a summary evolved from detailed application of the above ground rules
 
and other program criteria. This nominal program schedule is based on an
 
assumed NASA Venus 1972 Project Specification release in Fiscal Year 1969
 
which is part ofthe proposal-preparation contractor-selection cycle prior
 
to the "Go-Ahead" of a Program Definition-Phase B during the 4th calendar'
 
quarter of 1968. This specification would be derived from an approach
 
developed as a result of the studies conducted during the Concept
 
Definition-Phase A. The primary objectives of Phase A have been the,
 
demonstration of feasibility, mission definition, flyby probe synthesis,
 
entry probe synthesis, program requirements, technology requirements,
 
and a reliability approach. Eight months are shown between the completion
 
of Phase A and the beginning of Phase B to allow adequate preparation of
 
a Request for Proposal package by NASA, the preparation of proposals by
 
suitable contractors and a Phase B contract award and negotiation.
 
Further development activities of the program have also been considered
 
in terms of sequential program Phases B, C and D.
 
Program Definition-Phase B--This phase includes system level tradeoff
 
studies, subsystems analysis, systems engineering baseline definition,
 
systems and subsystems specification preparation, program management
 
documentation, development of the Program Plan and integration meetings
 
-with participating contractors. Preparation of this documentation is
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FISCAL YEAR 
CALENDAR YEAR 
CALENDAR QUARTER 
1968 
1967 
3 4 , 
1969 
1968 
2 13 14 1 
1969 
1 2 1 3 
1970 
14 1 
1971 
1970 
1 2 13 14 1 
1971 
1 2 1 3 
1972 
4 1 
1973 
1972 
2 3 4 
PHASE "A" 
CONCEPT 
DEFINITION ORAL 
APPROVED REPORT 
PHASE "B" 
PROGRAM 
DEFINITION 
DESIGN REQUIREMENTS 
NASA PROJECT SPEC. RELEASED 
BASELINE APPROVED 
PHASE "C" 
DESIGN AND 
DEVELOPMENT 
BREADBOARD MODELS E 
DEV. ENGINEERING MODELS 
PDR - PRELIMINARY DESIGN APPROVED 
- CDR - FINAL DESIGN APPROVED 
PHASE "D" 
OPERATIONAL 
FABRICATIONASSEMBLY
TEST 
PROTOTYPE ENGINEERING MODEL 
PROTOTYPE PROOF TEST MODEL 
FLIGHT HARDWARE INTEGRATION 
ENTRY PROBE STERILIZATION 
INTEGRATION 
ULTILIZATION 
LAUNCH SITE OPERATIONS [ 
LAUNCH PERIOD - ZOMAR/24 APR 3 
MISSION OPERATIONS 
ENCOUNTER PERIOD - 15 JUL/3 AUG 1 
FINAL REPORT 
775960 P Figure 6.2 VENUS 72 PROJECT FLYBY/ENTRY PROBE SCHEDUTLE 
approximately four months in duration including customer evaluation,
 
customer coordination and baseline definition approval before the
 
Phase C start. Some long lead item procurement may also be originated
 
during this period if any subsystem can be shown to require more than
 
the 38 months from subsystem specification release to integrated launch
 
readiness with the flyby entry probe.
 
Design and Development-Phase C--This phase includes the generation of
 
final mission, system, subsystem and component specifications and ends
 
with the release of manufacturing drawings for the flyby/entry probe.
 
Phase C includes breadboarding and engineering model activities required
 
to finalize component or subsystem specifications. During this period,
 
technical efforts will consist of detailing and finalizing the design
 
for which configuration and performance objectives have been established
 
during preliminary design. The end product will be a set of documents
 
providing complete identification and definition of all subsystem and
 
system parameters, interfaces, specifications and drawings.
 
Operational Phase-D--This phase of the development cycle encompasses the
 
procurement and fabrication of components and/or subsystems, assembly and
 
integration of each Entry Probe System and Flyby Probe System, integration
 
of Flyby Probe Element with Entry Probe Element and the Launch Vehicle
 
Element to make up the Space Vehicle, including evaluation, qualification
 
and acceptance tests. Phase D also includes the demonstration test of
 
and Engineering Test Model (EI) assembled with prototype hardware, the
 
qualification test of the Proof Test Model (PTM) (including selected
 
subsystem Type Approval Models-TAM) and the integration of these entry 
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and flyby probe models with the launch vehicle, launch complex, Deep
 
Space Network, etc. These tests will verify the final design prior to
 
the flight hardware acceptance and sterilization of the Entry Probe
 
Element. The launch period and encounter period shown, bracket the
 
nominal dates considered iti the Phase A studies. The final report
 
would be submitted three months after the latest encounter date con­
sidered, to result in a schedule end date of 31 October 1972, a total
 
of 52 months after initiation of Phase B.
 
6.4.2 Special Flyby Probe Considerations
 
The nominal period of time shown from the beginning of Phase C to the
 
first considered launch window on 20 March 1972 is approximately 38
 
months representing the comparable period of 37 months from the
 
beginning of detailed "Analysis/Design" of the flyby probe through to
 
"Launch" shown on the Mariner Mars 1969 schedule in Figure 6.3. An
 
analysis of schedule changes was performed to evaluate the program
 
phasing relationships and time spans for Venus 1972 Flyby Probe Base­
line, Alternate No. 1 and Alternate No. 2 configurations. This analysis
 
was related to the present Mariner Mars 1969 program schedule to
 
obtain established time spans and program element concurrencies.
 
Mariner Mars 1969 data were used because it is believed that this
 
program represents the latest composite of experience gained by JPL
 
on Mariner programs and is, therefore, the most meaningful criteria
 
available.
 
Baseline and Alternate No. 1 Configurations--Comparative analysis
 
disclosed close similarities between the Baseline and Alternate No. 1
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Figure 6.3 FLYBY PROBE PROGRAM SCHEDULE REFERENCE 
- MARINER MARS 1969 
Configurations. Accordingly, a single master schedule was developed
 
for these programs, shown in Figure 6.4. This schedule compares
 
very closely with the Mariner Mars'1969 schedule except in the areas of
 
procurement and integration activities. Because of the early develop­
ments status of the microwave spectrometer/imager an additional three
 
months procurement time has been included. Also, an-additional three
 
months integration time has been included in the schedule for Flyby
 
Probe Element/Entry Probe Element integration and microwave spectrometer/
 
imager integration. However, since this schedule programs the initiation
 
of procurement earlier in the analysis/design period, only three months
 
are added to the total program time. This results in a total time of
 
40 months for the Baseline and Alternate No. 1 Configurations as compared
 
with a total program time of 37 months for the Mariner Mars 1969.
 
Alternate No. 2 Configurations--This mission also compares very closely
 
with the Mariner Mars 1969 schedule. The relative simplicity of this
 
alternative poses no new problem areas, and the addition of two
 
months for Flyby Probe Element/Entry Probe Element integration as showtn
 
in Figure 6.5, yields a program total time of 39 months.
 
6.4.3 Special Entry Probe Considerations
 
The entry probe technology study, Section 4.0, indicated that a severe
 
lack of data exists on applicable candidate heat shield materials for
 
Venus entry. As materials characterization arc test data is needed for
 
Phase C, it is imperative that materials testing begin no later than
 
FY 1969, preferably sooner. The heat shield must be assumed to be the
 
most critical schedule controlling subsystem due to the present lack
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Figure 6.5 1972 FLYBY PROGRAM SCHEDULE - ALTERNATE 2 CONFIGURATION 
of test data, and the complexity of the ground test program needed.
 
A minimum of 18 months is needed to provide the necessary heat shield
 
design data required. If R and D is initiated by Fiscal-Year 1969 in
 
the critical subsystems areas as the science payload, heat shield,
 
sterilizable batteries, sterilizable transmitter that can operate in-a
 
high G environment, and design definition activities continued, Phase C,
 
could start as late as the third calendar quarter of 1969 (beginning
 
of Fiscal Year 1970).
 
6.4.4 sugnary 
In summary, there is no schedule limitatiun ior tne venus ihid mission 
regardless of which design alternatives are selected for either the 
flyby probe or the entry probe, if the Design and Development.Phase 
can be underway early in calendar year 1969, based on an approved Desi. 
Requirements Baseline. If the beginning of the Design and Development 
Phase is delayed until the middle of calendar year 1969 (beginning of
 
Fiscal Year.1970), then special long lead item procurement activities
 
will be required before the start of Phase C or "Crash" activities
 
may be necessary in some of the subsystems areas depending on which
 
flyby probe or entry probe configurations are selected. The importance
 
of a timely NASA Project Specification cannot be overemphasized in order
 
that these long lead items or "Crash" efforts can be identified as early
 
as possible.
 
6.5 Costing Ground Rules
 
Both the Flyby Probe System and Entry Probe System costs are presented
 
independently to be compatible with expected system contractual
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arrangements whereby the Project will be coordinated by a central NASA
 
agency. Therefore, only integration between these two systems with
 
all other systems has,been considered in the flyby probe and entry
 
probe system cost analysis ahd subsequent estimates. Costs of the
 
Launch Vehicle System, Lauich Site Activation, Mission Operations
 
System, etc., are not included-at this time, although at least two
 
setsl of all flight hardware are included for each probe, including
 
appropriate OSE to support two launch complexes and two launch vehicles.
 
Availability of a launch complex or.its cost are not part of this cost
 
analysis.
 
6.5.1 Primary Entry Probe System Ground Rules
 
1. 	The Entry Probe System cost includes the integration costs with
 
other systems.
 
2. 	All entry science-instrumentation (development and production)
 
is GFE, but estimated costs are provided.
 
3. Mission Operation System, Tracking and Data System, Launch Vehicle
 
System and Launch Operations System costs-include only the entry
 
probe contractors coordination and integration requirements.
 
4. 	Sterilization operations facilities at JPL will be operated by
 
the entry probe contractor.
 
5.-	 An estimated cost is provided for the transmitter in the Radio
 
Subsystem (development and production).
 
6. 	An estimated cost .isprovided for the batteries in the Power
 
Subsystem (development and production).­
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7. Three flight hardware Entry Probe Elements plus two complete sets
 
of spare parts would be provided for a two launch program or one
 
flight vehicle plus two complete sets of spare parts for a single
 
launch.
 
8. 	Aerodynamic tests on the entry vehicles to be conducted by NASA
 
engiheering teams at NASA facilities-in coordination with the entry
 
probe contractors test and field operations.
 
9. 	Period of performance includes from the beginning of Phase B to the
 
end of the final report.
 
6.5.2 Primary Flyby Probe System Ground Rules
 
1. 	Flyby Probe to be a new procurement.
 
2. 	Modify existing Mariner Mars '69 Operational Support Equipment.
 
3. 	No requalification'required when Mariner Mars 1969 designs are used.
 
4. 	Hardware deliverable end items include:
 
3 Flight Flyby Probes, plus 20% discretionary spares (2 launches) 
1 Flight Flyby Probe, plus 20% discretionary spares (1 launch) 
1 Proof Test Model 
1 Structural Test Model 
1 Thermal Control Model 
2 Sets of Modified Mariner Mars 1969 OSE 
5. 	Magnetic cleanliness required for baseline mission.
 
6. 	Use cost factors derived from historical Mariner approach.
 
7. 	All subsystem costs to be derived at the functional level.-,
 
8. 	Cost integration with all other systems.
 
9. 	Period of performance runs from the beginning of Phase B to the*
 
end of the final report.
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-6.6 Program Costs 
6.6.1 Cost Summary 
The Venus 1972 Program costs were analyzed and estimated for the Flyby
 
Probe System and the Entry .Probe System according to the above ground
 
rules. A cost summary for a selected series of alternate configuration
 
combinations is shown in Table 6.1. A factor of eight million dollars
 
was added to the baseline entry probe subtotals to approximate the cost
 
of GFE items,-the batteries and transmitter. Four million dollars was
 
added to the entry probe alternate mission to cover the costs of these
 
same items for the reduced payload.
 
6.6.2 Flyby Probe Configuration Summary 
The baseline and alternative flyby probe configuration recurring, non­
recurring, management and operations costs are comparatively shown in
 
Table 6.2. The reasons for the cost differences are discussed below.
 
6.6.2.1 Baseline Flyby Probe
 
The Baseline Flyby Probe cost is relatively low, due to maximum use of
 
previously qualified equipment and minimum revision to Mars Mariner 1969
 
spacecraft subsystems. The Baseline Flyby Probe includes cruise science,
 
two low gain antennae and a scan platform.
 
6.6.2.2 Alternate Flyby Probe No. I
 
This alternate flyby probe will delete the scan platform, the deployable
 
low gain antenna and cruise science. The deletion of the'magnetometer
 
relaxes the magnetic cleanliness'requirements and reduces some of the
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Table 6.1 
Flyby Probe/Entry Probe Costs 
(Millions of Dollars)
 
Flyby/Entry Probe 
Summary 

1. 	Baseline Flyby Probe 98.81 

Baseline Entry Probe
 
(2 launches)
 
2. 	Alternate No. i Flyby Probe 94.37 
Baseline Entry Probe 
(1 launch) 80.79 
3. 	Alternate No. 2 Flyby Probe 90.81 
Baseline Entry Probe 
(l launch) 77.65 
4. 	Alternate No. I Flyby Probe 86.06 
Alternate Entry Probe 
(1 launch) 72.85 
5. 	Alternate No. 2 Flyby Probe 82.50 

Alternate Entry Probe
 
(1 launch) 69.71 

Flyby Probe Entry Probe 
Sub Total Sub Total 
56.71 42.10 
52.27 42.10 
42.47 38.32 
48.71 42.10 
39.33 38.32 
52.27 33.79 
42.47 30.38 
48.71 33.79 
39.33 30.30 
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00 
Table 6.2
 
Baseline and Alternate Flyby Probe Configuration Cost Summary
 
(Millions of Dollars)
 
One -Three
 
Configuration Non-Recurring Recurring Management Operations Flyby Probe Flyby Probe
 
Baseline 27.26 5.45 4.0 9.1 45.81 56.71
 
Alternate No. 25.32 4.95 3.7 8.5 42.47 52.37
 
Alternate No. 2 22.27 4.69 3.47 8.9 39.33 48.71
 
H 
expense associated with the requirement. Because of the reduced sub­
system-complements, program costs are somewhat less than the baseline
 
mission.
 
6.6.2.3 Alternate Flyby Probe No. 2
 
This .second alternate flyby probe differs from alternate number one by
 
having TV as the only science experiment. This change results in reduced
 
cost because the cameras to be used are presently qualified and available.
 
The operations cost will 'ncrease slightly because of the complexity of
 
TV data processing equipment. The data storage system cost will increase
 
because of the addition of an analog tape recorder to the subsystem.
 
Total program costs are less than either the Baseline Flyby Probe or
 
Alternate Flyby Probe No. 1.
 
6.6.3 Entry Probe Configuration Sumary
 
The estimated cost-for each major program task shown in the Work Break­
down Structure is compared in Figure 6.6 for the "A" (Minimum) and *"B" 
(Baseline) options. The primary reasons for increased cost to
 
accomplish the "B" option, if any estimated difference is identifiable,
 
is indicated in Table 6.3. The estimated cost for each subsystem shown
 
in the Work Breakdown Structure is compared in Figure 6.7for the "A"
 
and "B" option. The primary reasons for an increased cost for the "B"
 
option, if any estimated difference is identifiable, is indicated in
 
Table 6.4.
 
6.6.3.1 Baseline Entry Probe
 
The Baseline Entry Probe includes all of the suggested Best RF
 
Occultation Probe Mission experiments plus associated data collection
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B 
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A 
B 
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SYSTEM (SUPPORT) A B 
TRACKING AND DATA 
SYSTEM (SUPPORT) A B 
LAUNCH VEHICLE 
SYSTEM (SUPPORT) 
A 
B 
LAUNCH OPERATIONS 
SYSTEM (SUPPORT) 
A 
B 
STERILIZATION OPERATIONS (INTEGRATION/SUPPORT) A B 
PRODUCT 
ASSURANCE 
A 
B 
TEST AND 
OPERATIONS 
A 
B 
OPERATIONAL SUPPORT 
EQUIPMENT 
A 
B 
SUBSYSTEM ASSEMBLY 
AND INTEGRATION A B 
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 ENTRY PROBE PROGRAM TASK COMPARISON 
- COST/PAYLOAD OPTION
 
Table 6.3 
"A" and "B" Entry Probe Task Comparisons 
Program Management No difference 
Systems Engineering and Integration Increased design, analysis, 
integration and test 
Mission Operati6ns Systems No difference 
Tracking and Data Systems No difference 
Launch Vehicle System No difference 
Launch Operations System No difference 
Sterilization Operations No difference 
Product Assurance Increased hardware handling 
and test analysis 
Test and Operations Increased scope of systems, 
quality and integration 
test operation 
Operational Support Equipment Larger size system plus 
increased test equipment 
support 
Subsystem Assembly and Integration More complex subsystems to 
assemble and integrate 
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Table 6.4 
"A" and "B" Entry Probe Subsystem Comparison
 
Radio No difference 
(transmitter GFE) 
Telemetry Increased data handling 
and storage requirement 
Programming Increased events and 
functions 
Propulsion Increased vehicle weigh 
requires higher impulse 
Power Added regulation and 
increased distribution 
Payload Container Larger volume and weight 
required for science instruments 
Canister Larger volume and weight 
of Entry Probe 
Mechanical Separation More separation functions and 
added weight and size to be 
separated 
Aeroshell Larger structure and increased 
entry heating environment 
Science More experiments to integrate 
Pyrotechnics More devices require S -&I 
and explosive functions 
Cabling Greater wiring and connections 
Thermal Control Large areas and more 
equipment 
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and playout requirements'. The more difficult set of entry conditions
 
are accommodated by use of advanced heat shield material concepts.
 
Specific science subsystem includes a three (3)-axis accelerometer,
 
two (2) temperature transducers, two (2) pressure transducers, mass
 
spectrometer, acoustic densitometer, beta densitometer, visual photo­
meter and impact detector.
 
6.6.3.2 Minimum Entry Probe
 
The Minimum Entry Probe science subsystem deletes the mass spectro­
meter, acoustic densitometer, beta densitometer, visual photometer
 
and impact detector plus reduces the associated data collection and
 
playout requirements. Reduced heat shield requirements are also
 
included due to the lower entry velocities and low M/CDA of the probe.
 
6.6.4 Expenditure Plan
 
The yearly expenditure requirements for the entry and flyby probes 
are shown in Fkgures 6.8 and 6.9. The entry probe expenditures shown 
do- not inlcude science, battery or transmitter costs. The maximun 
yearly expenditure occurs in FY 19,1, 15 million on the entry probe 
and 20 million on the flyby probe. 
6.7 Cost Effectiveness for Alternate Approaches
 
6.7.1 Effectiveness Criteria
 
The criteria used in evaluation of the system effectiveness of the 
baseline and alternate missions are: 
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1. Achievement of mission objectives
 
2. Availability
 
3. Dependability
 
The configurations are rated on their capability for achieving the
 
mission science objectives. Availability and dependability factors
 
relate schedule implications and engineering complexity of the con­
figurations to the total system effectiveness.
 
Achievement of the mission objectives is directly related to the mission
 
value results given in Section 2.4.2. Normalizing the mission values
 
for alternate missions (refer to Tables 2.9, 2.10, 2.11) with those for
 
the baseline, i.e., Best RF Occultation Probe Mission, yields the
 
results shown below:
 
Mission Normalized Mission Value 
Best PF Occultation Probe Mission 1.00 
Minimum Flyby/Entry Probe Mission 0.67 
Best Entry Probe Mission 0.91 
The schedule analysis indicates that the Best RF Occultation Probe
 
Mission is more difficult due to the higher entry velocities for this
 
mission and poses a more difficult heat shield development problem.
 
The schedule shows ample time for the development of any of the missions
 
provided a FY 69 start is made for heat shield material testing.
 
Although the missions having the lower entry velocity are felt to have
 
an edge in mission effectiveness from the viewpoint of schedule, no
 
quantification of these effects is given. One should of course bear
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Table 6.5
 
Summary of Major System Differences for Alternate Missions
 
Best RF Occultation Probe Mission 

Early Arrival 

High Va ( 6.7 km/sec) 
o 20 day launch period (2 launches) 

Oo 
Entry Probe Science - Baseline 

Flyby Probe Science - Baseline 

(JPL 161-01 including magnetometer 

and trapped radiation cruise 

science) 

Flyby Probe Configuration 

- Scan Platform 

- Two low gain antennas 

- Articulated high gain antenna 

Minimum Flyby/Entry Probe Mission
 
Alternate No. 1 Flyby Probe [ Alternate No. 2 Flyby Probe 
Minimum Entry Probe Minimum Entry Probe 
Late Arrival
 
Reduced V. (-,4.3 km/sec)
 
12 day launch period (1 or 2 launches)
 
Entry Probe Science - Alternate
 
Flyby Probe Science - Flyby Probe Science ­
reduced (delete trapped minimum (include wide
 
radiation and magneto- angle TV)
 
meter)
 
Flyby Probe Configuration Flyby Probe Configuration
 
- No Scan Platform - No Scan Platform
 
- One Low Gain Antenna - One Low Gain Antenna
 
- Fixed High Gain Antenna - Fixed High Gain Antenna
 
Magnetic Cleanliness Required on Reduced Magnetic Cleanliness
 
EP and FP Required on EP and FP
 
in mind the scheduling problem when evaluating the cost effectiveness
 
results.
 
The aspect of dependability, or reliability, favors the simpler Minimum
 
Flyby/Entry Probe Mission and Best Entry Probe Mission. 
The major
 
system differences are summarized in Table 6.5, wherein the lesser
 
complexity of the Minimum Flyby/Entry Probe Mission is apparent. Here
 
again, no quantification of the effect of system complexity on the overall
 
mission effectiveness is presented, but this aspect of mission selection
 
must be borne in mind when evaluating the overall mission effectiveness.
 
6.7.2 Cost Effectiveness Summary
 
The overall cost and system effectiveness results are summarized in
 
Table 6.6. 
Included in Table 6.6 are several additional configurational
 
alternatives for which mission value calculations were performea as
 
described in Section 2.4. 
The normalized measure of cost effectiveness
 
is the normalized cost (mission cost divided by Best RF Occultation
 
Probe Mission cost) divided by the normalized mission effectiveness.
 
The results shown in Table 6.6 indicates that the Best RF Occultation
 
Probe Mission is the most effective mission. Contained within the
 
results of Table 6.6 is the trend of mission effectiveness with cost.
 
The variation of mission cost and effectiveness is further illustrated
 
by plotting the results of Table 6.6 in bar graph form in Figure 6.10.
 
From the cost effectiveness trends in Figure 6.10, it can be seen that
 
the cost differences are relatively small for a wide range of effective­
ness,buta large cost reduction appear possible if a truly austere
 
high risk single launch mission were to be attempted.
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Table 6.6
 
Cost Effectiveness Comparison
 
EP & FP Normalized Normalized
 
Systems Mission Cost/Mission
 
Missions Cost - M$ Effectiveness Effectiveness
 
(M)
 
1. 	Best RF Occultation Probe 98.812 1.00 1.00
 
Mission (Baseline Entry Probe
 
and Baseline Flyby Probe)
 
2. 	Best Entry Probe Mission * 94372 0.91 1.05 
(Alternate No. 1 Flyby Probe) 80.791 0.90 
3. 	 Best Entry Probe Mission * 90.812 0.77 1.20 
(Alternate No. 2 Flyby Probe) 77.651 1.02 
4. 	Flyby/Entry Probe Mission 86.062 0.67 1.30
 
(Minimum Entry Probe and
 
Alternate No. 1 Flyby Probe) 72.851 1.10
 
5. 	 Flyby/Entry Probe Mission 82.502 0.62 1.35 
(Minimum Entry Probe and 
Alternate No. 2 Flyby Probe) 69.711 1.14 
Entry probe costs for the Best RF Occultation Probe Mission and
 
Best Entry Probe Mission are assumed identical.
 
1 	 One launch
 
2 	 Two launches 
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Figure 6.10 ALTERNATE MISSION COST AND EFFECTIVENESS 
On the basis of cost effectiveness a single launch (high risk) Best
 
Entry Probe Mission with an Alternative No. 1 is superior. The effect
 
of mission risk on the effectiveness must be considered as a two-launch
 
mission has a more favorable risk factor. The mission risk analysis
 
(Ref. Section 2.5.2) shows a 10 percent risk for the two-launch mission
 
.versus a 30 percent risk for the single launch mission. The risk diffe
 
ences are felt to be pessimistic as the recent Mariner V and Venera 4
 
missions were both successful and both have provided additional
 
information regarding the problems of Venus entry and direct link
 
communications.
 
Under the philosophy of a two-launch mission both launches must occur
 
prior to the critical separation and entry phases which occur late in
 
the mission and as both entry probes are direct link, they both are
 
targeted for the same point; hence, if both work, one only reinforces
 
the results already obtained. It therefore appears that due to the
 
targeting inflexibility with the direct link, two launches are not as
 
effective as they might be if they could be targeted for alternative
 
sites. The cost difference between one or two launches for the Best
 
Entry Probe Mission is 13.6 million plus an additional increment of
 
10 million for one vs. two Atlas/Centaur vehicles. For the single
 
launch mission, additional funding in the area of reliability, test,
 
and quality control could improve the mission risk.
 
In conclusion, the recommended mission is the Best Entry Probe Mission
 
with the Alternate No. 1 flyby probe configuration. Considering the
 
single launch successes to date in the Mariner program, and the limited
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funding projected for planetary exploration, a single launch mission
 
appears most attractive.
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APPENDIX I
 
STATEMENT OF WORK 
Contract No. 951964
 
APPENDIX I
 
STATEMENT OF WORK
 
ARTICLE 1. STATEMENT OF WORK
 
(a) 	The Contractor shall conduct a study on the definition of a flyby space­
craft/entry probe system combination, for the 1972-launch opportunity,
 
(with potential application to the 1973 launch opportunity), capable of
 
accomplishing the science measurements of the attached Document 161-01,
 
Exhibit No. 1, within the capability limits of the Atlas/Centaur SLV-3C
 
launch vehicle. The results of the study should be of sufficient depth
 
to permit mission and spacecraft system and subsystem definition and
 
evaluation of program and technology requirements.
 
rhe general areas of effort to accomplish the above objectives are:
 
(1) 	Synthesis of a capsule system design, based on capsule instru­
mentation specified in JPL TM 33-282, consistent with sterilization
 
and entry requirements. The capsule system is not required to
 
survive Venus surface impact.'
 
(2) 'Synthesis of a spacecraft flyby system design based on the Venus
 
baseline science measurements given in JPL Document 161-01 and
 
compatible with the capsule system interface requirements. The
 
spacecraft flyby system shall be based where practical on Mariner
 
Mars '69 project concepts and functional designs as defined in
 
Mariner Mars '69 Functional Requirements.
 
(3) 	Evaluation of spacecraft mechanization effects of alternate science
 
payloads based on JPL TM 33-282, decreasing the allowable weight
 
and complexity to a reasonable minimum and increasing the allowable
 
weight and complexity to utilize the full capability of the launch
 
vehicle.
 
(4) 	Development of technology and program requirements, and estimates
 
of mission effectiveness, of the baseline system compared with the
 
alternatives of Item (a)(3)above, for the 1972 launch opportunity.
 
(b) 	In the performance of this effort the Contractor shall:
 
(1) 	Define the interplanetary, planetary flyby and planetary entry
 
trajectories, consistent with mission scientific requirements,
 
including but not necessarily limited to the following consid­
erations:
 
I-'
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(i) 	Definition of approach.trajectories (capsule deflection mode,
 
not spacecraft deflection) for a capsule and flyby spacecraft
 
compatible with a relay telecommunication link and/or a direct
 
telecommunication link to Earth.
 
Definition of capsule entry and descent trajectory parameters
 
affecting capsule design shall be traded-off to determine
 
the most desirable entry conditions for the capsule mission
 
(e.g., Aerodynamic heating and deceleration as a function
 
of entry path angle; telecommunication geometry, etc.).
 
(A) 	The atmospheric models defined in NASA SP 3016, extended
 
to a range of 4-50 Earth atmospheres surface pressure,
 
shall establish the range over which capsule analysis
 
shall be made. The atmospheric parameters range for
 
which the capsule system shall be capable of accomplishing
 
mission requirements shall be determined by tradeoff of
 
subsystem design penalties and the most probable ranges
 
of parameters. Final selection of the baseline range
 
for the capsule system design shall be reviewed and
 
approved by JPL.
 
(B) 	Insure deceleration of the capsule to subsonic velocity
 
at an altitude and time before impact compatible with
 
science measurement and data transmission requirements.
 
(iii) 	Definition of Venus flyby geometry information (e.g., distance
 
of closest approach, relationship to terminator, Earth occul­
tation, etc.) to mechanize,flyby science measurements of
 
JPL Document 161-01.
 
(iv) 	Definition of interplanetary transfer trajectories (consistent
 
with launch vehicle constraints) and mission requirements
 
(e.g., items (b)(1)(i) through (b)-(l)(iii), and consistent with
 
the planetary quarantine criterion that there be less than a
 
10- probability of contaminating Venus with a survivable organi
 
(2) 	Define spacecraft/capsule system and subsystem reliability requirements,
 
consistent with mission lifetime and operational sequence requirements, 
- including the following: 
(i) 	Development of representative reliability goals for the
 
major phases of the mission. Results shall be submitted
 
to JPL for review and approval.
 
(ii) 	 Estimates of part and/or subsystem failure rate allocations
 
consistent with item (b)(2)(i) above and the projected state­
of-the-art (Hi-Rel programs). For this study, these items do
 
not imply the development of detailed prediction models and
 
parts count analysis.
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(iii) 	Evaluation of system and subsystem functional reliability
 
requirements by preliminary failure mode, effect, and
 
criticality analysis for spacecraft and capsule operations.
 
The objectives and intent of this analysis are specified in
 
Section 3.4 of NASA NPC 250-1.
 
(iv) 	Specification of mission and system considerations resulting
 
in greatest relative reliability for given alternatives and
 
tradeoffs.
 
(3) 	Define a capsule system consistent with the capsule instrumentation
 
specified in JPL TM 33-282. The capsule system is not required to
 
survive impact. Results and conclusions shall be documented by
 
system and subsystem functional descriptions and block diagrams,
 
operational sequences, configuration drawings and weight and power
 
summaries. Definition of the system shall include but not necesbarily
 
be limited to the following:
 
(i) 	Definition of the data system design based on mission require­
ments, including tradeoff between a relay telecommunication
 
link with the flyby spacecraft and direct transmission of
 
data to Earth.
 
(ii) 	 Design mechanization of science instrument sampling and/or
 
data gathering including physical arrangement of instruments,
 
ducting and/or sensor exposure required, and possible deploy­
ment from or ejection of the heat shield to obtain meaningful
 
measurements of the Venus environment.
 
iii) 	 Definition of design and technological implications of
 
capsule sterilization to the criteria established in
 
Section (b)(6)(v).
 
(iv) 	Definition of qualitative design considerations to-achieve
 
reliability goals developed in Item (b)(2).
 
(v) 	Definition.of capsule engineering subsystems requirements 
and system configuration (e.g., attitude control, heat 
- shield) to achieve the entry and descent conditions 
consistent with scientific objectives, based on analyses
 
specified in Item (b)(1).
 
(vi) 	 Evaluation of major technology developments necessary for
 
the capsule system.
 
(4) 	Define a flyby spacecraft system consistent with the interplanetary
 
and flyby science instrumentation specified in JPL Document 161-01.
 
Spacecraft system design shall be based on Mariner 1969 project
 
concepts as defined in the JPL Mariner '69 Project Functional Require­
ments. Results and conclusions shall be documented by system and
 
subsystem functional descriptions and block diagrams, operational
 
sequences, configuration drawings and weight and power summaries.
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Definition of the system shall include but not necessarily be
 
limited to the following:
 
(i) 	Design mechanization of planetary encounter operations
 
including planetary scan requirements and planetary science
 
instrumentation based on the trajectory analyses of Item (b) 1
 
(ii) 	 Definition of the telecommunication system mechanization
 
(including antenna pointing requirements) based on inter­
planetary, planetary encounter and capsule relay link (if
 
required) data requirements.
 
(iMi) 	 Definition of spacecraft orbit determination, trajectory
 
correction and capsule injection requirements (including
 
accuracy requirements) to achieve spacecraft flyby and capsule
 
entry conditions consistent with mission (e.g., sterilization)
 
and scientific requirements.
 
(iv) Definition of the flyby spacecraft engineering subsystems
 
requirements (e.g., attitude control, structure, thermal
 
control, power and sequencing subsystems) consistent with
 
capsule interface, scientific and subsystem requirements
 
specified in Items (b)(4)(i) through (b)(4)(iii).
 
(v) 	Qualitative design considerations to achieve reliability
 
goals developed in Item (b) 2.
 
(vi) 	 Synthesis of a spacecraft system configuration, based on
 
overall system,subsystem, and interface requirements.
 
(vii) 	Evaluation of the effect onthe flyby spacecraft design
 
and/or mission operations to comply with'the planetary
 
quarantine policy that there be less than 10- probability
 
of contaminating Venus with a survivable organism.
 
(viii) 	 Evaluation of major technology developments necessary for
 
the flyby spacecraft system.
 
(5) 	Provide information necessary for evaluation of program requirements.
 
This information shall include but not necessarily be limited to:
 
(i) 	Estimated schedule for accomplishment of the above described
 
project with launch of two (2) spacecraft during the 1972
 
Venus opportunity.
 
(ii) 	 Estimated costs to accomplish this project (exclusive of
 
launching vehicles and DSN operation) including spacecraft
 
and facilities development, testing, flight operations,
 
project management, flight equipment, and sufficient spares.
 
The cost evaluation shall be broken down to .at least the
 
major subsystem level.
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(iii) 	 Major variations in schedule and cost which may be peculiar
 
to alternate system concepts (e.g., reduced or increased
 
science objectives).
 
(6) 	Observe the following constraints:
 
(i) 	Mission accomplishment shall be during the 1972 launch
 
opportunity, with analysis of the resulting system design
 
applicability to the 1973 mission opportunity. System state­
of-the-art will be as of January, 1969, and for this study
 
should be based on Mariner 1969 Project Concepts as defined
 
in JPL Mariner '69 Functional Requirements.
 
(ii) Spacecraft requirements shall be compatible with the Deep
 
Space Net (DSN) capability as described in EPD 283.
 
(iii) 	 Launch energy requirements shall be based upon use of an
 
Atlas/Centaur SLV-3C. The vehicle capability assumed for
 
this study shall be defined by JPL-supplied information.
 
(iv) 	Program planning shall be based on two (2) launches in the
 
1972 opportunity.
 
(v) 	Capsule operations shall be consistent with NASA planetary
 
quarantine policy specified in NASA Management Manual 4-4-1,
 
"NASA Unmanned Spacecraft Decontamination Policy," September,
 
1963, which for purposes of this study, requires the follow­
ing:
 
(A) 	The lander will be assembled in "clean rooms" at specifit
 
levels of assembly.
 
(B) 	All hardware included in a planetary lander must be
 
capable of withstanding both heat sterilization and
 
ethylene oxide (ETO) exposure. These environments are
 
defined in "Compatibility Test for Planetary Dry Heat
 
Sterilization," JPL Environmental Test GMO-50198-ETS-A,
 
September, 1964.
 
(C) 	The landing assembly will be-enclosed in a bacteriologica
 
barrier to maintain cleanliness and sterility. After
 
decontamination, the enclosure will not be opened within
 
any portion of the Earth's atmosphere which might re­
contaminate the landing assembly.
 
(vi) 	Trajectory-related constants shall be as defined in JPL TR
 
No. 32-604 dated 6 March 1964 and any subsequent addenda
 
specified by JPL.
 
(7) 	Utilize the following information:
 
(i) 	EPD 283, "System Compatibility and Development Schedule of
 
the Deep Space Net."
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(ii) Atlas/Centaur launch vehicle performance information.
 
(iii) 	JPL generated trajectory data (tabulated) for the 1972 and
 
1973 launch opportunities for Venus flyby missions. This
 
does not include capsule approach trajectory information.
 
(iv) JPL TM 33-282, Revision 1, "Venus: Preliminary Science
 
Objectives and Experiments for Use in Advanced Mission
 
Studies, " August 1, 1966.
 
(v) 	JPL Specification No. X SO-30275TST-A, "Compatibility Test
 
for Planetary Dry Heat Sterilization Requirements," dated
 
May 24, 1964.
 
(vi) 	JPL Specification No. GMO-50198-ETS-A, "Compatibility Tests
 
for Ethylene Oxide Decontamination Requirements," dated
 
September 3, 1964.
 
(vii) 	NASA NPC 250-1, "Reliability Program Provisions for Space
 
System Contractors," Section 3.4.
 
viii) 	NASA SP-3016, "Venus and Mars Nominal Natural Environment
 
for Advanced Manned Planetary Mission Programs," 1965.
 
(ix) 	JPL Mariner '69 Functional Requirements.
 
(x) 	Mariner '69 Mission Plan and Requirements.
 
(xi) 	 JPL Document 161-01, "Venus Flyby/Entry Probe Mission
 
Baseline Science Instruments."
 
(8) 	Provide the following reports and documentation:
 
(i) 	One (I) reproducible and twenty-ftve (25) print copies of a
 
Monthly Technical Progress Letter Report which shall include
 
but not necessarily be limited to the following:
 
(A) 	The detailed technical progress made during the reporting
 
period.
 
(B) 	A brief discussion of technical problems encountered
 
and their solution.
 
(C) 	A brief review of the detailed program for the ensuing
 
month.
 
(D) 	An evaluation of conditions which may affect completion
 
of the study Contract.
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(ii) 	 One (1) reproducible and six (6) print copies of a Monthly
 
Financial Report which shall include but not necessarily
 
be limited to the following:
 
(A) 	Cost reports JPL Form No. 0330 (July, 1962).
 
(B) A graphic presentation indicating rate of actual
 
expenditures and projected expenditures to completion
 
of Contract.
 
(iii) 	 One (1) reproducible and twenty-five (25) print copies of
 
an Interim Technical Progress Report which shall include
 
but not necessarily be limited to the following:
 
(A) A summary of the detailed technical progress made
 
during the reporting period.
 
(B) A summary of technical problems encountered and their
 
resolution.
 
(C) A summary evaluation of conditions which may affect
 
timely completion of the study effort.
 
(iv) 	A Midterm Oral Presentation at JPL to include but not
 
necessarily be limited to the progress of the work performed
 
during the reporting period. The Contractor's key personnel
 
on this study shall be present at this Midterm presentation.
 
(v) 	One (1) reproducible and seventy-five (75) print copies of
 
a Final Summary Technical Report covering all effort
 
accomplished in the performance of the Contract. The
 
report shall be presented in the following general format:
 
(A) 	Definition of task.
 
(B) 	Definition of terms.
 
(C) 	Assumptions and constraints.
 
(D) 	Method of approach.
 
(E) 	Results and conclusions.
 
(vi) 	A Final Oral Presentation at JPL to include but not necessarily
 
be limited to the results of all work performed under this
 
Contract. Twenty-five (25) copies of the slide material
 
shall be delivered to JPL one (1) week before the presentation.
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(9) 	A technical meeting between the Contractor and JPL shall be held
 
at Contractor's facility two (2) weeks after date of Contract, at
 
which time the Contractor shall present a detailed study plan.
 
(10) At the request of either JPL or the Cbntractor, informal discussions
 
shall be held at Contractor's facility to review the progress of the
 
study, or any other matter pertinent thereto.
 
(c) 	The Jet Propulsion Laboratory will furnish to the Contractor, within
 
five (5) calendar days after date of Contract, the data shown under
 
paragraph (b)(7). A bibliography of relative study information and
 
reports (e.g., Ames/Avco Capsule Study, etc.) will be compiled for
 
supplemental information and will be supplied when available.
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EXHIBIT NO. I
 
Document 161-01
 
Venus Flyby/Entry Probe Mission
 
Baseline Science Instruments
 
The instruments listed in this table comprise the baseline payloads for which the
 
capsule and spacecraft shall be mechanized. The instrument selections are taken
 
from the Mariner '69 project science payload with alterations 'required due to
 
the significant difference in conditions at Venus from those at Mars. Consistent
 
with the Mariner '69 project philosophy and the fact of a previous mission to
 
Venus, the baseline mechanizations will not provide for interplanetary (cruise)
 
science measurements.
 
The instrument descriptions and the discussion of mechanization requirements and
 
the type of information to be obtained are given in JPL TM 33-282, revision 1,
 
and/or the Mariner '69 project Functional Requirements. Where conflicts in
 
information exist, the Marinei '69 Functional Requirements take precedence.
 
A. Capsule Instruments
 
As 	shown in Table A-3 of JPL TM 33-282, Revision 1.
 
B. Spacecraft Planetary Instruments 
*Microwave Spectrometer 
(Combined Atmospheric Sensor and Surface 
Imager) 
50# 
**Magnetometer 7.2 
**Trapped Radiation Detectors 2.6 
RF Occultation (Since this measurement 
constrains the near planet trajectory, its 
mechanization is conditioned upon tradeoff 
with other important factors.) 
Ultraviolet Spectrometer 30 
Infrared Spectrometer 25 
Infrared Radiometer 5 
* 	 This instrument is substituted for the television instruments because of 
the Venus application. ­
** 	 Not included on Mariner Mars '69 - these instruments are being flown on 
Mariner/Venus '67. 
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